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Preface
The Space Programs Summary is a bimonthly publication that presents a review
of engineering and scientific work performed, or managed, by the Jet Propulsion
Laboratory for the National Aeronautics and Space Administration during a two-
month period. Beginning with the 87-47 series, the Space Programs Summary is
composed of four volumes:
Vol. I. Flight Projects (Unclassified)
Vol. II. The Deep Space Network (Unclassified)
Vol. III. Supporting Research and Advanced Development (Unclassified)
Vol. IV. Flight Proiects and Supporting Research and Advanced
Development (Confidential)
Approved by:
W. H. Pickering, Director
Jet Propulsion Laboratory
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I. Mariner Venus 67 and Mariner IV Projects
PLANETARY-INTERPLANETARY PROGRAM
A. Introduction
The primary objective of the Mariner Venus 67 project,
authorized in December 1965, was to conduct a flyby
mission to Venus in 1967 to obtain scientific information
to complement and extend the Mariner II results relevant
to determining the origin and nature of Venus and its
environment. Secondary objectives were to acquire engi-
neering experience in converting and operating a space-
craft designed for flight to Mars into one flown to Venus,
and to obtain information on the interplanetary environ-
ment during a period of increasing solar activity.
The single flight spacecraft, prepared by converting the
Mariner Mars 1964 flight spare, was launched June 14,
1967, by an Atlas/Agena D launch vehicle, and encoun-
tered the planet on October 19, 1967, with a closest ap-
proach distance of 2543 m. Launch was conducted from
the Air Force Eastern Test Range, at Cape Kennedy, and
was supported, in addition, by elements of the Manned
Space Flight Network; space flight operations were sup-
ported by the Deep Space Network.
Concurrently with the preparation and conduct of the
Mariner V mission to Venus, the same technical elements
conducted the continued operation of the Mariner IV
spacecraft after conclusion of the Mars mission in October
1965. Periodic telecommunications and tracking activities
of a largely experimental nature were carried out by the
Deep Space Network in the ensuing 17 mo; normal oper-
ational activities commenced March 1, 1967. Scientific
data were taken, particularly when the geometry of
Mariner IV, the earth, Mariner V, and the sun was of in-
terest; in addition, a number of engineering exercises,
tests, and experiments were conducted. These activities
were performed in fulfillment of project objectives, to
wit: (1) To obtain scientific information on the inter-
planetary environment in a region of space further from
the sun than the orbit of earth during a period of in-
creasing solar activity in 1967, using the Mariner IV space-
craft. (2) To obtain additional engineering knowledge
about the consequences of extended exposure of space-
craft equipment in the interplanetary space environment
and to acquire experience in the operation of a planetary
spacecraft after a prolonged lifetime in deep space.
The Mariner V spacecraft was conditioned for long-
term cruise on November 21, 1967, and operations were
suspended shortly afterward. Mariner V may be reac-
quired in late July 1968, when the geometry will again
permit telecommunications and tracking contact. Mariner
JPL SPACE PROGRAMS SUMMARY 37-50, VOL. I 1
IV depleted its attitude control gas December 7, 1967,
and, although the spacecraft assumed an apparently
stable mode, its nutation, as a result of a severe cosmic
dust storm, was such as to preclude effective communica-
tions. Operations were terminated December 20, when
the flight was more than 3 yr old. Thus flight operations
had ceased for the two missions by January 1968.
During January and February 1968, the project activi-
ties consisted of (1) postflight analysis of engineering
telemetry from the two spacecraft, (2) analysis and cor-
relation of the science data acquired during the Mariner V
flight mission, and those data obtained from the reac-
quired Mariner IV, and (3) the continued effort to docu-
ment and report the missions. The scientific experiments
conducted by Mariner V are listed in Table 1.
Table 1. Mariner Venus 67 scientific complement
Experiment
S-band radio occultation
Ultraviolet photometer
Dual-frequency radio
propagation
Helium magnetometer
Solar plasma
Trapped radiation
Celestial mechanics
Principal investigator
Arvydas J. Kliore,
Jet Propulsion Laboratory
Charles A. Barth,
University of Colorado
Von R. Eshleman,
Stanford University
Edward J. Smith,
Jet Propulsion Laboratory
Herbert S. Bridge,
Massachusetts Institute
of Technology
James A. Van Allen,
State University of Iowa
John D. Anderson,
Jet Propulsion Laboratory
Some of the postflight engineering analyses conducted
during January and February 1968 are summarized in
this SPS, which will be the last issue covering these
projects. The total reporting of the Mariner IV reacquisi-
tion and the Mariner V mission will encompass NASA and
JPL formal documents and, in the case of scientific work
based on flight data, also the technical open literature.
The majority of the nonflight residual hardware--in-
cluding spacecraft operational support equipment, the
spacecraft test complex data system, and the read-write-
verify ground command equipments--were transferred
to the Mariner Mars 1969 project by the end of February
1968.
B. Guidance and Control
1. Mariner Spacecraft Power: Encounter to End of
Mission Performance
Operation of the Mariner V power subsystem from
Venus encounter to the end of the mission was com-
pletely nominal, as it was during the earlier part of the
mission. The launch, midcourse maneuver and cruise
phases of power subsystem operation were reported in ,,
SPS 37-48, Vol. I, pp. 3-4.
The solar panel performance was as predicted with a
continuation of the decrease in output voltage as the
spacecraft continued toward the sun. The solar panel
voltage, after the zener diodes were off, decreased at an
average rate of i DN (_ 0.2 V)/2 days. The power switch
and logic voltage (solar panel voltage minus a diode
drop) was 43 V at encounter and 39 V at the end of
mission, 35 days later. A review of the flight data indi-
cated that some degradation had apparently occurred to
the solar panels, but that it was small, probably less
than 5%.
The battery charger was turned on after completion
of the second tape playback to fully charge and verify
the condition of the battery. The condition of the battery
between charger turn-off after the midcourse maneuver
and planet encounter had been predicted to be good,
but this prediction was based solely on the open circuit
terminal voltage, which had not changed. The good con-
dition of the battery was initially verified to be good at
charger turn-on when the battery voltage (34.45 V) and
charger current (10 mA) were determined to be the same
as at charger turn-off after the maneuver. The battery
condition was further verified after 84 h of charging when
an additional 0.2 A-h were placed in the battery with no
anomalies in voltage or current. The battery voltage at
the end of mission was steady at a normal value of 33.4 V,
with the charger off.
The power conditioning equipment functioned prop-
erly through the planet encounter sequence, responding
to each command. The DC-V25 ground command was
used in lieu of allowing the onboard MT-7 command
from the central computer and sequencer to start the
encounter sequence. The execution of this command in
the power subsystem was verified by the increase in power
from the nominal cruise level of 177 W to the tape
recorder on-standby level of 184 W. No other commands
were acted upon in the power subsystem until the tape
recorder was turned off and the battery charger on after
the second tape playback. However, the effect of other
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commands was noted in the power levels of the power
subsystem during the encounter periods when engineer-
ing data was available. These changes in power level
aided in verifying the proper operation of the spacecraft
subsystems through the encounter.
The power subsystem operation was verified daily from
the data until the end of mission on November 21, 1967.
The solar panel voltage predicted for perihelion was
34.3 V, and the predicted temperature was 322°F. Unfor-
tunately, the earth-spacecraft geometry and distance did
not allow acquisition of spacecraft data during perihelion
on January 4, 1968. Since the power switch and logic
voltage was expected to be close to the battery open
circuit voltage, it was uncertain whether sharing would
occur. If it did, it would probably deplete the battery,
since the share-mode booster cannot provide enough
power to raise the primary system voltage to the upper
switch point of the booster sensor (88.5 V). Sharing can
probably be verified, if it occurred, when Mariner V is
reacquired in August or September 1968. At that time, it
should be possible to recharge the battery. All other
power subsystem operation is expected to be nominal at
spacecraft reacquisition.
2. Spacecraft Control Subsystems
a. Mariner V.
Attitude control subsystem. The Mariner V attitude
control subsystem has continued to perform normally
during the interplanetary cruise, planetary encounter and
postencounter cruise phases of the Mariner Venus 67
mission. Long-term consumption of the attitude control
gas is at a lower rate than that of Mariner IV, and at the
termination of tracking, on November 21, 1967, was
0.00246 lb/day. Total gas usage during the mission was
0.407 lb of Nz, and if the consumption rate given is
assumed constant, attitude control gas depletion will
occur in October, 1973. The attitude control cruise param-
eters are given in Table 2.
Table 2. Attitude control cruise parameters
Axis
Limit cycle
magnitude,
mrad
Pitch q-7.5 and --7.7
Yaw -I-8.4 and --8.7
Roll -I-6.5 and --3.2
Limit cycle rate
increment,
/zrad/s
-}-18 and --19
q-18and --18
q-18 and --17
Apparent
external torques,
dyn-cm
-f- 1.0 to _ 6.0
--9.0
0 to --6
The roll limit cycle is slightly offset by a null offset in
the roll control element, the Canopus sensor.
During the flight of Mariner IV, a recurring problem
was the intermittent loss of Canopus acquisition due to
Mariner IV's Canopus tracker apparently viewing some
bright particle (e.g., a dust particle, shaken loose from
the spacecraft in some manner, and illuminated by sun-
light). These particles caused an interruption of the
tracker's brightness gate, and the automatic optical acqui-
sition process was initiated by placing the spacecraft in
the roll search mode. For the purposes of the Mariner
Venus 67 mission, this brightness limitation was removed
from the Canopus sensor. This solution was evidently
adequate, because 22 such "roll transients" were observed
during the flight of Mariner V without a single loss of
Canopus acquisition. One particularly violent transient
was observed June 23, 1967, and is illustrated in Fig. 1,
where roll position and the intensity of the object in the
field-of-view of the Canopus sensor are plotted vs time.
To prepare for the planetary encounter phase of the
mission, a direct command (DC-V15) was transmitted to
the spacecraft to prevent the spacecraft gyros from com-
ing on and initiating a roll search in the event of loss of
Canopus acquisition during the encounter sequence. A
roll search during the actual encounter would be dis-
astrous in terms of the scientific experiments and could
destroy the scientific value of the encounter. Should
acquisition of Canopus be lost, the DC-V15 mode would
prevent the roll search and, in addition, would enable
the sensor to generate a roll error upon any object in its
field-of-view. If this object was not at too great an angle
from Canopus, the scientific value of the encounter would
be degraded but not destroyed.
The encounter sequence began with the transmission
of a DC-V25 command which preempted the central
computer and sequencer MT-7 command and turned on
the tape recorder and terminator sensor. A second com-
mand, DC-V24, preempted the central computer and
sequencer MT-8 command and began the data automa-
tion system encounter sequence, switching the telemetry
to mode 3 and energizing the planet sensor. Telemetry
mode 3 is an all-science data mode; and, therefore, no
information on the performance of the attitude control
subsystem for the planetary encounter is available. The
planet sensor was designed to start the data automation
system encounter clock B by sensing the limb of the
planet approximately 60 min before closest approach;
preliminary analysis indicated that for Mariner V's tra-
jectory, planet sensor output would occur at 66.5 _1 rain
before encounter. Planet sensor output was observed in
the science data at 16:33:57 GMT, at E -66 min.
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Fig. 1. Mariner V roll transient June 23, 1967
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The terminator sensor was designed to signal the pyro-
technics subsystem to initiate the high-gain antenna point-
ing angle change during the S-band occultation portion
of the encounter. Preliminary analysis indicated that the
terminator sensor output would occur 7.5 min after closest
approach, approximately 2 min before the estimated time
of center-of-occultation. When the spacecraft exited oc-
cultation, antenna pointing angle change had occurred,
._ indicating that terminator sensor output had also oc-
curred. Data on the time of terminator sensor output
were not available until playback of the science data; at
that time, it was determined that the terminator sensor
;" output had occurred at 17:42:25 GMT, 7.5 min after
closest approach.
The first engineering data available after encounter, at
18:48:18 GMT, showed that the attitude control subsys-
tem was still functioning normally, with the sun and
Canopus still acquired. It is concluded, therefore, that
the system did perform properly during the encounter
phase.
During the postencounter cruise portion of the mission,
the roll axis was returned to normal optical control with
the transmission of a DC-V19 command on October 26,
1967. Three roll searches were performed on November 7
to aid in the analysis of the performance of the ultra-
violet photometer, and a second midcourse maneuver
sequence was performed November 19 for the same rea-
son (the engine was not fired during this sequence;
Mariner V is capable of one more actual midcourse
maneuver). The spacecraft was conditioned for long-term
cruise on November 21 with the transmission of another
DC-V15 command to prevent the spacecraft gyros from
coming on when Canopus leaves the sensors cone angle
field-of-view. A DC-V12 was also transmitted to switch
communications to the low-gain antenna, and active track-
ing was terminated. Mariner V will again come within
communications range in the latter half of 1968, and the
effects of perihelion (at a distance of 0.58 AU) will be
evaluated then.
Trajectory correction maneuver anomaly investigation.
Mariner V's mideourse maneuver was anomalous in
that the velocity increment achieved was 4.56% less than
the velocity increment commanded, although the com-
manded turns were quite accurate. Table 3 lists the sig-
nificant maneuver parameters.
Analysis of the performance of the post-injection
propulsion subsystem showed that it had performed
within acceptable limits, i.e., that the start characteristics,
Table 3. Midcourse maneuver parameters
Parameter Required Commanded Achieved Error"
Pitch turn, deg
Roll turn, deg
Velocity
increment,
m/s
+55.3503
+71.0248
16.127
+55.267
+70.946
+55.18
+ 70.93
15.932
0.2=
O.04a
6=
aln terms of standard deviation.
thrust level and burn duration were not sufficiently dif-
ferent from the predicted performance to account for the
observed degradation. Concurrently, the autopilot's per-
formance was being analyzed. The autopilot controls
four jet vanes in the exhaust of the engine, and maintains
spacecraft stability and pointing accuracy. However,
there is no direct telemetry on the vane position, so an
estimate of autopilot performance must be derived from
the gyro outputs. When an initial attempt to fit the
observed gyro outputs during the maneuver to the auto-
pilot simulation failed, a simpler steady-state analysis
indicated that the autopilot could have been oscillating
during the engine burn. The effects of this oscillation were
to produce vane deflections that did not affect the point-
ing accuracy of the thrust vector, but did produce an
unexpected drag force, reducing the magnitude of the
vector. The drag force and the effects of the drag are
shown in Fig. 2 (due to the quantized nature of the telem-
etry, it is neccssary to specify a range of drag force, rather
than a discrete value, at each telemetry output obtained
during the engine burn). It is evident that the range of
5
4
2
I
o
CASE AVERAGE, Ib
WORST 3.392 (I.06 m/s)
BEST 1.4 (0.44 m/s)
NOMINAL 2.166(0.68m/s)
i 1
_- INITIAL CONDITIONS
o I 2
TELEMETRY OUTPUTS
Fig. 2. Jet vane drag
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velocity decrements associated with the drag forces
brackets the observed decrement, and that the nominal
0.68 rn/s is close to the observed 0.735 m/s.
Reexamination of the autopilot simulation for the
source of the anomaly disclosed that the only area not
possibly completely simulated was the stiction model of
the jet vane actuators and the aerodynamic interaction
between the vanes and the exhaust of the engine. In order
to validate the existing model or develop a new one,
several firings of a Mariner engine with the actuators
mounted and fully instrumented were scheduled. The first
firing was designed to gather data on the stiction model
of the actuators, and showed that model to be accurate.
The second through sixth firings were conducted with a
newly designed six-degree-of-freedom test stand, devel-
oped expressly for this program, that was able to measure
forces and moments in a three-dimensional coordinate
system to provide data on the interaction between the jet
vanes and the engine exhaust.
The second firing disclosed that there was an unex-
pected force produced that was a function of the square
of vane deflection angle. The force was normal to the
thrust vector and along the axis of the vane being ro-
tated, and the magnitude of the force was about 26%
of the drag force produced by the vane when the vane
was at its maximum deflection angle of 26 deg. The third
firing used the smaller Ranger vanes to determine if re-
duction in the size of the vane would reduce this side
force; however, the magnitude of the effect was approxi-
mately the same. The fourth firing used two Mariner
vanes to determine if the force was being developed on
the vane thermal shield, and the fifth firing used a single
unmodified Mariner vane for the same reason. These
firings revealed that the side force was relatively inde-
pendent of the vane thermal shield. The sixth and last
firing used a larger support ring (the ring the actuators
are mounted on). The test results showed the side force
to be reduced to about one-third of the previous values.
The conclusion was that a redesign of the ring could
reduce the side forces, but not eliminate them.
The autopilot simulation has been modified to include
the effects of this side force; however, the observed telem-
etry still cannot be exactly duplicated from the given
initial conditions. The obvious noncatastrophic failure
modes (e.g., a failed resistor in the autopilot mix matrix,
a failed actuator feedback potentiometer, an open actu-
ator winding) have been investigated without results, and
it appears that a subtle, nonsystematic failure in
Mariner V's autopilot combined with the side-force effect
to produce the trajectory correction maneuver anomaly.
b. Mariner IV. Flight operations with Mariner IV were
an integral part of the Mariner Venus 67 mission, and
evaluation of the performance of the spacecraft control
subsystems after over 2 yr continuous operation in space
provided valuable information on those subsystems. The
spacecraft was tracked on an intermittent basis until
March 1967, and on a weekly or daily basis from May to
December 1967. On October 5, 1967, the spacecraft gyros
were intentionally turned on for the first time in 21½
too, and the spacecraft was placed in the roll search
mode to permit the acquisition of the reference star
Canopus. The search and acquisition were completely
normal, and Canopus was acquired for the first time since
March, 1966. The a priori star map generated by the star
identification program, used as an aid in star and Canopus
identification during the roll search, predicted a sensor
response generally higher than observed during the
search. Analysis of the program showed that elimination
of the zodiaeial light model improved the correlation
between the telemetered response and the predicted re-
sponse. This valuable information will be used to update
the star identification program for future missions.
On October 6, 1967, Mariner IV was commanded to
turn, in a midcourse maneuver sequence, through a roll
angle of 84.8 deg (the midcourse motor was inhibited
from firing in the sequence). This turn brought the earth
into the pattern of the high-gain antenna, and a com-
mand was transmitted to the spacecraft to allow space-
craft telemetry to be transmitted using the high-gain
antenna, significantly improving the quality of the data.
The spacecraft was then placed in the roll inertial control
mode for the first use of this mode in a Mariner space-
craft. In this mode, spacecraft roll position and rate are
controlled by placing the roll gyro in a position-plus-rate
mode; spacecraft pitch and yaw rate is controlled by
derived rate feedback and the pitch and yaw gyros oper-
ating in their normal rate mode. Gyro drift becomes
important in this mode of operation because it appears
as a change in position of the spacecraft; it is therefore
necessary to know a priori the value of the gyro drift or
to have an independent method of determining the roll
position in order to be able to update, by ground com-
mand, the spacecraft's position to the desired orienta-
tion. Prelaunch calibrations, in 1964, have established the
roll gyro's drift rate as 0.042 deg/hr counterclockwise;
monitoring the signal strength of the telemetry as it
varied with the high-gain antenna pattern provided an
independent measure of the relative roll position of the
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spacecraft and established the actual drift rate as ap-
proximately 0.07 deg/hr counterclockwise. After opera-
tion for 6 days in this mode, three ground commands
were sent to update the spacecraft's position by 6.8 deg
clockwise, and on October 15, 1967 two more commands
rolled the spacecraft 4.5 deg clockwise. Based on the
antenna pattern information, the gyro drift rate was re-
vised to 0.048 deg/hr counterclockwise, indicating that
• the launch environment and the nearly 3-yr "storage" in
space had not significantly affected the spacecraft gyros.
The spacecraft position was updated once more, on
October 25, with another sequence of three ground com-
mands and on the next day, October 26, 1967, a mid-
course maneuver was performed.
Mariner IV was the first Mariner spacecraft to perform
a second midcourse maneuver. Commanded turns of
+ 1.93 deg in pitch and - 0.74 deg in roll were performed
to optimize the high-gain antenna pointing angle, and a
burn duration time of 69.98 s was selected in order to
provide a relatively long thrusting period for propulsion
subsystem and autopilot performance analysis. The per-
formance of the autopilot was normal, and its response
during the initial, transient phase of engine ignition cor-
rcsponded closely to its performance during Mariner IV's
initial midcourse maneuver on December 5, 1964. There
was no evidence of an anomaly of the type that occurred
during Mariner V's midcourse maneuver. The spacecraft
was returned to the roll inertial control mode at the ter-
mination of the maneuver sequence. On October 27, the
spacecraft was placed in the roll search mode and
Canopus was reacquired and the spacecraft gyros allowed
to turn off, after having been on for 304 hr of continuous
operation.
The roll inertial control mode was exercised one more
time, from November 5 to 14, in an effort to increase the
consumption of attitude control gas usage. On Novem-
ber 14 a total of thirty-one 2.27-deg clockwise and eight
2.27-deg counterclockwise incremental steps in position
were accomplished by ground command; the effect was
to deplete the N2 gas in a one-half-gas system, leaving
the spacecraft to operate for the first time on a single
half-gas system. The observed effect was an increase
of gas consumption from this system to maintain the
spacecraft limit cycling within the pitch, yaw and roll
deadbands.
On December 6, 1967, six commands were transmitted
to the spacecraft to update the Canopus sensor cone
angle so that Canopus would appear in the sensor field-
of-view when the spacecraft roll position was near 0 deg
in clock angle. However, the rapid change of stars in the
sensors field-of-view as the cone angle was changed
caused a large transient in the roll control channel, which
coupled into the pitch and yaw control channels. The
attitude control gas was depleted before these transients
had been removed, and Mariner IV began to roll uncon-
trolled at a rate of approximately 7.8 deg/min counter-
clockwise. The only source of attitude control available
to maintain sun-line orientation was the solar pressure
control subsystem.
Mariner IV's solar pressure control subsystem (the
"solar vanes") was originally designed to supplement
the attitude control subsystem in maintaining sun-line
control by placing the center-of-pressure of the spacecraft
(i.e., center-of-pressure to solar radiation and the "solar
wind") behind the center-of-mass. A secondary feature
of the vanes was that their position was incremented (in
0.01 deg steps) by the firing of the attitude control gas
jet valves, so that the vanes would tend to adapt to pre-
vent the limit cycle from being unsymmetrical, avoiding
the excessive gas jet operation and gas usage that would
result. The system suffered a partial failure during the
Mariner IV mission; one vane (the -Y vane) overde-
ployed at solar panel deployment, and one vane (the +Y
vane) was electrically locked in the deployed position
when the attitude control was initially turned on. Since
these vanes, ÷ Y and -Y, control the pitch axis, the pitch
limit cycle had been observed, during the mission, to
consistently stay on the counterclockwise side while the
yaw limit cycle was fairly symmetrical. However, when
tracking was resumed in May 1967 after a 2-mo hiatus,
the +Y vane was observed to be adapting and the pitch
limit cycle was noticeably more symmetrical than before.
Since it was also noticed that the spacecraft radio sub-
system was operating on the cavity power amplifier rather
than the traveling wave tube, the battery voltage had
decreased by 5.9 V, a data encoder deck skip had oc-
curred and event registers 1 and 2 each contained an
extra event, it was hypothesized that a power transient
had occurred that was severe enough in nature to mo-
mentarily turn-off the attitude control, and allow the solar
vane electronics to reset and thereafter operate normally.
When Mariner IV ran out of attitude control gas, the
only restoring torques available to maintain sun-line con-
trol were provided by the differential areas presented to
the solar pressure field as the spacecraft pitched and
yawed off the sun-line. The spacecraft was maintained
sun-oriented, with deviations of approximately +1 to
-0.75 deg in pitch and +1 to -0.5 deg in yaw. The roll
rate was observed to increase in period by about 1 min/
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day, from about 46 min to about 48 min, through the
3 days this mode of operation was maintained---Decem-
ber 7-9. On December 10, 1967, when the daily tracking
period commenced, the spacecraft exhibited large pitch
and yaw excursions, and the Canopus sensor was off,
indicating that the sun was out of the 5-deg half-angle
conical field-of-view of the sun gate. The spacecraft mo-
tion can be described as coning about the sun line in
pitch and yaw with a half-angle of 28 to 35 deg and
rolling in roll at a nearly constant rate. The cosmic dust
detector microphone had recorded an excessively large
number of impacts when the tracking period commenced
and continued to record noise bursts in a regular man-
ner, but it could not be determined if these were actual
micrometeorite impacts caused by Mariner's entering
some type of "cosmic dust field" or if the events recorded
were noises caused by uneven thermal expansion as the
spacecraft precessed about the sun line.
Under the assumption that the spacecraft angular mo-
mentum vector had not deviated significantly from the
sun line since December 9, 1967 it was decided to attempt
a transfer of angular momentum from the pitch-yaw
plane to the roll axis by turning the spacecraft gyros
either on or off at certain times. The gyros are oriented
such that the yaw and roll angular momentum vectors
nearly cancel; the pitch gyro angular momentum vector
may be considered the resultant total gyro angular mo-
mentum vector. No external forces could be applied to
the spacecraft, but angular momentum could be trans-
ferred if the pitch gyro could be turned on when the com-
ponent of angular momentum in the pitch-yaw plane
(the "cross-axis" anguIar momentum) was colinear and
opposite in sign to the pitch gyro's vector, and if the gyro
could be turned off when the cross-axis angular mo-
mentum vector was colinear and agreed in sign with the
pitch gyro's vector. These times are the times of maxi-
mum transfer; if the gyros could be commanded in this
manner, the effect would be to bring the spacecraft roll
axis more nearly colinear with the inertially fixed space-
craft angular momentum vector--in effect, to reorient
the spacecraft to the sun in pitch and yaw. Accordingly,
on December 12, 1967 four commands were transmitted
to the spacecraft, turning the gyros on, off, on, and finally
off. The operation was continued on December 13, 1967
with four "on" commands and three "off" commands. The
result was to reduce the coning angle to within 5 deg,
bringing the sun within the field-of-view of the sun gate
and turning the Canopus sensor on.
However, when tracking was resumed 2 days later, on
December 15, 1967, considerable difficulty was experi-
enced in acquiring spacecraft telemetry. When telemetry
was finally received, it was discovered that the coning, or
precession, angle had increased to approximately 55 deg.
The same sequence of gyro commands was attempted,
but because the angle was so large, the transmission path
was essentially through the high attenuation portion of
the spherical cardiod pattern of the omnidirectional low-
gain antenna, and there was no indication that the com-
mands were received by the spacecraft. Further attempts •
to command the spacecraft were made December 16, 18,
and 20, 1967, but were unsuccessful. Since only about
1-2 min of telemetry were being received for each hour
of tracking, and since prospects of regaining control of _'
the spacecraft were remote, the Mariner IV mission was
terminated December 20, 1967.
C. Telecommunications
1. Mariner V Uplink Interferometer
a. Introduction. The Mariner Venus 67 radio subsys-
tem added a tuned mismatch (SPS 37-47, Vol. I, p. 21) at
the low gain antenna port of the five-port circulator
switch in order to use the uplink interferometer to ex-
tend the command reception range of the radio subsys-
tem. This article briefly reviews the interferometer
problem, and the Mariner Venus 67 solution. Flight
derived uplink patterns are then presented as well as a
comparison of the Mariner V received uplink signal with
the preencounter predictions.
b. Problem. During the Mariner IV mission a phenom-
enon known as the interferometer effect was recognized
(Ref. 1, p. 43). This effect manifested itself as a periodic,
large variation of the uplink signal during that portion of
the flight when the spacecraft-to-earth vector intersected
the main lobe of the high gain antenna and when recep-
tion or transmission was attempted over the low gain
antenna. In this article only the uplink interferometer
will be discussed since the downlink interferometer is
not normally an operational problem because transmis-
sion is usually over the high gain antenna when the
spacecraft-to-earth vector intercepts the high gain main
lobe.
This uplink signal variation is due to the use of cir-
culator switches (Fig. 3) connecting the radio transmitters
and receiver to the high and low gain antennas. This
allows a signal received over the high gain antenna and
reflected by the impedance mismatch of the low gain
antenna to combine with the normal low gain antenna
signal at the receiver. Since the high gain antenna phase
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Fig. 3. Simplified block diagram of Mariner IV radio
subsystem with circulator switches indicating
transmit high, receive low mode
center is several wavelengths away from the low gain
antenna phase center, the two receiver signals go in and
out of phase as the direction of earth changes during
flight.
During the detailed design phase of the Mariner Venus
67 project, analysis of the parameters involved showed
that uplink command reception could not be guaranteed
at encounter over the low gain antenna either with the
predicted interferometer envelope (only maximum and
minimum levels can be predicted before flight) or over
the low gain alone, even if signal reception from the high
gain antenna could be eliminated.
c. Solution. This detailed analysis also prompted the
final solution to the problem since it indicated that when
the low gain antenna voltage standing-wave ratio, as seen
at the circulator switch, exceeded 1.3:1 (an effective iso-
lation of 18 dB) more signal was being received from the
high gain antenna than from the low gain antenna. It was
thus determined that if the effective voltage standing-
wave ratio at the low gain port of the five-port switch was
approximately 2.0:1 (an effective isolation of 9.5 -+-1.5 dB)
uplink communications could be guaranteed with worst
case phasing. During the near encounter phases this
period extends from 14 days prior to encounter to 2 days
after encounter, with the high gain antenna in the pre-
encounter position, and for 1.5 days prior to encounter to
26 days after encounter, with the high gain antenna in
the postencounter position.
The tuned mismatch used to accomplish the required
voltage standing-wave ratio is a 8/4 wavelength short
circuited coax shunted (teed) to the low gain antenna
port of the five-port switch (Fig. 4). This stub is resonant
at the transmit frequency, thereby having no effect on the
low gain transmission downlink, and yet it is su_ciently
far from resonance at the receive frequency to present
the required mismatch.
d. Flight data. As indicated previously, the exact phas-
ing between the two received signals is indeterminate
TRANSMITTER t
RECEIVER
_k ("HIGH-GAIN
V \ ANTENNA
CIRCULATOR I
SWITCHES /
TUNED _ LOW-GAIN
ANTENNA
Fig. 4. Simplified block diagram of Mariner V radio
subsystem with circulator switches indicating
transmit high, receive low mode
until the earth vector enters the interferometer region in
flight. At that time, after a peak and a null have been
observed an accurate interferometer antenna pattern,
which locates the peaks and nulls, can be taken on the
full scale spacecraft antenna range. These measurements
were accomplished between October 9 and 11, 1967.
From these data three-dimensional contour plots of the
interferometer patterns for both positions of the high
gain antenna were generated. These patterns are shown
in Figs. 5 and 6 for the preencounter and postencounter
positions, respectively.
Figure 7 shows the actual and predicted interferom-
eter, uplink received signal strengths for the 82 days
before and after encounter. Also shown in Fig. 7 is a plot
of the predicted signal that would have been received
by the low gain antenna with the interferometer elimi-
nated. The plotted postencounter received sign signal
data points follow the predicted curve more closely than
the preencounter points because the actual spacecraft
attitude in its three-axis limit cycle was accounted for.
The preencounter points were determined simply by
averaging a large number of samples, without regard for
the limit cycle position.
It was also determined from the flight data that the
actual effective isolation between the antennas was
8.0 dB. Hypothetically the change from the nominal 9.5 dB
is due primarily to a change in the impedance of the low
gain antenna caused by its low temperature (-88°F)
during this period.
2. Mariner V Dual-Frequency Receiver Antenna
Subsystem Performance
a. Introduction. A discussion of the antenna subsystem
employed with the Stanford dual-frequency receiver was
given in SPS 37-47, Vol. I, pp. 9-14. On day 811 (Novem-
ber 7, 1967) of the Mariner V mission, the spacecraft was
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rolled three times. Dual frequency receiver antenna pat-
tern data were obtained from the signal-to-noise ratio
data received at the spacecraft and telemetered to earth.
This article will discuss these data in comparison with the
antenna performance requirements and predictions.
b. Performance predictions.
Stanford requirements. It is useful to review the re-
"quirements specified by Stanford as well as the perform-
ance predicted by the Jet Propulsion Laboratory. Two
Stanford specifications of interest were as follows:
it
(1) Gain (in the direction of earth at encounter, rela-
tive to linear isotropic): 49.8-MHz antenna > 0 dB;
423.3-MHz antenna > + 4 dB.
(2) The primary pattern coverage requirement for each
antenna is the minimum gain at encounter specified
above. The antenna pattern should contain no rapid
variations or nulls within the envelope of expected
look angles to earth predicted for the period of
1 mo after launch to encounter.
IPL predicted performance. The gains predicted by
the Jet Propulsion Laboratory (in the direction of earth
at encounter, relative to linear isotropic) for the 49.8-MHz
and 423.3-MHz antennas were +0.5 and +6.5 dB, re-
spectively, referenced at the antenna terminals. In the
case of each antenna, a broad main beam in the direction
of earth at encounter was predicted with no nulls in the
direction of the required look angles.
The data provided Stanford were based on measure-
ments with 1:8.5 scale, 1:5 scale, and full scale model
spacecraft. Circularly polarized illumination was desired
because the Stanford illuminator, during the actual mis-
sion, was to be circular. The final iteration of 423.3-MHz
antenna data furnished to Stanford by the Jet Propulsion
Laboratory consisted of a full sphere coverage contour
plot recorded at 423.3 MHz, with circularly polarized
illumination.
In the case of the 49.8-MHz antenna, a circularly po-
larized illuminator was used with the scale models. At
full scale, a circularly polarized 49.8-MHz antenna was
not available and linearly polarized illumination was used.
Only limited coverage over the sphere surrounding the
spacecraft could be obtained with linear illumination due
to polarization loss at certain angular orientations. Hence,
the full sphere coverage contour plot for the 49.8-MHz
antenna, which was furnished to Stanford by the Jet
Propulsion Laboratory, was that of the 1:8.5 scale model.
The gain predicted by the scaled model measurements
was 2 dB higher than that predicted by the full scale data.
c. Flight results. On day 311 (November 7, 1967) the
flight spacecraft was rolled three times. The signal-to-
noise ratio data received at the spacecraft by each an-
tenna from earth based transmission were included as
telemetry data and transmitted to earth. The results are
included in the form of pattern data in Figs. 8 and 9 for
the 49.8-MHz and 423.3-MHz antennas, respectively. The
patterns recorded on the Jet Propulsion Laboratory range
for each antenna are included in Figs. 8 and 9, as well,
for comparison. The gain reference point in each case is
at the antenna terminals.
49.8-MHz antenna. The predicted 49.8-MHz antenna
performance in Fig. 8 includes that from both the 1:8.5-
scale model full sphere contour plot and the full scale
patterns recorded with linearly polarized illumination.
The full scale data are -+-30 deg from matched polariza-
tion.
It is difficult to assess the accuracy of the predicted
49.8-MHz performance based on the flight data, because
the received signal strength is determined as a function
of received signal-to-noise ratios. The signal-to-noise ra-
tios may vary as a function of roll position because of
the cosmic noise. This would result in an apparent dip
in the antenna pattern. Complete scientific analysis of the
cosmic noise effects is necessary to obtain an accurate
determination of the pattern level, and this analysis has
not been completed.
In any event, the predicted gain and pattern data
based on the full scale measurements were within -+-1 dB
of the flight data in the region plotted. These results are
especially good when considering the difficulty of making
accurate full scale measurements at 49.8 MHz.
423.3-MHz antenna. The predicted 423.3-MHz antenna
performance in Fig. 9 is from the full sphere contour plot,
which was taken from full scale patterns recorded with
circularly polarized illumination. It may be seen that the
predicted performance is in excellent agreement with
the flight data and is within ±0.5 dB over most of the
main lobe.
d. Conclusions. The predicted performance of the
49.8-MHz and 423.3-MHz antennas was in good agree-
ment with that apparently obtained in flight. This per-
formance adequately met the performance requirements
specified by Stanford.
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3. Digital Demodulation With Data Subcarrier Tracking
a. Introduction. During the months of August and
September 1967, the earth, Mariner IV, and Mariner V
were in relative positions to measure the effect of certain
solar particles that follow spiral and linear paths as
they travel outward from the sun. This was the first time
such a situation had occurred with Mariner spacecraft.
An analysis of the Deep Space Network tracking capa-
bility during this period showed that with both space-
craft operating on their omniantennas and being tracked
with an 85-ft Deep Space Network antenna, there was
sufficient received signal strength to maintain RF lock.
However, using the standard Mariner C telemetry sub-
carrier demodulator, the bit error rate at this low signal
level would be excessive, due to the difficulty in maintain-
ing demodulator lock on the telemetry sync channel. Thus,
development of a digital subcarrier demodulator, based
on previous research conducted by Dr. Richard Goldstein,
was undertaken. This effort was constrained to demodu-
late the Mariner IV and Mariner V 8% bits/s telemetry
in the spacecraft data mode II. In addition, it would
interface directly with the decommutation program pres-
ently in use at the Deep Space Network stations for the
Mariner V mission.
This article is intended to summarize the technique
and present some of the results obtained while the de-
modulator was used by the Mariner IV and V spacecraft.
b. Analysis of the theoretical model.
Development of the model. The Mariner IV and V
communication system is a binary phase-shift keyed two-
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Fig. 9. Mariner V dual-frequency receiver 423.3-MHz antenna patterns from flight data and from
predicted performance
channel telemetry system. A data channel at frequency
4f_ is used to provide the transmission of the binary data
stream. A synchronization channel at frequency 2f_ con-
veys bit sync and subcarrier phase information. The
Mariner C hardware demodulator utilizes both of these
channels for telemetry demodulation. At low signal levels,
below the design threshold, the bit error rate is high due
to the inability to maintain lock on the sync channel. The
power contained in this channel does not convey any in-
formation other than the phase and the frequency of the
subcarrier and bit sync information.
A number of methods have been proposed for generat-
ing the phase and frequency reference from the received
data signal, thus eliminating the need for a separate sync
subcarrier channel, even in the absence of a dc compo-
nent in the modulation. The first method, the squaring
loop, has been analyzed in several papers (Refs. 2, 3,
and 4). A second method, originally proposed by J. P.
Costas (Ref. 5) has been analyzed by J. J. Stifller (SPS
37-37, Vol. IV, pp. 268-274) and W. C. Lindsey (SPS
37-44, Vol. IV, pp. 271-281) and was shown to be equiva-
lent, theoretically, to the squaring loop.
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Based on this theory, if the Mariner received signal is
passed through a bandpass filter centered on the 4f., data
subcarrier, then the input to the digital demodulator is
the binary phase-shift keyed data signal y(t). The filter
reduces the noise and eliminates the bit sync subcarrier
channel and all harmonics of the square wave data chan-
nel. The phase and the frequency information can then
be derived from the data signal using the Costas loop
technique for demodulation.
Bit synchronization is accomplished by testing the in-
coming data stream over early and late timing intervals.
Correct bit sync will result when the timing intervals
have been adjusted properly. This early-late bit timing
scheme coupled with the Costas tracking loop is the
basis for providing the necessary timing information re-
quired to demodulate the data.
System description. The signal from the receiver, after
passing through the bandpass filter, is the data subcarrier
signal plus noise y(t).
y(t) -- (2) 1/2A re(t) cos (_t + O) + n(t) (1)
For the binary signal, re(t) = ±1. Equation (1) can then
be rewritten.
y(t) -- (2) 1_A sin (,ot + 0 + m) ÷ n(t) (2)
where
0 = phase of the received subcarrier
o, -- frequency of the received data subcarrier
m = ±_/2
n(t) = white gaussian noise with zero mean and
one-sided spectral density N,,.
A = data channel rms voltage
This telemetry demodulator is designed to operate on
the standard Deep Space Network computer, the Scien-
tific Data Systems 920. The 920 computer has a relatively
slow computation time, and its speed is an important
factor when deciding which operations can be performed
between analog-to-digital converter samples.
Subcarrier tracking loop. The digital demodulator block
diagram is shown in Fig. 10. The lower section, which is
the subcarrier tracking loop, is a Costas loop. The phase
of the data subcarrier is extracted from the suppressed
carrier signal plus noise y(t) by multiplying the input
voltage of the two integrators (low pass filters) with that
produced from the square wave output of the digital
voltage-controlled oscillator and a 90-deg phase shift of
that voltage. The integrator outputs are then multiplied,
and this signal is used to control the phase and frequency
of the loop voltage-controlled oscillator.
The voltage-controlled oscillator control voltage, 8(t) is
the product of the two integrator outputs. When 8(t) is
averaged over the probability of the noise and transitions: '
(1) Probability of a transition = Probability of no
transition -- 1/2,
(2) The two noise functions are mutually independent,
(S) The signal and noise are mutually independent.
A practical assumption is that f and • (where r is the
integration timing error) are slowly varying functions of
time. The average loop phase error 8(t) is a random func-
tion of the transition probability and the noise.
8(t) z 2AZ + <T-21 I>q sin2f
where
= loop phase estimate of 0
f=0-_
<_Z/6
After squaring 8(t) and averaging over the transition and
noise probabilities, we have
16A 4
8'-'(t) - [T_+(T--2Ir]) _] sin_f cos-°ff
7/.4
N_oT_
+ [T-'+ (T--21 I)q (3)
thus,
A_NoT
-- [z-'+ <T-21 l>q+ --
7F 2
N_oT_
4
(4)
A computed value of 8 at time t may have some error E,
due to the noise.
m
8(t) = 8(t) + Et
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If we assume that 4, is small and that the linear assump-
tion holds, sin 24, _ 24
where
8(t) =h@ +Et
4A 2
h = --7- [ T_ + (T-2I'I) 2] (5)
The subcarrier tracking loop is closed by changing the
loop phase 4, according to the measured error signal 8(t)
where
_,+, = 4,, - t_e r,.e(p) 8(t) (6)
Ko = voltage-controlled oscillator gain
constant
Km= multiplier constant
F(p) = loop filter transfer function
If we let c = Ko • Km and consider a first order phase
locked loop, [i.e., F(p) = 1]
4,.1 = @t -- c 8(t)
in the absence of noise
4,, = (1 - ch)'@,, (7)
where
@o = initial phase error
n = number of elapsed bit periods
Eqs. (5) and (7) combine to yield an expression for the
variance of the phase error a_
ch (_'_
2-ch \ h2!
__ ch .[. NoT Tr_
2-oh [_ 8A2[T 2 + (T--2ITI)q
f No T,r_
+ \8A'-'[T'-÷ <T--<TI)q// (8)\q
when the bit timing loop is locked, r = 0, and
ch FNo. fNo  y1
_-- 2-ch L16A'-'T + \_] ] (9)
If the output of the voltage-controlled oscillator is not a
square wave with fundamental amplitude 4/,r but is a
sine wave with peak amplitude (2) w, then the variance
of the phase error is
az- ch iNo N(2____A_@_)"-12-ch 2AZT + (10)
This expression agrees with a previous result obtained by o
J.W. Layland for a sine wave subcarrier tracking loop
(SPS 37-45, Vol. III, pp. 51-57). Equations (9) and (10),
shown in Fig. 11, illustrate the 0.9-dB loss when a loop
square wave reference is used to demodulate a sine wave
signal.
Bit timing loop. The occurrence of a data polarity tran-
sition and the bit duration must be known before the data
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can be processed. The digital demodulator accomplishes
bit timing by integrating the function
yl(t) = -+- 2(2)1/2-----_Acos 4' + n(t)
7/"
over a bit duration which begins one-third of a bit
time before the local estimate of the bit transition marker.
. Independently, y_(t) is also integrated one-third of a
bit time after the bit transition estimate. When these
two integrator outputs are differenced in absolute value,
the difference or error signal A(t) will be zero if there
• is no error in the local estimate. If A(t) is not zero,
the local estimate of a bit transition time is incremented,
and the integration start and dump time in the bit
timing loop and subcarrier phase loop are adjusted to
produce a new a(t). Since A(t) is a function of q, and r
and assuming that these are slowly varying it is then a
probabilistic function of the data transitions and the
noise.
Consider first the transition case, with
At(t) = I 11- (11)
and where _ is a gaussian random variable with mean
Vnr, variance a equal to NOT/2, and density function
1 I (el -- Vhr) 2-1p(el)- (2_)w exp _r3- /
The expected value is then
[v Tl[el l- (2r) _ exp -- 2cr2 +2Vherf
if _ (_)where eft (x) - (2_) _ exp dy
and similarly for le21, where e2 is a gaussian random vari-
able with mean Vg and variance, _, NOT 2
1 1
(_))w exp _ q- 2Vg err
where the subscripts T and NT refer, respectively, to the
transition and no transition eases. Eq. (11)nowbecomes
_= (--N_-) v" [exp (v_r) --exp ( V_r.)l 4-2 IV_ err ( (2)v'VhT_ ( (2)v'Vgr
"' NoT ' \'_NoT (N-_/ -Vverf )1 (12)
An equation similiar to Eq. (12) will be obtained for ANt(t). Upon substitution, ANt(t) ---- 0 and the mean timing
error with I r I -< T/6 is
-- 1 (N__oT)I/_ [expa(t) = -_- (-
+ 2(2)2_A= [ (T/8+2_)
8A2(T/8 + 2T) 2 COS24_'_ /' 8A_(T/8-- 2r)Z COS24_"_]
w_ No T ] -exp _-- _7_o T )J
cos(q_)erf (. 4A(T/8 + 2T) COS(q_) 4A(T/8-- 2T) COS(q,)w(NoT, V, ")--(T/8-2r)cos(rb)erf( w(NoT, V, )]
(13)
Equation (18) yields the expected result
(1) A(t) = 0 when r = 0
(2) A(t) = 0 when No = 0
If we let R = (ST)/No and r = (4RW)/(_rT), a = (T/g+2T) and fl = (T/g--2T), where S = signal, power = A s, and
assume the phase loop is in lock (q__ 0) and (r _< T/6), then
a(t) - eA exp -exp - + [a erf (ar) -- B erf (Br)] (14)(r) 3/2 r 2 2 =
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Equation (14) has been evaluated tor several values of
R. The result (Fig. 12) shows that the mean timing error
is approximately linear over the range 0 < I r ] < T/12
for (-4 dB _< R _< 8 dB). Thus the mean timing error is
a function of both the timing offset and the signal-to-noise
ratio.
A computed value of A at time t may differ from the
mean by an error caused by noise and data polarity
transitions.
±(t) = A(t) + e,
(15)
= kr -h et
where k is the slope of the linear approximation to Eq. (14).
The bit timing loop is closed in a manner analogous to
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Fig. 12. Bit timing loop error vs timing offset
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the subcarrier phase loop by changing the bit timing
according to the measured error signal
rt+, = r, -- bLx(t) (16)
where if we define b = k_ k, in the absence of noise,
Eqs. (15) and (16) combine to yield the transient response
of the loop
_t = (1-bk)'%
where
r0 ---- initial bit timing error
n -- number of elapsed bit periods
k,, = multiplier constant
k, -- voltage controlled oscillator gain
The variance of the loop timing error a_ is
[4]2--bk
where 0._ is the variance of ±. For ,r_ consider first the case
for data transitions. From Eq. (11)
__ m
Since e,, and _,_,_are gaussian random variables with
EI-'I'T= VhT =" 2(2)1/2 A (T/3 - 2T) COS(4)
7/"
e,,_'_'_r= V,,,r -- 2(2)'/_ A
7/"
-- (T/3 + 2T) COS (4')
NoT
2 -- -- if?
0*f'lT 2
NoT
2 -- -- O.2
0*E2T 2
Then
±_ (t)= Vh,p + V_,r + 2,/-'-21e,_..,I._,
The average I ele._,I r is defined as
I e,e,_, I _ = f; f;lelE,_,l,,,p(e,,E_)delde,_ (17)
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The joint probability density function pr(E1, '2) is
, [ ]Pr(,1, ,2) = [2r(1 - p2)]w exp -- (,1 -- Vhr) 2 - 2_o(,1 -- VhT)('2 -- VO")-'_- ('1 -- 2VoT) 2.2a 2 (1 -- p2)
where p is the correlation coefficient defined as
p i
'1 _2 -- '1 '2 2
O'E 10"E 2 3
After evaluating Eq. (17) by following an approach used by Stiflter (SPS 37-29, Vol. IV, pp. 285-290), we obtain the
result
{ [ iv,,x
I '1'2 IT -- (2,/r) l/i J0 X exp -- 2_ 2 cosh _- ]
( ,x (. )7)× exp 2(r2 (1 ----p:) + a(1 -- p2)_ err [2(1 -- _2)]w a dx (18)
Consider next the case for no data transitions. After squaring the bit timing error signal ANt(t)
m m
a_(t) = _`,._ + :--21'1':IN_,'2.T
Where
e,Nr = Vhzer : '2Nr : Vgnr- 2(2)_ AT cos(b)
71"
and
NoT
(T 2 = (T 2
E 1NT E 2NT 2
Continuing in a manner analogous to the case for data transitions (with Vhr and Vgr replaced by VhNr and Vgnr),
it can be shown that I ,1 E2 ] Nr is similiar to Eq. (lS).
Finally, averaging over the data transition probability, the bit timing loop variance is
IX2-bk (Vgr+ vl. + v_. + v_.) + z__-I,_,21_-I,,,2I- a(t3 (19)
2 •
where _--_lS the square of the function defined in Eq. (14).
Probability of error. The probability of error (or bit error rate) is a convenient means of comparing the performance
of telemetry demodulators. In this section, we will rely upon the linear analysis by Lindsey (Ref. 6) for the uncoded
coherent pulse-shift keyed channel. Considering only the phase jitter and disregarding bit timing jitter, Lindsey dem-
onstrated that the probability of error PE for the subcarrier tracking loop with a sine wave voltage-controlled oscil-
lator output is
11 #'4R\" (R) Ie(--_)PE : -_- 1 -- t---_- ) exp - k:o_ (--1)k'kb2k+l (1-4k2) (20)
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Using Lindsey's notation
b2k+l =
ST
R-
No
1
92-
T
Consider the bandwidth of the Costas loop, BL. The over-
all loop transfer function L(s) is
1
L(s) - as + 1
where a is the time constant of the loop. The response of
the loop from Eq. (14) is
4'...2t = (1-ch)t/r = e-t/,,
4,o
where t = nT
Thus
T
5--
In (1 -- ch)
From the linear phase locked loop theory (Ref. 7) for the
first order loop
Finally,
In (1 - ch)
BL -- 2T
Since Lindsey's result is for a system with a sine wave
reference in the Costas loop, Eq. (20) will be degraded
0.9 dB when used with a square wave loop reference and
a sinusoidal input signal.
c. Software description.
The computer and analog-to-digital converter. The
digital demodulator is a computer program, written in
Scientific Data Systems symbol language for the Scientific
Data Systems 920 computer.
The program performs three major functions: (1) the ac-
quisition of phase lock with the data subcarrier, (2) the
acquisition of bit timing lock with the incoming data
stream, and (3) the acquisition of frame and word synchro-
nization. The computer then outputs data, bit sync, and
word sync in a form suitable for processing in the de-
commutation program.
The analog-to-digital converter converts the analog
signal from the receiver to digital values for input to
the computer. The analog-to-digital converter format is
11 bits plus sign. It receives its digitize commands at a
1 kHz rate from the computer millisecond clock.
The subcarrier phase loop. In the digital mechanization
of the phase loop, the integrators are replaced by their
equivalent summing networks. Also, the phase error is
summed over four calculations before it is compared to
the phase threshold. The program samples the incoming
data signal every 54 deg and multiplies this value by the
square wave voltage-controlled oscillator output. The loop
then integrates, multiplies, and adjusts the square wave
phase as necessary to maintain phase lock.
Bit timing loop. The theoretical integrators in the bit
timing loop are also replaced by discrete summing devices.
The difference of the early and late timing sum for 4-bit
times is stored before it is compared with the bit position
error threshold. If the error exceeds threshold, the bit
timing is changed by T/120. The excess over the threshold
is then saved for the next threshold comparison.
Frame sync and word sync. Frame synchronization is
performed by correlating the incoming data stream with
the known Mariner mode II frame in which the first
7 bits of a frame are "one" bits (engineering sync) and the
141st through 155th bits are a 15-bit pseudo-noise code
(science sync). Once frame and word sync have been
achieved, the program outputs both word sync and bit
sync to the decommutation program.
Variable loop parameters. The program accepts the
following loop parameters from the typewriter:
(1) Data subcarrier sample rate = [1 - (af)f]/(150)(.36)
where
Af = doppler frequency offset from nominal
f = nominal downlink subcarrier frequency
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(2) Subcarrier tracking loop error threshold = 8r.
(3) Subcarrier tracking loop voltage-controlled oscil-
lator step response = 44,.
(4) Bit timing loop error threshold = _r.
(5) Bit timing loop voltage-controlled oscillator step
response = 2xr.
d. Performance. The digital demodulator was designed
and operated successfully during the Mariner IV re-
acquisition. The following parameters were determined
theoretically and used in the computer program.
8r= 3.53X10 -2V 2-s 2
44, = 0.0698 rad
±r = 0.547 V-s
Ar = 10 -_s
After calculating the mean and variance of 4, and deter-
mining the average phase voltage-controlled oscillator
output, we notice that for the signal-to-noise ratios of
interest (R -- 2 to 8 dB) and for the phase threshold that
was selected, the average voltage-controlled oscillator out-
put is about (44,/2) or 0.0349 rad when 8 exceeds _r. The
phase loop constant ch is approximately 0.1075. The phase
loop phase error is summed over 4-bit times. If this sum
exceeds i8 deg (or 4.5 deg/bit) the average phase is ad-
justed by 2 deg.
In the bit timing loop, the timing error is summed over
4-bit periods. As shown in Fig. 12, the average timing
error is a function of the input signal to noise ratio R.
For the bit timing loop threshold used in this program,
the error will accumulate to 19.8 ms before a correction
of i ms is made at R =- 2 dB. At R -- 8 dB, the error will
accumulate to 11.9 ms before a correction is made. The
1 ms average correction is reduced slightly due to non-
linearity of phase loop voltage-controlled oscillator.
The performance of the digital demodulator was veri-
fied experimentally by counting the errors in demodulating
a known data stream. The results of this test are shown
in Fig. 13. Over the region of interest the experimental
P_ agreed closely with the theoretical PE (Eq. 20).
e. Recommendations. The Mariner digital demodula-
tor task was an experimental effort to develop a computer
aided demodulator which would operate in real time with
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Fig. 13. Digital demodulator performance
a flight project and have the design capability to tolerate
the relatively slow computation time in the Scientific
Data Systems 920 computer. The effort was very suc-
cessful. The digital demodulator was installed at Deep
Space Network stations Pioneer, Echo, and Johannesburg,
giving nearly continuous telemetry coverage of the
Mariner IV and V spacecraft during periods of low
received-signal strength.
While noting the success of the effort, mention should
be made of the compromises which were made in the
design.
Square wave voltage-controlled oscillator waveform.
The input to the digital demodulator program is the first
harmonic of the Mariner telemetry data signal. Optimum
demodulation would be accomplished by mixing the
received data signal with a sine wave subcarrier refer-
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ence in the Costas loop. When a square wave reference
is used, this results in a 0.9 dB power loss. The square
wave reference was used because a sine wave voltage-
controlled oscillator output would require the storage
of a sine table and the subsequent table look-up time in
the computer.
T/3 bit timing. In the bit timing loop, the bit stream
was sampled T/8 before a transition and T/8 after the
transition. This left an overlap of 2T/8 during which the
noise was correlated. For T/4 early-late timing, the noise
would be correlated for T/2, thus reducing the contri-
bution of the noise to the bit timing jitter. The T/8 early-
late scheme was chosen since the bit time is evenly
divisible by the period of the data subcarrier allowing
the program to be written in single precision notation. A
fractional division would necessitate double precision
arithmetic with subsequent increase in computer operat-
ing time.
The difference of absolute values. The outputs of the
early and late integrators are differenced in magnitude in
the digital demodulator. This operation was selected due
to the simplicity in taking the absolute value of a number
in the computer. The other method, the difference of
squares, was shown by Stifiqer (SPS 37-29, Vol. IV,
pp. 285--290) to be superior for low signal-to-noise ratios.
In addition, the expression for the mean and variance for
the difference of squares is quite simple compared to the
difference of absolute values.
Also, the mean error for the absolute value case is a func--
tion of the input signal-to-noise ratio R, whereas Stiffter
has shown the mean error to be independent of R for the
difference of squares case. The added complexity of in-
putting R to the program in order to maintain a constant
bit error threshold reduces the saving of computer time,
by using the absolute value method.
Storage of the error voltages for 4-bit times. In both
loops, the loop error is summed over 4-bit times. This
scheme was used to decrease the noise contribution
to the loop jitter. This is true if the sum is normal-
ized over the number of bits n, since the noise jitter
for n-bit times, _ = (N,,nT/2) 1/2 increases as a func-
tion of (n) v2. The noise jitter per bit is then (n)l%/(n).
However, the quantization of the voltage-controlled oscil-
lator as a nonlinear function must be considered. Summing
the loop error over n bits results in a higher threshold.
This can be avoided by normalizing the sum over the bit
periods.
A complete discussion of the digital demodulator,
including a thorough treatment of the analytical section,
is contained in a forthcoming JPL report. 1
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D. Space Sciences
1. Dual Frequency Occultation Experiment Receiver
Design and Development
a. Objectives. The objectives of the dual frequency
receiver occultation experiment were to measure the
characteristics of the 49.8-MHz and the 428.8-MHz sig-
nals transmitted from earth to the spacecraft during
occultation by Venus in order to derive ionospheric pro-
files and the height profile of refractivity of the neutral
atmosphere. During the cruise the dual frequency re-
ceiver measured the dispersive doppler effects on the
signal and the differential group path in order to deter-
mine the average electron density between earth and the
spacecraft.
b. Technique. Radio signals are transmitted to the dual
frequency receiver from the Stanford Center for Radar
AstronomyY The dispersive doppler effect is derived from
the measured differential phase shift between the two
harmonically related carriers. The two carriers are phase
1Sanger, D. K., Digital Demodulation with Subcarrier Tracking,
Technical Report, Jet Propulsion Laboratory, Pasadena, Calif. (in
process).
:Stanford University and Stanford Research Institute are under
contract to design and develop the dual frequency receiver and to
operate the ground station for the Mariner experiment.
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modulated with an audio signal for determining changes
in group velocity from the relative phase shift of the
modulation. The receiver on the spacecraft detects
the carrier amplitudes and frequencies as well as the
phase shifts. This information is returned via the space-
craft telemetry and the Deep Space Network to the
Stanford ground station.
c. Receiver characteristics.
Sensitivity. The dual frequency receiver has two phase
locked loops which act as narrow band filters for the two
_carrier frequencies (Ref. 1). Figure 14 is a functional dia-
gram of the dual frequency receiver with the 4283-MHz
phase locked loop in the upper left quadrant. The
receiver system noise temperature depends upon the cos-
mic noise temperature. The carrier amplitude data are
proportional to the signal-to-noise ratio. Thus radio noise
in excess of the background noise will degrade the re-
ceiver sensitivity.
Time constants. The loop filter parameters were
optimized for the expected operating conditions in the
vicinity of Venus. The doppler frequency shift due to
the spacecraft motion can be compensated by properly
setting the frequency of the ground transmitter. The dual
frequency receiver maximum doppler tracking rate is
8400 Hz/s for the 49.8-MHz loop and 12 kHz/s for the
428.8-MHz loop at a signal level of - 125 dBm. The loop
filter is an operational amplifier with the following
constants:
R3
R1, R2, R3, C,
Loop la2 kf_ la2 t_F
49.8 81.6 3.48 619 11
428.8 23.7 0.261 464 90
Differential phase measurement. The frequency of
the voltage-controlled oscillator in each loop is compared
in the Af phase detector. The zero crossings are counted
in a 10-bit counter. The content of the counter is trans-
ferred to the serial shift register where it is read by the
data automation system shift pulses. The differential
phase measurement has a bit error rate of less than 0.5%
due to the mechanization. Normally the transmitters are
operated to produce an offset of 5 Hz to enable detection
of positive and negative exeursions of hr.
Modulation phase comparator. The functional diagram
of the modulation phase comparator appears in the
upper right section of Fig. 14. This circuit measures
the relative phase shift of the modulation frequencies.
Cross-coupling between the two channels will cause a
variation in the modulation phase depending on the am-
plitude and phase of the cross coupled voltage. Leakage
through the common circuits is minimized so the phase
shift is linear.
Data trans[er. The subcommutator allows the five
analog voltages (two carrier amplitudes, two voltage-
controlled oscillator frequencies and modulation phase)
to be read sequentially as one data word. The select mod
phase and step commutator pulses from the data auto-
mation subsystem advance the subcommutation as shown
in Fig. 14. The analog voltages are converted to digital
by an analog to pulse width converter in the dual fre-
quency receiver (Ref. 2). The accuracy and sensitivity of
the converter and subsequent data processing are high
quality so that 0.012 V can be resolved with a linearity of
0.05 % over the 6-V range of analog inputs. This sensitivity
permits small variations in impedance due to the sub-
commutation to be observed.
Physical characteristics. Figure 15 is a photograph of
the dual frequency receiver in its test holder with test
adapter cables attached. The module on the left contains
the IF amplifiers, voltage controlled oscillators, reference
oscillator and phase detector subassemblies. The module
on the right contains the power supply, phase com-
parator, counter, analog gates, analog to pulse width
converter and RF front end assemblies. The electronic
modules weigh 5.1 lb. The power required is 1.88 W at
50 V rms input. The antenna design and development is
described in SPS 37-47, Vol. I, pp. 12-18.
Development tests. The tests of the dual frequency
receiver show its compatibility with the other spacecraft
subsystems and its flight readiness. Special test equipment
provides the RF signals for these tests and a means of
exercising all of the receiver functions. The bench check
equipment is shown in Fig. 16. The power transients test
demonstrated that the input current is limited to less
than 150% of the normal operating current both at
turn on and for an internal short circuit. The vacuum
temperature tests revealed problems that were traced to
circuit sensitivity and workmanship and satisfactorily
solved. Extensive electromagnetic interference tests were
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Fig. 15. Dual frequency receiver 
conducted both with other subsystems and on the space- 
craft. The test results demonstrated that the spacecraft 
noise degradation of dual frequency receiver performance 
was below the permissible values imposed by the 
experimenter." 
Performance and experimental results. The appa- 
ratus performed adequately during both the cruise and 
occultation phases. It revealed the presence of a weak 
nightside ionosphere on Venus and a dayside ionosphere 
comparable to the earth's. The detailed results of the 
preliminary data analysis have been published in Science 
(Ref. 3). 
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II. Mariner Mars 1969 Project
PLANETARY-INTERPLANETARY PROGRAM
A. Introduction
The Mariner Mars 1969 Project was initiated in late
December 1965 and formally tasked on February 1, 1966.
The primary objective is to conduct two Mars flyby
missions in 1969 to make exploratory investigations of the
planet which will set the basis for future experiments--
particularly those relevant to the search for extraterres-
trial life. The secondary objective is to develop Mars
mission technology.
The spacecraft design concept is based on the con-
figuration of the successful Mariner IV spacecraft, with
considerable modifications to meet the 1969 mission re-
quirements and to enhance mission reliability.
The launch vehicle is the Atlas Centaur SLV-3C as
used for Surveyor missions. This vehicle, developed under
contract for and direction by the Lewis Research Center
by General Dynamics/Convair, has a single- or double-
burn capability in its second stage and a considerably
increased performance rating over the Atlas D/Agena D
used in the Mariner IV mission.
Mariner Mars 1969 missions will be supported by the
Eastern Test Range launch facilities at Cape Kennedy,
the tracking and data acquisition facilities of the Deep
Space Network, and other NASA facilities.
Six planetary-science experiments have been selected
by NASA for the Mariner Mars 1969 missions; they are
listed in Table 1.
Table 1. Mariner Mars 1969 scientific investigations
Scientific
Experiment investigator Affiliation
Television
Infrared spectrometer
Ultraviolet airglow
spectrometer
Infrared radiometer
S-band occultation
R. B. Leighton a
B. C. Murray
R. P. Sharp
N. H. Horowltz
J. D. Allen
A. G. Herriman
R. K. Sloan
L. R. Mailing
M. E. Davies
C. Leovy
G. C. Pimentel !
K. C. Herr
C. A. Barth a
W. G. Fastie
G. Neugebauer*
G. Munch
S. C. Chase
A. J. Kliore a
D. L. Cain
G. S. Levy
J. D. Anderson*
CIT
CIT
CIT
CIT
JPL
JPL
JPL
Massachusetts Institute of
Technology
Rand Corporation
Rand Corporation
UCB
UCB
University of Colorado
Johns Hopkins University
CIT
CIT
Santa Barbara Research
Center
JPL
JPL
JPL
Celestial mechanics JPL
a Principal investigator.
During January and February 1968, the focus of proj-
ect activity has increasingly been on the assembly and
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checkout of the proof-test model spacecraft in the space-
craft assembly facility. Assembly is nearly complete, al-
though many subsystems are of prototype rather than
proof-test-model configuration. This prototype hardware
is being replaced as proof-test-model hardware is quali-
fied and delivered. Spacecraft operations in spacecraft
assembly facility are shown in Fig. 1. Also in this period
a number of subsystems went through type approval en-
yironmental testing, and spacecraft thermal and mechani-
cal models underwent thermal/vacuum and vibration
testing. The development test model will undergo match/
mate testing with the launch vehicle in the next period,
_nd vibration testing will then be completed.
An experimenters' meeting, where the near-encounter
geometry was studied (discussed below under systems),
was conducted during the period and the Seventh Project
Quarterly Review, where the spacecraft assembly facility
and the telecommunications test facility (described in
SPS 37-48, Vol. I, pp. 17-18), and the structural testing
laboratory were visited and observed. Late in February
a briefing on the general mission, spacecraft, and science
payload was given at JPL and at Goldstone.
Progress continued in the completion and publication
of trajectory and mission design information, particularly
in the encounter science geometry area, and in the design
development and test planning for mission operations; a
revision of the space flight operations plan was released
during the period.
B. Project Engineering
1. Spacecraft System Design
The design philosophy which was originally adopted
for the Mariner Mars 1969 spacecraft was that of a mini-
mum modification to the basic Mariner Mars 1964 design.
Nevertheless the design underwent an extensive evolu-
tion, resulting in a spacecraft which has many design
features and capabilities markedly different from Mariner
Mars 1964. Some o£ the more striking of these features
include a programmable computer, a two-degree-of-
freedom science platform, and a multichannel telemetry
subsystem which has a high data rate capability.
The spacecraft is designed to be automatic. That is, it
is capable of operating from launch to the end-of-mission
without the use of ground commands, with the exception
of the trajectory correction maneuver. Critical functions
which are automatically initiated on board the spacecraft
in a nominal mission are also backed up by ground com-
mand capability.
The spacecraft is composed of nineteen different sub-
systems--five related to science, and fourteen related to
the operation of the spacecraft as a "science vehicle."
The general configuration of Mariner Mars 1969 is
shown in Fig. 2, as it will appear during cruise. The
upper view shows the "top" of the spacecraft--the side
that will be illuminated by the sun. Bay 2 is toward the
viewer. Major features noted are: the Canopus sensor,
which provides the spacecraft roll angle reference; the
high gain antenna using a full circular reflector; the low
gain antenna with the temperature control flux monitor
transducer mounted on top of it; the solar panels, similar
in design but 13 ft _ larger than those flown on Mariner
Mars 1964 for a total area of 83 ft2; the propulsion sub-
system nozzle; and, the temperature control louvers on
the electronic assemblies. Also shown in the upper view
are the primary sun sensors, which give the Mariner Mars
1969 its pitch and yaw attitude references.
LOW-GAIN ANTENNA -_
PROPULSION SUBSYSTEM NOZZLE --
_E ANTENNA
NSOR
--TEMPERATURE CONTROL
LOUVERS
ATTITUDECONTROL
GAS JETS
WIDE ANGLE TELEVISION
INFRARED RADIOMETER
ULTRAVIOLET
INFRARED SPECTROMETER
NARROW ANGLE TELEVISION --
SCAN PLATFORM THERMAL BLANKET DELETED
Fig. 2. Mariner Mars 1969 spacecraft
cruise configuration
_IOMETER ---_ / / /
SPECTROM ET E__..///
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In the lower view the basic octagonal structure can be
seen. The louver assemblies, solar panel structural de-
tails, attitude control gas jets, and the solar panel tip
latching brackets and dampers are also depicted. This
view also shows the scan platform and its complement of
science instruments.
Two degrees of angular freedom are provided: clock
angle motion about the axis of the tube that extends
vertically beneath the platform, and cone angle motion
about an axis which is horizontal. The platform supports
the infrared spectrometer, the two TV cameras, the ultra-
violet spectrometer, the infrared radiometer, and the far
and near planet sensors.
The Mariner Mars 1969 spacecraft is considerably
heavier than its predecessors. From an original estimate
of approximately 790 lb, the spacecraft has increased to
a present estimate of 910 lb. As of February 20, 1968, the
spacecraft weight is distributed as shown in Table 2.
Table 2. Mariner Mars 1969 weight summary, Ib
Science
Television
Ultraviolet spectrometer
Infrared spectrometer
Infrared radiometer
Data automation
46.80
34.60
38.50
7.50
13.78
Total science equipment 141.18
Science support
Scan platform assembly
Scan control actuators and sensors
Scan control electronics
Data storage subsystem
Total science support equipment
Total Science and Science Support
Engineering
Spacecraft adapter
Spacecraft launch weight
60.62
10.29
9.50
37.20
117.61
258.79
584.93
66.67
910.39
Scan platform rotating weight
Scan platform structural assembly
Cable, temperature control and accelerometer
Scan actuators and sensors
Science
Total rotating weight
32.65
10.53
7.79
115.70
166.67
a. Spacecraft data handling. The subsystems that are re-
quired for data handling and transmission are the radio
frequency subsystem, the flight telemetry subsystem, the
data storage subsystem, and the data automation sub-
system.
The radio frequency subsystem receives an S-band
signal containing command and ranging information from
the Deep Space Instrumentation Facility and transmits -
back to the Deep Space Instrumentation Facility at a
different frequency an S-band signal which has been
modulated with telemetry and ranging information. The,
spacecraft receiver is a narrow band, double superhet-
erodyne, automatic phase control receiver which operates
continuously and which is always connected to the low
gain antenna. It detects the ranging signal and the com-
posite command signal, when either is present, in the
received signal.
The transmitting equipment consists of redundant RF
exciters and RF power amplifiers along with appropriate
filters and isolators. Each exciter contains a crystal oscil-
lator which is the frequency source of the transmitted
signal when the receiver is not in lock. Each exciter has
a modulator which phase modulates the carrier signal with
both the composite telemetry signal provided by the
flight telemetry subsystem and the detected ranging sig-
nal provided by the receiver, if one is present. Traveling-
wave-tube power amplifiers are employed to amplify the
exciter output signal. Each traveling-wave-tube amplifier
is capable of both 10 W and 20 W nominal output with
the same drive level applied at the input. The use of a
hybrid permits operation of either exciter with either
power amplifier. Failure detection circuitry is provided
to switch exciters or power amplifiers in case of failure.
The S-band output signal can be transmitted through
either the high-gain or the low-gain antenna.
The data storage subsystem stores on magnetic tape
data which are provided to it from the TV subsystem
and the data automation subsystem. It later reproduces
those data for transmission to earth via the flight telem-
etry subsystem and the radio frequency subsystem. The
amplitude-modulated analog data received from the TV
subsystem is recorded on a four-track, endless-loop tape
by a recorder using a linear recording technique; that is
--the amount by which the tape is magnetized is directly
proportional to the value of the incoming analog signal.
The binary encoded data received from the data automa-
tion subsystem are also recorded on a four-track, endless-
loop tape, but by a different recorder which uses a
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saturation recording technique. These recorders are re-
ferred to as the analog and the digital tape recorders,
respectively.
The data recorded on the digital tape recorder are
played back directly through the flight telemetry sub-
system and the radio frequency subsystem. The data
recorded on the analog tape recorder are first sent to an
analog-to-digital converter for conversion to digital data.
The amplitude of the output signal from the analog
tape recorder is converted to a 6-bit binary word. These
words, in a serial format, are sent to either the flight
telemetry subsystem or the digital tape recorder depend-
ing upon mission requirements. The data may either be
transmitted at 16.2 kbits/s via the flight telemetry sub-
system and the radio frequency subsystem, or be stored
by the digital tape recorder for subsequent transmittal
at a reduced bit rate.
One feature of the analog tape recorder is that it can
erase the tape during the flight. This permits recording
one set of TV pictures, playing it back, erasing the tape,
and then recording another set. The digital tape recorder
requires no erasing.
The flight telemetry subsystem performs the general
functions of formatting the engineering data according
to defined modes of operation and of generating a mul-
tiple data channel composite telemetry signal which mod-
ulates the RF carrier. It provides three data channels
and makes provisions for data rate, data mode, and mod-
ulation index switching. The flight telemetry subsystem
has a redundant chain which contains a second sync gen-
erator, analog-to-digital converter, and data processor
which can be switched in by ground command if the
primary chain fails.
The three data channels, as shown in Fig. 3, are the
engineering channel, the science channel, and the high-
rate channel. The engineering channel is always present,
regardless of what data mode. The science channel is
employed during the nominal encounter and playback
phases of the mission. The high-rate channel, which
employs block coding techniques at a data rate of
16.2 bits/s, is used during the encounter and playback
phases as an alternate to the science channel.
Synchronization of the telemetry is accomplished by
detecting the zero-one transitions, bit synchronization,
rather than using a sync channel as there was on Mariner
Mars 1964 and Mariner Venus 67. The bit synchroniza-
tion function is performed by the telemetry and command
processor at the Deep Space Network station.
The Mariner Mars 1969 data system has the capability
of five different data rates. Data carried on the engi-
neering channel may be transmitted at 81/_or 331/_ bits/s
at any time. Encounter data and playback data carried
on the science channel are transmitted at 66% and 270
bits/s, respectively. The block coded data carried on the
high-rate channel in either of the encounter or playback
phases are transmitted with a symbol rate of 86.4 k
symbols/s, the information rate being 16.2 kbits/s.
The data sources for the flight telemetry subsystem on
the spacecraft are the central computer and sequencer
for memory readout, the spacecraft subsystems for engi-
neering telemetry, the data automation subsystem for
real-time TV and science, and the data storage subsystem
for recorded TV and science. It should be noted that there
are several partially or fully redundant data paths in the
system. TV data are transferred in analog form from TV
to the analog tape recorder, while at the same time every
7th analog sample is digitized and sent to the data auto-
mation subsystem. The data automation subsystem mul-
tiplexes these digital TV data with science data from the
ultraviolet spectrometer, the infrared radiometer, and
the infrared spectrometer and sends them to the digital
tape recorder at 16.2 kbits/s. The same 16.2 kbits/s data
being recorded on the digital tape recorder may be trans-
mitted simultaneously over the high-rate channel. In the
encounter, some of the 16.2 kbits/s science data are trans-
mitted in real-time at 66% bits/s. In the playback phase,
the recorded analog TV data may be recovered either
via the digital tape recorder or, as an option, directly
from the analog to digital converter.
Figure 4 shows the encounter 1 data mode. In this
mode, the spacecraft telemetry or central computer and
sequencer memory data are carried on the engineering
channel at 33_/_ bits/s (8_/_ bits/s is possible if necessary
to improve the engineering channel reception). Science
data are carried on the science channel at 66% bits/s, and
they consist of all the infrared radiometer data plus
selected samples of the ultraviolet spectrometer and in-
frared spectrometer data. Analog TV data are recorded
on the analog tape recorder at a rate of 18.9 kHz. Every
7th analog sample is digitized and sent to the data auto-
mation system at 16.2 kbits/s. These digital TV data are
time-multiplexes with all the science instrument data and
sent as composite format to the digital tape recorder.
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Fig. 4. Data handling in encounter 1 data mode
The encounter 2 data mode is shown in Fig. 5. This
data mode is very similar to the encounter 1 data mode,
except that the 66% bits/s science data are deleted in
favor of the 16.2 kbits/s composite science format. That
is, the science plus TV data being recorded on the digital
tape recorder are also block coded and transmitted on
the high-rate channel.
The playback 1 data mode is shown in Fig. 6. The
engineering channel carries telemetry data at 81_ bits/s,
while the science channel carries data from the digital
tape recorder at 270 bits/s. After double playback o£ the
data originally recorded on the digital tape recorder,
the data on the analog tape recorder are played back via
an analog-to-digital converter and the digital tape re-
corder. Seven transfers of data are required in order to
play back the analog data in its entirety.
In playback 2 data mode, which is the alternate method
of returning the analog recorded data, the output of the
analog-to-digital-converter is fed directly into the flight
telemetry subsystem, where it is block coded and trans-
mitted over the high-rate channel (Fig. 7). In this mode,
all the analog data can be returned in less than 3 h.
Again, in this mode, as in all modes, spacecraft telemetry
data are being transmitted on the engineering channel.
b. Spacecraft commands. The two engineering subsys-
tems which are principally responsible for commanding
spacecraft events are the flight command subsystem and
the central computer and sequencer. The flight command
subsystem provides the spacecraft with the means to
accept ground initiated commands. The flight command
subsystem accepts command subcarrier information from
the spacecraft receiver and detects and decodes these
signals into commands which are provided as isolated
switch closures to the recipient spacecraft subsystem.
There are three types of commands processed by the
flight command subsystem: direct commands called DCs,
coded commands, called CCs, and quantitative com-
mands, called QCs. Direct commands are used to back
up critical spacecraft functions which are automatic,
to select alternate modes of operation, to choose redun-
dant elements, to initiate the midcourse maneuver, and
to perform a variety of other functions. The spacecraft
presently uses 49 out of a possible 58 direct commands.
Coded commands, of which there are five, are used
by the central computer and sequencer. Quantitative
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commands are used to step scan reference angles in the
scan control subsystem a variable number of increments.
There are four QCs, each with 18 possible magnitudes.
The command bits and reference frequency are trans-
mitted to the spacecraft in parallel with bit synchroniza-
tion in the form of a pseudo-noise code. The command
detector first locks onto the reference frequency in a
phase locked loop. The pseudo-noise code is then com-
pared to an identical code which is generated in the
command detector. This code is frequency coherent with
respect to the incoming pseudo-noise code because it is
clocked by the reference frequency, but it normally will
be out of phase. If the codes are not coincident in phase,
the spacecraft generated pseudo-noise code is incre-
mented by one bit each second until they reach coin-
cidence, resulting in command detector lockup. An inhibit
signal is then removed from the command decoder and
the detected command bits are decoded and the com-
mand issued.
The other subsystem principally responsible for com-
manding spacecraft events is the central computer and
sequencer. Figure 8 shows a simplified block diagram of
the central computer and sequencer and its external inter-
faces. The central computer and sequencer is a special
purpose computer which has extreme flexibility and can
be reprogrammed in flight. Its primary purpose is to pro-
vide event actuation at certain times which are specified
prior to launch. In addition, there is the capability of
adjusting event times while in flight and making major
sequencing changes while in flight. The central computer
and sequencer design includes a fixed sequencer which
is similar to the Mariner Mars 64 maneuver sequencer. It
provides redundancy during the trajectory correction
maneuver. In the nominal sequence, the computer and
the fixed sequencer operate in tandem. If there is a dis-
agreement on any maneuver event, except burn stop, an
internal abort is issued and the spacecraft reacquires the
sun and Canopus. If there is a failure in either the com-
puter or the fixed sequencer, a maneuver can still be
performed using the computer only or the fixed sequencer
only.
The computer memory consists of one hundred twenty-
eight 22-bit words. While memory loading can be accom-
plished in less than a minute using the operational sup-
port equipment, inflight loading requires a minimum of
2 min per word, excluding transmission time. The 22 bits
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Fig. 8. Central computer and sequencer block diagram
of each memory word are contained in the variable field
portion of two coded commands (CC).
Any word in the memory may be read out at any time
during flight. The computer may be programmed so that
a single DC-2 would initiate readout of any portion or
the entire memory, plus automatically returning the engi-
neering channel to spacecraft telemetry upon completion
of readout. A second method which is operationally more
complex requires transmission of a DC-2 to enable read-
out over the engineering channel of the flight telemetry
subsystem, a CC-3 specifying the address of the word to
be read out, and another DC-2 to return the engineering
channel to spacecraft engineering telemetry.
Every hour during the cruise phase, the computer will
go, step by step, through its program, performing the
instructions it finds. The most common instruction found
in the program is that of decrementing a certain data
number. When the number being decremented finally
underflows, or goes from zero to all ones, the relay or
relays specified by the relay address portion of the word
are actuated.
Besides decrementing, program instructions also in-
clude internal transfers of words from one location to
another address modification, conditional and uncondi-
tional transfers of program control and other typical
machine language instructions. During phases of the mis-
sion when timing precisions greater than + or - 30 rain
are required, memory scans can be initiated on minute
or second centers. In addition, the length of the rocket
engine burn is timed using clock signals which occur at
the rate of 20/s.
c. Spacecraft power. The function of the power sub-
system is threefold: first, it provides electrical power to
the other spacecraft subsystems; second, it switches and
controls this power; and third, it provides an accurate
timing source.
As shown in Fig. 9, power is obtained from two sources.
The first source consists of four solar panels using N-on-P
silicon solar cells with a total active area of 83 ft _ which
can provide at least 380 W of power at encounter. The
second source is a 1200 W-h sealed 18-cell rechargeable,
38 JPL SPACE PROGRAMS SUMMARY 37-50, VOL. I
silver-zinc battery which furnishes power for limited time
periods when the solar panels cannot view the sun, such
as during launch and maneuver.
The main regulated power for the spacecraft is ob-
tained from raw dc power from either source and is
boosted up to 56 V and regulated by the booster regula-
tor. The main 2.4-kHz inverter takes this regulated dc
" and changes it into a square wave of 50 V rms. This
power is then switched to various subsystems in response
to commands either from the central computer and se-
- quencer or the flight command subsystem.
During the encounter phase, a 400-Hz single phase in-
verter is turned on, supplying power to the scan and
infrared spectrometer motors. During the maneuver
phase, and whenever gyros are required, a 400-Hz 3_
inverter is switched on to supply gyro motor power.
Raw unregulated power from the main dc bus is dis-
tributed to the radio frequency subsystem to operate the
traveling-wave-tube amplifier, and is also distributed to
the temperature control heaters on the spacecraft.
Reliability is increased by use of a standby booster
regulator inverter chain, which is switched into operation
by on-board voltage and frequency failure sensing logic,
providing redundancy for the most complex part of the
subsystem.
A crystal oscillator in the main inverter controls the
frequency to within 0.01%. A backup crystal oscillator is
located in the standby inverter. If the backup oscillator
fails the standby inverter can free-run within 5%. Thus
other spacecraft subsystems are assured of a reliable,
accurate frequency on their power line. The central com-
puter and sequencer uses this frequency as a timing
source.
The battery is kept charged by the battery charger,
which can be commanded on or off from the ground. A
separate boost circuit is also provided which continually
monitors the raw dc supply voltage, and if a share mode
SOLAR
PANELS
I
POWER I
SOURCE
LOGIC J
!
BATTERY
TRAVELING-WAVE--TUBE AMPLIFIER
BOOST
MODE
CIRCUIT
I HEATERS
| M,,N l M,,NI
2.4 kHz I_
C)/._ R_R "' 'NVERTER I_L._,__
[ OSCl LLATOR
_ BOOSTER : _: 2._Hz J ? J I
 RE UL TO 1IOSC,LLATORIBATTERY
CHARGER FAILURE
iSENSORI
 SCAN
-_ _ 400Hz3-@
ATTITUDE _ INVERTER
CONTROL
ENABLE
POWER
DISTRIBUTION
AND
SWITCHING
INFRARED
SPECTROMETER
GYROS
Fig. 9. Power subsystem block diagram
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condition is detected in which the battery is unnecessarily
supplying part of the total power, then the boost mode
circuitry returns the entire load to the solar panels.
The spacecraft power margin is defined to be the dif-
ference between the total spacecraft power demand and
the power that the solar panels are able to supply.
Table 8 shows the margins expected for various combina-
tions of possible loads at encounter with different condi-
tions of the solar panels.
The power that can be expected from the solar panels
is not a deterministic figure. The solar panel power capa-
bility is a function of the probabilities of the environ-
ment. As a result, the power expected to be produced at
encounter may vary from a high of 514 W for the highest
expected panel performance with no degradation from
solar flares, to 879 W for the lowest expected panel per-
formance with maximum solar flare degradation.
Negative margins appear at five places on this chart.
This means that there are five combinations of low panel
performance, high loads, and heavy degradation under
which the panels may not be able to support the load,
forcing the battery to contribute power.
d. Scan control. The scan control subsystem is a two
degree of freedom, electro-mechanical, feedback control
system which has been designed to point the scientific
instruments at specific areas on the planets during the
encounter phase of the mission.
The general features of the scan control subsystem
include two identical actuator units which consist of a
servo motor, a slip clutch, and a gear train to drive the
165-1b platform 215 deg in clock and 64 deg in cone, four
electromechanical reference units used to store predeter-
mined, platform pointing angles, servo electronics to
drive the actuators, and a far encounter planet sensor,
which is an electro-optical device used to track the
planet.
Also included in the scan control subsystem are two
electro-optical devices known as narrow angle Mars gates.
These units are identical, except for their pointing angles.
They are mounted on the platform. Narrow angle Mars
gate 1 receives its excitation from the pyro subsystem
and is the prime source for initiating cryogenic cooldown
of the infrared spectrometer. Narrow angle Mars gate 2
receives its excitation from the data automation subsys-
tem, and is used to initiate the near encounter sequence.
Both devices provide a voltage level change when the "
limb of the planet enters their field of view.
There are two modes of operation of the scan control
subsystem. In the far encounter mode, from encounter
-48 h to encounter -12 h, the platform moves to its
initial far encounter position by using error signals de-
rived from the far encounter reference units which were
set before launch. The far encounter planet sensor tracks
the center of brightness of the planet by providing two
error signals to the scan electronics. These signals, one
for error in cone angle and one for error in cross-cone
angle, are nulled when the center of the lighted portion
of the planet is in the center of the field of view.
After encounter --12 h, the scan control subsystem
operates in the near encounter mode in which the plat-
form pointing angles are derived from the near encounter
reference units. These stored angles may be updated in
cone or clock by ground command, or in clock by the
central computer and sequencer. In this mode the plat-
form stays in a fixed position relative to the spacecraft
until a new reference value is commanded.
e. Temperature control. The temperature control sub-
system provides an acceptable thermal environment for
the operation of the electronic and mechanical equipment
on the spacecraft.
Item
Table 3. Spacecraft power margins at encounter
Gyros
Off
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Off
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Traveling-
wave-tube
amplifier
power
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Low
High
High
Power
demand,
W
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391
390
427
Solar panel performance margins, W
No flare Maximum flare
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160
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124
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48
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25
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The thermal design of the spacecraft is based on
achieving a complex energy balance between the energy
received from the sun and that thermally radiated to the
space environment. To achieve this balance, the design
includes isolation from solar heating, minimum resistance
to heat transferred within the octagon enclosure and ther-
mally regulated heat mission both from the octagon and
from the science platform.
The isolation from solar heating and the reduction in
heat losses to the space environment are accomplished
, through multilayered aluminized teflon thermal blankets,
polished metal thermal shields, surface finishes, and paint
patterns. Excessive heat generated by equipment is radi-
ated to the space environment through thermally actu-
ated, variable emittance louvers located on the bays and
the science platform. Electrical heaters located in two
of the bays and in the science platform provide necessary
additional heat during certain portions of the mission.
Direct command capability exists to turn on and off some
of this heat in the science platform.
Two new items of Mariner temperature control hard-
ware are being flown for the first time on a spacecraft.
These are: heat pipes, and a temperature control flux
monitor. The heat pipes, which essentially are isothermal
devices, provide a more efficient heat distribution in
bay 6, resulting in a greater thermal margin for operation
of the traveling-wave-tube amplifier high power mode.
The temperature control flux monitor is a thermal flux
radiometer which will give an accurate flight measure-
ment of the incident solar flux. These data will provide a
standard for future simulator testing and spacecraft de-
sign.
f. Conclusion. The complexity of the Mariner Mars
1969 spacecraft lies between the Mariner Mars 64 space-
craft and the Voyager spacecraft design that JPL de-
veloped during 1965. Perhaps the most innovative and
progressive feature of the Mariner Mars 1969 design is
the computer-oriented central computer and sequencer.
In the hierarchy of spacecraft designs, Mariner Mars 1969
is a step upwards.
2. Spacecraft System Test and Operations
a. Assembly and test of system test complex 1. Assembly
and test of system test complex i began upon the delivery
of spacecraft operational support equipment December
19, 1967. As the operational support equipments were
delivered (Table 4), they were installed in the system
test complex area of the new addition to the spacecraft
Table 4. System test complex 1 operational support
equipment delivered to the spacecraft
assembly facility
Subsystem operational support equipment Del|vered
Dec 19, 1967Radio frequency
Power
Power distribution
Central computer and sequencer
Data input a
Science
Ground command
Pyrotechnics
Attitude control and scan control
Cabling
Flight command
Central recorder
Central tlming b
Flight telemetry
Data storage
19,
19,
23,
Jan 2,
2,
4,
4,
8,
11,
15,
22,
29,
Feb 5,
5,
1968
a Part of system test complex data system.
b Partial delivery.
assembly facility. As each set of operational support
equipment was installed, a carefully controlled interfac-
ing of the operational support equipment with the system
test complex power distribution subsystem was performed,
followed by verification of system test complex 60-Hz
,_n 400-Hz ac power _L_o: .... -1 ..__ ...._u t, Ha_u,_ ,_x_u vult_ distribution
to the operational support equipment. A detailed ground-
ing verification completed the initial checkout of each set
of operational support equipment.
b. Assembly of spacecraft Mariner Mars 1969. Initial
preparation for spacecraft assembly started in mid-
December when the spacecraft assembly and test fixture
(low-level positioner) was installed inside the portable,
laminar downflow clean room used for all spacecraft
assembly operations. Optical instrumentation was used
to guarantee that the low-level positioner was properly
leveled.
Assembly of the Mariner Mars 1969 proof-test model
spacecraft began in January, as scheduled (Fig. 10). The
proof-test model octagon structure was received at the
spacecraft assembly facility and installed on the system
test complex 1 low-level positioner January 17, 1968. The
superstructure (used to support the high-gain antenna)
was installed the following day. Buildup for electrical
testing began January 25, when the installation of space-
craft proof-test model cabling was started. Table 5 shows
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Table 5. Subsystem delivery to spacecraft assembly
facility and installation on spacecraft M69-1
Subsystem Delivered Installed
Central computer and sequencer
Pyrotech nits
Scan control
Attitude control
Cabling*
Power
Data automation
Television
Flight command
Radio frequency
Mechanical devices
Jan 18, 1968
22,
22,
23,
23,
25,
25,
26,
30,
31,
Feb 1,
Jan 30, 1968
27,
27,
30,
25,
27,
30,
30,
31,
31,
Feb 3,
Flight telemetry i
Ultraviolet spectrometer
Infrared radiometer
Data storage
Infrared spectrometer
Propulsion
2s 5,
2, 3,
2, 3,
5, 6,
7, 9,
-- Jan 31 ,b
a Proof-test-model equipment; all other equipment listed is engineering
equipment (e.g., prototype).
b Fit check only, not officially delivered.
model
the delivery and installation dates of the subsystems
making up the spacecraft. The date shown represents
the date on which the first discrete unit of each subsys-
tem was installed or delivered. In some cases, several
weeks, or even months, may be required before a sub-
system has been completely delivered and installed (e.g.,
temperature control louvers, flux monitor, shields, and
blankets are delivered separately).
c. Power subsystem test. A power subsystem test was
performed January 29-30, 1968 to verify proper operation
of the spacecraft power subsystem before applying space-
craft power to other spacecraft subsystems. No major
problems were encountered during the test.
d. Initial power application. Initial power application
to spacecraft subsystems commenced January 30, 1968
and continued through February 9. The objective of the
initial power application procedure was to safely apply
spacecraft power to the newly assembled spacecraft.
Consequently, a detailed procedure was used in which
several key parameters were measured for each power
line and cognizant personnel representing both sides of
the power interface were required to agree that the mea-
surements were correct before the interface could be
connected.
The early application of spacecraft power (Fig. 10)
was made possible by the installation of engineering
model (e.g., prototype) subsystems instead of proof-test-
model subsystem equipment. Provision has been made
to replace the engineering units with proof-test-model
units later in the proof-test-model spacecraft test program.
e. Subsystem inter_ace tests. Subsystem interface test-
ing started January 30, 1968, shortly after initial power
application began. The interface tests were conducted to
(1) minimize the chance of equipment damage caused by
improper interfacing, and (2) test functionally all inter-
faces between subsystems and verify agreement of their
signal characteristics with applicable documentation.
Table 6 provides a summary of subsystem electrical
testing performed during January and February. As indi-
cated previously, the dates shown represent the dates on
which operations were started. The duration of interface
and subsystem testing depends upon the availability of
other subsystems and the number and complexity of the
interfaces involved.
Table 6. Spacecraft M69-1 electrical testing
Power
Subsystem Interfaces
application
Power
Cabling
Central computer and sequencer
Jan 29,1968
29,
30,
Jan 30,1968
30,
Flight command
Radio frequency
Pyrotechnics
Flight telemetry
Data automation
Television
Attitude control
Scan control
Infrared radiometer
Data storage
Ultraviolet spectrometer
Infrared spectrometer
31, 31,
31, 31,
Feb 5, Feb 6,
6, 6,
7, 7,
7, 7,
8, 8,
8, 8,
8, 8,
9, 9,
9, 9,
9, 9,
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C. Systems
1. MissionAnalysisandEngineering
During the period, a study of the effects and values of
extending the arrival period beyond the previously as-
sumed 10-day interval was completed. A package of data
generated via the planetary encounter geometry and sci-
ence instrument scans (PEGASIS) computer program,
dealing with the near-encounter geometry and surface
scans of the various scientific instruments, was issued to
the experimenters. Study and development of the near-
earth mission design continued. The spacecraft/launch
vehicle performance and trajectory interface schedule
(PD-103) was revised.
A preliminary flight-path accuracy analysis was com-
pleted, resulting in the publication of a corresponding
project document. The effort considered a range of tra-
jectories and their corresponding flight-path characteris-
tics; it described accuracy characteristics of spacecraft and
launch vehicle, derived optimum midcourse-maneuver
strategies and aiming-point selection considerations, and
discussed planetary quarantine characteristics; also exam-
ined were the orbit-determination accuracy characteris-
tics for the premidcourse, postmidcourse, and encounter
phases.
In addition, the mission plan portion of the mission
plan and requirements document was prepared (the mis-
sion requirements were issued in June 1967). The plan
includes summary descriptions of the project systems, the
scientific rationales and experiment descriptions, and
the mission profile.
Finally, progress was made in the development of the
necessary computer programs for the flight path analysis
and command operational team.
a. Arrival date extension study. Present mission plan-
ning is based on an arrival period which extends from
August I to August 10, 1969, with arrival at Mars to occur
2 ±1/_ h past Goldstone zenith. A study has been con-
ducted, upon the recommendation of the Mariner Mars
1969 mission operations functional design review board,
to determine the effects upon the mission of expanding
the arrival period anJ of varying the time of arrival.
Some of the reasons for which it might be desirable to
extend the arrival period are:
(1) To extend the potential range of Martian longitudes
which could be observed by the science instruments.
The scan trace will cover about 150 deg in longitude, with
viewing on the lighted side covering about 120 deg. The
selected longitude band could be shifted by changing
the arrival date or time; for each earth day of delay in
arrival, the longitude band surveyed would shift by about
9.7 deg to Mars' east (in the direction of Mars' rotation),
while each hour of delay (on a given day of arrival)
would result in a shift of 14.6 deg to Mars' west.
(2) To achieve some relief in the mission operations by
selecting arrival dates which may be separated more than
the current maximum amount of 9 days.
In conducting the study, the importance of science
data returned was given major emphasis while examining •
the impact upon spacecraft and mission operations de-
sign considerations. The parameters of importance fall
into three categories:
(1) Science value. It is required that infrared spectrom-
eter and ultraviolet spectrometer data be taken until the
instrument scans cross the dark limb of the planet and
again view dark space and that 1 min of dark space data
be obtained for calibration of the infrared spectrometer
and ultraviolet spectrometer. These data can be recorded
on the digital tape recorder or transmitted in real time
over the high rate channel (Channel C-16.2 kbits/s) to
earth. Thus, it is required that the digital recorder end-
of-tape and/or spacecraft occultation as seen from the
earth occur no sooner than 1 min after the infrared spec-
trometer and ultraviolet spectrometer traces cross the
dark limb. Other factors are the effect of smear and
the quality of both far- and near-encounter TV pictures
as the approach speed is varied.
(2) Telecommunication margin. Adequate telecom-
munication margins during encounter and playback are
especially important. As the arrival date is changed, there
is a change in the number of days, both before and after
encounter, during which telecommunication margins are
adequate.
(3) Spacecra[t and operational considerations. The im-
pact upon the spacecraft of increasing the arrival-date
separation is in the design and orientation of the spaee-
craft high-gain antenna. (This is not sensitive to arrival
time.) The effects upon mission operations are: (a) in
possibly permitting more time with the posteneounter
operations on the first-arriving spacecraft before turning
to preencounter operations on the later spacecraft (re-
sults from increasing separation between arrival dates);
and (b) in the operations complexity and reliability as a
function of Goldstone view overlap with Woomera, time
from Goldstone rise to the beginning of critical near-
encounter events, the importance of immediate posten-
counter view from Goldstone, and the quality of Mars
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Deep Space Station data at low elevation angles (chang-
ing time of arrival).
4O
The study concluded that the arrival period can be
extended by about 5 days at each end. Although an
arrival of July 27, 1969 might have slightly detrimental
z 3O
effects (e.g., 3% loss in the resolution of each far en-
counter TV picture)/these effects are certainly negligible. __
o
On the other hand, an August 15 arrival may lead to
slight enhancement of the mission, examples of which are
an 8% gain in the resolution of each far encounter TV _ zo
picture and slower flyby speed. In addition, extending
the arrival period at either or both ends might ase the
load on mission operations and the Deep Space Network
o_
should two arrival dates be chosen with a separation ,.,
>
which is greater than 9 days. om
The mission is much more sensitive to an extension of
10 days at either end. Some of the effects of such an
extension are:
(1) Higher flyby speed for a July 22 arrival;
(2) Higher sensitivity to below-nominal telemetry (i.e.,
fewer days are available to receive preencounter
and playback telemetry);
(8) 10% loss in far-encounter TV resolution for a
July 22 arrival and 15% gain for an August 20
arrival.
If telemetry performance were the only factor, the
arrival period could easily be extended to any time from
July 28 to August 15, assuming performance at the sum
of the negative tolerances, and by still many more days,
assuming nominal telemetry performance. This is demon-
strated in Figs. 11 and 12, which show the number of
days with positive telemetry margin at 16.2 kbits/s with
performance at the sum of the negative tolerances and
nominal, and in Fig. 13 at 270 bits/s with performance at
the sum of the negative tolerances.
However, the need to obtain 1 rain of infrared spec-
trometer and ultraviolet spectrometer calibration data
does not allow (for the current platform control and
timing strategy) an extension beyond about August 15.
This results from the fact that the digital tape runs out
1Discussion of a loss ( or gain ) in the resolution for each far encounter
TV picture pertains to a comparison of each picture on a one-to-one
basis. That is, for a spacecraft arriving July 27, resolution of the first
far encounter picture (at E-72 h, 9 min ) would be 3% poorer than
that of the first picture for a spacecraft arriving August 1, etc. This
is the result of a higher approach velocity for a July 27 arrival, which
would mean that each picture would be recorded at longer range
than would those for an August 1 arrival.
0
DAYS BEFORE ENCOUNTER
ABOVE _ NEGATIVE TOLERANCE
FOR 16.2 k bils_- _
/\
DAYS OF PLAYBACK
\ABOVE _ NEGATIVE TOLERANCE
FOR 16.2 k blisS-..
I
/
/
I
I
/
/
/
J
\
\
/  ANTENNAPOS,T,ONE TO COVER THIS PERIOD "_
g - _o __
ARRIVAL DATES, 1969 (CALCULATED AUG 1967)
\
Fig. 11. Number of days with positive telemetry
performance margin. High rate -- sum of
negative tolerance word error rate __ 10 -2
before the 1-min calibration period has ended for all
arrivals after about August 3 (for all trajectory disper-
sions considered), and occultation occurs before the cali-
bration period is over for many trajectories dispersed
below 3000 km for arrivals after about August 15.
It was recognized that encounter must occur in view of
Mars Deep Space Station in order to utilize the high-rate
telemetry capability. Assuming that the minimum ele-
vation that will allow high-rate telemetry at word error
rate < 10 -2 at Mars station is about 13 deg, 3.5 h past
Goldstone zenith is the latest allowable arrival time.
By the same token, 3.5 h before Goldstone zenith is the
earliest allowable arrival time.
The S-band occultation experimenter desires that both
occultation entry and exit occur in view of the deep
space station at both Goldstone and Australia at an
elevation angle of at least 20 deg. It is possible to come
close to satisfying this desire by having the spacecraft
arrive at Mars approximately 115 ± 40 min after Goldstone
Communication Complex zenith.
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HIGH-RATE NOMINAL
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POSITIVE TELEMETRY
/
/
-DAYS BEFORE ENCOUNTER WITH
POSITIVE TELEMETRY MARGIN
I
ARRIVAL DATES, 1969 (CALCULATED AUG 1967)
Fig. 12. Number of days with positive telemetry per-
formance margin. High rate nominal performance
The study recommended that:
(1) The arrival period be extended by 5 days at each
end. This would change the arrival period from
August 1-10 to July 27-August 15.
(2) The project consider the development of flexible
plans to accommodate spacecraft arrival at Mars at
any time from 75 to 155 min after Goldstone zenith.
b. Planetary encounter geometry and science instru-
ment scans. The initial output of the PEGASIS computer
program, a graphic and tabular documentation of the
near-encounter scan geometry for 90 aiming-point cases
defined in Table 7, was released to the experimenters in
January, with the purpose of supporting the selection
z
E
W
J
£
I---
z
0
,.n
£3
40
30
20
I0
I I I
DAYS BEFORE ENCOUNTER /
ABOVE Y. NEGATIVE TOLERANCE /
DAYS OF PLAYBACK CHANNEL 270 bits/s ///
ABOVE T. NEGATIVE TOLERANCE /CHANNEL 270 bits/s_
o :
o _ - _o __
ARRIVAL DATES, 1969 (CALCULATED AUG 1967)
Fig. 13. Number of days with positive telemetry
performance margin -- 270 bbs, sum of
negative tolerance bit error rate
<5X 10 -:_
Table 7. Launch/arrival date sets (fifteen)
Launch
date, 1969
Feb 14
22
27
Mar 3
6
11
14
17
19
27
29
30
31
Apr 1
July 27
A
Arrival date, 1969
Aug 1 Aug 5 Aug 10
B
C
D
F E
K
G
H
I
L
M
N
Aug 15
O
of arrival dates (within the period described in the
previous article) and aiming points.
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The study also shed light on the problem of ultraviolet
and infrared spectrometer dark-side limb crossing, as
shown in Fig. 14. It is evident from the analysis that
recovery of data in this phase, considered very desirable
by the experimenters, will require the high-rate channel
in the majority of the cases studied. In many of the inner
trajectory dispersions, data recovery is not possible even
by this means, since before the infrared or ultraviolet
spectrometer traces cross the dark limb the end of tape
has occurred and the occultation zone has been entered.
Studies are currently underway to alleviate this data-
recovery problem.
A major graphic element of the PEGASIS package was
a series of surface scan maps. For the "southerly" aiming
point cases represented in Fig. 15, the following were
assumed: a clock slew of the scan platform after ultra-
violet spectrometer limb crossing, followed by a cone slew
when the TV trace approached the terminator. For the
"northerly" equatorial pass, of which Fig. 16 is an ex-
ample, only the cone slew was assumed. The various
choices of arrival dates (and times) provide a wide range
of Martian longitudes for viewing by the instruments, as
discussed in the preceding article. Closest approach longi-
tudes vary from about 0 to 180 deg, and, in the first
pictures of the pass, the television may view longitudes
120 to 140 deg west of these points.
Aiming points (six for each date set):
(1)
(9.)
i
Altitude--inner dispersion: B-vector magnitude
5520-6680 km; nominal 3000-km closest approach:
B-vector magnitude 7020-7420 km; outer disper-
sion: B-vector magnitude 7700-8550 km.
Orientation of B-vector in aiming plane--"south-
erly" (polar-cap crossing): 0 = 35 deg; "northerly"
equatorial: 0 = -2 to -18.5 deg derived by cal-
culating the most negative 0 that would still have
the 8-sigma dispersion ellipse within the earth-
occultation and Canopus stray-light constraint
boundaries.
c. Near-earth mission design. During the period, the
launch vehicle system (LVS) generated and supplied to
the tracking and data-acquisition system (TDS) 109 sets
of conic injection conditions. The 109 cases selected are
representative of the selection of final trajectories to be
supplied to the TDS. At present the injection conditions
are being used to generate tabulated view periods of the
near-earth TDS facilities. The Air Force Eastern Test
Range (AFETR) is also using the injection conditions to
study their postinjection coverage capabilities.
Further efforts have been made to select the trajeetory
information which the TDS needs to analyze coverage
capabilities and limitations and to provide preflight acqui-
sition information for the tracking stations. Powered flight
trajectory simulation parameters were supplied for use in
the AFETR powered flight trajectory programs. In addi-
tion, the LVS has supplied the TDS with 22 sample
powered-flight trajectories on magnetic tape. The AFETR
is also studying the use of injection polynomials in pro-
viding preflight acquisition data.
The LVS has proposed several techniques for reducing
the targeting effort over the launch period. One sug-
gestion is to use daily launch windows limited to a
maximum duration of 1 h (present launch windows can
be as large as 8 h in duration). The 1-h maximum launch
window proposal has been adopted.
Where the 1-h window should occur within the total
window possible is under study. As a result of this study
and discussions with the LVS and the TDS, a preliminary
set of criteria have been selected which should allow the
selection of the 1-h window to occur when:
(1) The near-earth TDS coverage is the best possible.
(2) There is a high likelihood of launching with the
Centaur excess propellants near the peak value.
(3) Flying along the edge of range safety limits is
avoided.
During this report period a major revision to the project
SIRD was undertaken. The most significant near-earth
requirement in the revision was the inclusion of a Class I
requirement for spacecraft S-band telemetry support
after spacecraft separation from the Centaur.
d. Flight path analysis and command request for pro-
gramming status. Flight path analysis and command
(FPAC) software computer programs are:
(1) Injection condition generator (ICG)
(2) Orbit data generator (ODG)
(8) Single precision orbit determination program
(SPODP)
(4) Midcourse maneuver operation program (MMOP)
(5) Trajectory program (TRAJ)
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(6) Fly-by fine print (FLY PRT)
(7) rECASTS
The request for programming (RFP) documents associ-
ated with each of these programs (except for PEGASIS)
have been completed and published. In addition, a pro-
grammer has been assigned to begin implementing the
corresponding RFP. PEGASIS preliminary RFP has been
completed and released for the mission operations system.
The ICG, ODG, SPODP, MMOP, TRAJ and FLY PRT
computer programs have all been used in previous mis-
I.d
O9
(.9
t9
Z
sions and are working programs. The changes requested
by the RFP are only revisions to the basic program to
satisfy the Mariner Mars 1969 mission.
Three additional computer programs will be needed
by: tracking data processor, predict program, and pseudo
residuals program during the mission. However, these are
Deep Space Network computer programs that are used
by the Deep Space Network and FPAC. The preliminary
RFPs for these programs have been completed and are
presently being evaluated.
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MINUTES FROM ENCOUNTER
LAUNCH/ARRIVAL SETS A THROUGH 0 GIVEN IN TABLE 7
AIMING CASES: i INNER DISPERSION "l
ii NOMINAL ALTITUDE/:" NOMINAL/ NORTHERLY 8
iii OUTER DISPERSION]
iv INNER DISPERSION ]
/
v NOMINAL ALTITUDE[" 0 = 55 deg
/
vi OUTER DISPERSION]
EVENTS: I INFRARED SPECTROMETER
DARK LIMB CROSSING TIME
_2 ULTRAVIOLET SPECTROMETER
DARK LIMB CROSSING TIME
T END OF RECORDER
o EARTH OCCULTATION
CONSTRAINT CODES: a MUST USE REAL-TIME 16.2 k bits/s CHANNEL
TO GET ULTRAVIOLET SPECTROMETER DARK
LIMB CROSSING
b MUST USE REAL-TIME 16.2 k bits/s CHANNEL
TO GET INFRARED SPECTROMETER DARK
LIMB CROSSING PLUS I min OF CALIBRATION
DATA
c CANNOT GET ULTRAVIOLET SPECTROMETER
DARK LIMB CROSSING ON TAPE OR FROM
HIGH-RATE CHANNEL
d CANNOT GET INFRARED SPECTROMETER
DARK LIMB CROSSING PLUS I rain OF
CALIBRATION DATA ON TAPE OR FROM
HIGH-RATE CHANNEL
Fig. 14. Dark-side scan event analysis
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2. System Test Complex Data System
Developments in this reporting period consisted of
additions to the computer system hardware, changes and
additions to the data input subsystem, and continued
program development and checkout to permit system
test complex data system (STCDS) support of the proof
test model spacecraft system testing, scheduled to begin
in March 1968.
The Control Data Corporation (CDC) 3300 computer
memory size was increased from 32 k to 64 k words, two
_nput/output channels were added to accommodate
added display units and the high data rate channels
(16.2 kbits/s block-coded telemetry and 113.4 kbits/s
digitized analog video), and a plotter and printer were
added to provide these user displays during debugging
and testing of the spacecraft test support program.
A number of modifications to the data input system
telemetry input modules were completed, the controller
module for the high data rate channels was tested with
the long-line computer terminus, and the digital data
input module (for parallel binary-coded decimal data
input, etc.) was received, tested, and accepted. The
junction box module for input signals was completed
and wired except for the analog voltage signal inputs,
which are not usable at this time. Operational checkout
of the spacecraft subsystem operational support equip-
ment (OSE) interfaces with STCDS was completed for
the flight telemetry, science, flight command, and data
storage subsystems. The checkout of the seven remaining
OSE interfaces is proceeding slowly because of lack of
cables and available spacecraft subsystem hardware.
The Mariner Venus 67 STCDS module is being reworked
to provide the analog signal data conditioning, multi-
plexing, and conversion functions for Mariner Mars
1969 use.
An extensive development, testing, and capability
demonstration of the test support program was con-
ducted. Much of the testing and demonstrating were
accomplished using simulated data inputs provided by
the subsystem OSE, by external signal generators, or
by software drivers especially designed to test the capa-
bilities of particular programs. The use of these sources
is required because of the late delivery of some of the
spacecraft subsystems and associated OSE. Program
development for science subsystem support proceeded
satisfactorily, and the first phase of engineering telemetry
processing (decommutation, formatting, and output for
display) has been incorporated into the program and
briefly tested with actual spacecraft data.
The problem of saturation of the computer system
by the real time processing requirements of the 16.2
kbits/s data automation subsystem hardline output has
been reduced by improvement in software efficiency, as
reported in SPS 37-39 Vol. I, but there has been no
further opportunity for testing of the entire software
system under controlled conditions of data input, data
processing and formatting, and data output. The real-
time system remains somewhat sensitive, i.e., it can
readily be saturated, as a result of the processing time
required for output formatting, when excessive requests
are made for simultaneous data display.
3. Mission Operations System
a. Data system design. Several modifications to the
original Mariner Mars 1969 data processing system
design were reported in SPS 37-49, Vol. I, pp. 15-22.
Implementation of this design is now proceeding, with
several changes which will be described, together with
clarification of some of the detailed data processing
capabilities.
In SPS 37-49, Vol. I, p. 19, it was reported that the
science data processing portion of the IBM 7044 real-
time program was planned to be implemented in FY69.
Since some capability compromise might result from
adding the science data processing capability to an
already developed engineering data processor, and addi-
tional testing would be required for acceptance of the
system, it was decided to develop the two processors
together as one program. It is now planned that the
launch version of the 7044 program will contain science
software instead of only the engineering program with a
science raw-data dump capability, as shown in Fig. 3,
p. 17 in SPS 37-49, Vol. I.
No special provisions for real-time telemetry data
plotting are being provided by the 7044 mission
dependent processor; i.e., there will be no data buffers
specifically identified with plotting. Using the available
capability of the mission independent processor, it will
be possible to plot data stored in the printer output
buffer; however, the completeness of the plot will be
constrained by the data in the buffer. For example,
if data suppression tolerance testing is in effect on the
data channel, which it is desired to plot, then only those
points will be plotted whose value differs from the value
of the preceding plotted point by more than the assigned
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tolerance. Thus if a full plot is required, the suppression
tolerance must be reduced to zero, but this will also
result in the printout of all data samples on the affected
channel.
Minimal changes have been made to the planned Deep
Space Network telemetry data system configuration.
Baseband recording of the telemetry data subcarriers on
analog tape was deleted because this form of signal can-
not be handled by the narrow bandwidth characteristics
of the multiple mission telemetry demodulator systems
after modulation of the signal by the "wow" and "flutter"
characteristics of magnetic tape recording.
The revised command system block diagram is shown
in Fig. 17 for comparison with the previous system design
shown in SPS 87-49, Vol. I, p. 18, Fig. 4. This configura-
tion removes all command processing and verification
functions from the space flight operations facility and the
deep space instrumentation facility real-time computer
systems.
b. Software development status. Publication of
requests for programming (RFP) for the 7044 engi-
neering telemetry and science telemetry processors was
completed, and a detailed design review of the 7044
engineering telemetry processor was conducted.
Requests for programming have now been received
for all six of the new or modified spacecraft performance
analysis and command programs. Four programs have
been reviewed, and three were published. Requests for
programming reviews are pending for the engineering
data records program and the communications prediction
program.
Five of the six RFPs for new or modified versions of
the flight path analysis and command mission-dependent
programs have been published. The PEGASIS RFP was
withheld from publication because of receipt of a request
for the addition of plot capability to the program. This
RFP is not expected to be published until the next
reporting period. The mission independent tracking data
processor program RFP was submitted in preliminary
form but probably cannot be implemented in time for
launch, thus requiring use of the Mariner Venus 67
tracking data processor during that period.
The RFPs for space science analysis and command
nonreal-time data analysis, which have been received to
date, are subject to change and are not acceptable for
review and implementation. A review of the science data
analysis requirements, now underway, is scheduled to
provide preliminary RFPs late in the next reporting
period. These RFPs will define the requirements for the
various types of master data records, experiment data
records, and all nonreal-time science quick-look and
data analysis programs.
c. Mission operations planning. Planning for the
Mariner Mars 1969 mission operations continued on
schedule during this reporting period. Revision 1 of the"
Space Flight Operations Plan was distributed. The Mis-
sion Operations System Master Schedule was reissued
February 1, 1968 and will be updated monthly.
A significant portion of the activity during the report-
ing period was in the planning and definition of the
Mission Operations Training Plan and the Space Flight
Operations Test Plan. Both documents are scheduled for
issue during the next reporting period. Figure 18 shows
the timing relationship between the three major test
activities: mission operations tests, Deep Space Network
tests and compatibility tests. The Mission Operations
Master Test Program establishes a category of system tests
which are designed to demonstrate the operational readi-
ness of all elements of the Mariner Mars 1969 Project
to execute the space flight operations. These tests and
their objectives are listed in Table 8.
Table 8. Mission operations system
Test Objective
Tracking data system
verification
Deep space network
integration
Mission operations
system training
tests
Mission opera-
tions system
demonstrOtion
tests
Operational
readiness
tests
To verify that tracking data system is con-
figured as required to support the project.
To demonstrate that the various elements of
the Deep Space Network configured to
support Mariner Mars 1969 operate com-
patibly and that the performance criteria
for the data system are met.
To train mission operations system and track-
ing data system personnel at a system
level in the use of operational procedures
and sequences in the space flight opera-
tions plan.
To demonstrate the capability to process
tracking, command, and telemetry data
in accordance with the operational se-
quences, and to analyze and interpret
these data in response to simulated stand-
ard and nonstandard conditions.
To demonstrate final prelaunch operational
readiness to conduct the standard mission.
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The Mission Operations Training Plan also establishes
a category of compatibility tests which are designed to
demonstrate and verify compatibility between the space-
craft and mission operations. A Mariner Mars 1969 Pro-
ject tracking data system compatibility working group
has been chartered to coordinate the efforts to establish
compatibility between the spacecraft and mission opera-
tions, and to initiate appropriate action to ensure
qompatibility between elements of the mission operations
system and tracking data system. This compatibility will
be demonstrated prior to initiation of each compatibility
test between the spacecraft and mission operations.
D. Guidance and Control
1. Mariner Mars 1969 Central Computer and
Sequencer Operational Support Equipment and its
Evolution
The operational support equipment (OSE) described
herein was developed to support testing of the Mariner
Mars 1969 central computer and sequencer (CC&S). To
verify the OSE design concepts, a developmental model
of the OSE was fabricated and tested; it is now being
used to test the Mariner Mars 1969 CC&S prototype.
This article describes the evolution, functions and design
characteristics of the Mariner Mars 1969 CC&S/OSE.
a. Evolution. The Mariner Mars 1964 CC&S/OSE,
which was later modified for use in the Mariner Venus
67 project, was designed as special purpose equipment
to test a fixed-sequencer type of CC&S. A single test
set design was used for testing of the CC&S in all
test locations (laboratory testing, system testing, or
launch operations).
Laboratory testing of the CC&S required that the OSE
be able to automatically stimulate and monitor the fixed
sequence of the CC&S. Because the fixed CC&S sequence
is hard-wired, the OSE automatic sequence is also fixed
and hard-wired.
An improved fixed-sequencer CC&S was developed in
conjunction with a Mariner Mars 1966 effort, later can-
celled, and a corresponding OSE was developed. This
Mariner Mars 1966 CC&S/OSE employed a punched
paper tape as a source of instructions for automatically
controlling and monitoring the CC&S. The tape control
concept proved to have significant advantages over
previous CC&S/OSE designs because of the relative ease
of changing automatic test sequences and the elmination
of human errors in monitoring CC&S performance.
The Mariner Mars 1966 CC&S/OSE concept was then
applied to the testing of a memory-oriented CC&S with
a variable sequence capability that was developed for
the Voyager program. The tape control feature proved
to be necessary for handling the amount of data required
to load the CC&S memory.
The Mariner Mars 1969 CC&S/OSE design used the
1966 design as a baseline, and incorporated features
peculiar to the Mariner Mars 1969 CC&S design,as well as
design refinements based on the 1966 OSE usage history.
b. Functional description. The Mariner Mars 1969
CC&S OSE is required to perform tests in the laboratory,
at the spacecraft assembly area, and at the launch site
to verify that the CC&S is functioning correctly.
When testing at the subsystem level, the OSE provides
the CC&S with power and commands normally supplied
by other spacecraft subsystems. All CC&S functions can
be manually operated by OSE front panel controls, and
the CC&S events and outputs are monitored by OSE
front panel indicators.
To reduce operator effort, test time, and the possibility
of human error, an automatic checkout test mode is also
provided. The commands and information necessary to
stimulate and to monitor the CC&S through a test
sequence are programmed on a punched paper tape.
If an error in the CC&S operation occurs, a printer prints
a paper record of the CC&S time and the status of the
CC&S output lines at this time. The OSE printer can also
be operated in a mode where all changes of state on
CC&S output lines are recorded.
To test the CC&S operational sequence completely,
the OSE also tests the CC&S launch sequence during
subsystem testing. Thus, the OSE is able to test the
CC&S subsystem in all operating modes.
During system tests, the OSE primarily performs a
monitoring function. The CC&S is cabled into the space-
craft system and the OSE is connected to the CC&S by
the direct access and umbilical connectors. The CC&S
power is provided by the spacecraft, and commands to
the CC&S are sent through the spacecraft command sub-
system. Direct control of CC&S relays, however, is also
provided via the direct access connections. To decrease
test time, the OSE provides the CC&S with speed-up
controls to accelerate the CC&S clocks. A preset counter
in the OSE is used to control the duration of each
speed-up cycle.
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An interlock to the power subsystem OSE is also pro- 
vided to ensure that certain initial conditions in the 
CC&S are satisfied before power can be applied to the 
spacecraft. 
During the countdown sequence at the launch com- 
plex, a simplified OSE is required to control the CC&S. 
This OSE is made up of assemblies used for system 
testing and performs the following functions: 
(1) Loads the CC&S stored program, and interrogates 
the CC&S to verify that no loading errors or 
- memory transients have occurred. 
(2) Electrically holds all CC&S relays in the reset or 
safe state. 
(3) Clears CC&S counters. 
(4) Inhibits CC&S computer clock. 
(5) After application of spacecraft power, provides a 
go/no-go indication that the first stages of the 
CC&S counter are functioning properly by sensing 
a CC&S relay closure between prescribed time 
limits. 
An OSE self-test assembly is provided as an integral 
part of the OSE to verify that the test is functioning 
correctly. In the self-test mode, a control switch in the 
transfer assembly switches the interface lines from the 
CC&S to the OSE self-test assembly, permitting the OSE 
self test to be performed without physically disconnect- 
ing the CC&S from the OSE. 
c. Description of assemblies. Figure 19 shows a block 
diagram of the Mariner Mars 1969 OSE. The functions 
performed in each assembly are shown separately. The 
OSE consists of 12 assemblies mounted in two 6-ft racks 
(Fig. 20). The assemblies in Rack 1 (Fig. 20) are, from 
top to bottom: 
(1) Data processor. 
(2) OSE self-test. 
(3)  Event control monitor. 
(4) CC&S memory loadhnterrogate. 
( 5 )  Interface control. 
(6) Signal transfer. 
The assemblies in Rack 2 are, from top to bottom: 
(1) 2.4-kHz power supply. 
.................. 
Fig. 20. Operational support equipment racks 1 and 2 
(2) Tape reader. 
(3 )  Oscilloscope. 
(4) Printer. 
( 5 )  Drawer. 
(6) Power supply. 
The OSE input power is 115 V ac, 60 Hz through an 
isolation transformer. The primary use and functional 
capabilities of each assembly are discussed below. 
Znterface/control assembly. The primary function of 
the interface/control assembly is to serve as the central 
control and monitoring location in the OSE. Controls and 
indications for both CC&S and OSE functions are pro- 
vided. Controls may be activated either manually by 
front panel switches or remotely from the tape reader 
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assembly via the data processor assembly. Controls and
monitors are routed to and from the CC&S via the signal
transfer assembly, which contains the appropriate buffer-
ing circuits.
The interface/control assembly also contains a counter
divided into hours, minutes, and seconds with in-line
display. The counter is used in laboratory or system test-
ing to accumulate CC&S elapsed time. The clock input
to the counter is determined by the CC&S mode of oper-
ation. The counter inputs are as follows:
(1) CC&S computer 1 pps during CC&S launch, cruise
or encounter sequences.
(2) CC&S sequencer 1 pps during the midcourse ma-
neuver sequence.
(3) CC&S sequencer 20 pps during the midcourse
motor burn interval. Manual presetting of the
counter may be controlled by front panel switches.
Signal transfer assembly. The signal transfer assembly
provides the interface between the OSE control assem-
blies and the CC&S. The OSE and CC&S are ground
isolated by means of transformer coupled electronic
switches or relay switches. For high energy interfaces,
protective interlocks and current limiting are provided
to protect CC&S end circuits. The assembly also provides
test points for CC&S/OSE interfaces.
Front panel switches on the signal transfer assembly
select the OSE mode of operation, by controlling three
51-pole double-throw relays. Energizing these relays
switches the OSE/CC&S interface lines to the OSE self-
test assembly.
Data processor assembly. The primary functions of
the data processor assembly are to operate in conjunction
with the tape reader assembly (1) to provide a means for
loading and interrogating the CC&S memory, and (2) to
generate an automatic program to simulate and monitor
a CC&S flight sequence. The data processor assembly
also operates the printer assembly to produce a printed
record of CC&S memory data, events, and event times.
Tape reader assembly. The tape reader and an 8-channel
punched paper tape assembly operate with the data
processor and are the source of automatic program con-
trol for the OSE assemblies.
Franklin printer assembly. The printer assembly docu-
ments, on a paper tape, test data for evaluation. The
assembly is capable of printing twenty 12-digit lines of
coded (8-4-2-1 code) information per second. Only 6 digits
are used in the Mariner Mars 1969 mechanization.
Central computer and sequencer event control/monitor
assembly. The CC&S event control/monitor assembly
provides direct control of CC&S relays. For each relay
actuation, a 9-bit word is encoded by switches on the
front panel and transmitted serially to the CC&S. After
the completion of the 9-bit data transfer, a strobe pulse
(initiated by a front panel switch) causes the relay desig-
nated by the 9-bit code to change state. This control
function is used only in the manual operation mode.
The monitoring functions of the assembly are:
(1) During laboratory test, to monitor directly the out-
put status of all CC&S relays. The CC&S relays are con-
nected to monitoring flip-flops, which in turn, control
front panel indicators. The OSE has 48 flip-flops to
monitor CC&S relays.
(2) During system testing, to monitor indirectly the
output status of all CC&S relays and display the status
by front panel indications. The CC&S relay outputs are
not available to the OSE during system testing.
(3) During both laboratory and system 'testing, the
outputs of the 48 monitoring flip-flops are monitored by
the data processor logic assembly. In the OSE automatic
mode of operation, the data processor logic assembly can
verify the CC&S relay status during a test sequence.
Central computer and sequencer memory load 
interrogate assembly. The CC&S memory load/interrogate
assembly encodes CC&S memory words and transmits
them serially to the CC&S. Two 18-bit OSE words are
required to load one 22-bit CC&S word. The assembly
also interrogates the CC&S memory to verify the proper
loading of the memory. To interrogate a particular CC&S
memory address, one 18-bit OSE word, containing the
memory address to be interrogated is generated by the
OSE and transmitted serially to the CC&S. This word is
followed by 24 sync pulses which clock out the infor-
mation stored in the addressed memory location. The
memory information is stored in a 24-bit register in the
assembly, and displayed or checked automatically by the
data processor assembly.
During laboratory tests, this assembly provides simu-
lation of the spacecraft command subsystem interface
with the CC&S. Provisions are made for serially loading
18-bit commands (quantitative commands) into the CC&S.
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Two 18-bit commands are required to load a CC&S mem-
ory location (as is the case for OSE loading of a CC&S
memory word). Only one 18-bit word, however, is re- '
quired to load the maneuver duration registers of the
maneuver sequencer portion of the CC&S.
In flight, it will be possible for the telemetry subsystem
to request a readout of the CC&S memory. The readout
,equence is initiated by a request signal from the telem-
etry subsystem, followed by sync pulses at a rate of
331/_ bits/s, which cause the serial transmission of CC&S
_nemory information to the telemetry subsystem. The
CC&S generates a signal when the readout sequence is
complete. The load/interrogate assembly provides simu-
lation of the telemetry subsystem by generating the
required sync pulses and utilizing the 24-bit register
(described above) to monitor the memory contents.
Operational support equipment serf-test assembly. This
assembly provides complete functional self-test of the
OSE. Manual self-test of CC&S/OSE interfaces is also
provided. The signal transfer assembly controls switching
of CC&S/OSE interface lines to the self-test assembly.
For automatic self-testing the OSE, control functions
read from the tape are routed through the load/interrogate
and interface-control assemblies to the self-test assembly.
Control logic in the self-test assembly routes these func-
tions to monitor lines in the various assemblies. In this
way, both the OSE control functions and automatic
monitoring functions may be tested.
2.4-kHz power supply assembly. A 2.4-kHz, 50-V ac,
40-W power supply is required in laboratory testing to
simulate the flight subsystem power input to the CC&S.
Certain characteristics of the output power can be varied
to check CC&S subsystem operation when powered from
a source deviating from the normal.
Direct current power supply assembly. This assembly
contains commercial units that provide dc power for
OSE/CC&S interface functions and OSE indicators.
d. Design characteristics.
Logic circuit family. The Signetics NE 100 series inte-
grated circuits are used to implement all logic functions
in the OSE. A general purpose printed circuit board,
with four integrated circuits mounted per board, was
used as the basic building block for the developmental
model OSE.
Ground isolation. Ground isolation is provided between
CC&S and OSE by transformer-coupled switches for
information transfer across the interfaces. For slow-speed
signals a Motorola-designed isolated pulse switch is used.
A faster universal isolated switch designed by Motorola
is used for transmission of pulse trains.
Direct current power distribution. The data processor
logic load/interrogate, event-control and monitor, and
interface control assemblies perform logic functions
mechanized with integrated circuit elements. Each assem-
bly uses a separate 4.7-V regulated dc power supply, to
minimize the common mode interference between assem-
blies. The single-point ground reference for each of the
supplies is in the signal transfer assembly.
One 28-V power supply provides power for all indi-
cators in the OSE.
Noise considerations. In addition to CC&S/OSE ground
isolation and the dc power distribution precautions de-
scribed above, the following precautions are implemented
against noise interference:
(1) Radial power routing within each assembly.
(2) Separation of high-current signal returns from low-
level returns.
(3) Decoupling applied to logic power supply bus on
each logic circuit board.
(4) Interfacing between OSE assemblies with low im-
pedance line drivers.
(5) The mechanization of control interfaces to the
CC&S with devices having low impedance in both
logic states.
2. Scan Control Subsystem Integration Tests
a. Introduction. The scan control subsystem's func-
tions are described in the preceding article. During this
reporting period, a subsystem integration test was per-
formed using engineering prototype scan electronics and
far-encounter planet sensor (FEPS), production-prototype
clock and cone actuators, and a mockup platform with
one degree of freedom (clock) and bearings and struc-
tural characteristics simulating the expected flight-
configuration parameters. The equipment setup for the
tests is shown in Fig. 21.
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Fig. 21. A sketch of test setup
b. Test plan and facilities. The first test series, con-
ducted in the normal laboratory environment, corre-
sponded to the near-encounter flight sequence. (The
control loop was not closed around the FEPS.) In this
series the positional feedback loop was closed around the
actuators, the dynamic performance was evaluated, the
reference-voltage updating sequence was exercised, and
the backup command system was exercised.
Simulation of far encounter was undertaken in the
celestarium, with the FEPS control loop closed. In these
operations, the drive and structural characteristics were
of great importance; interchangeable coupling rods were
used in the FEPS mount to provide for controlled vari-
ation of structural resonance, and the bearings and other
mockup-platform elements were chosen to resemble flight
configuration.
In the celestarium, an illuminated object simulating the
Mars optical properties was used. The Mars simulator
was rail mounted and with the test object (subsystem)
mounted in the center of the celestarium, the simulator
could be driven in both the cone and clock axes.
Of special interest was the arrangement for simulating
typical limit cycle rate inputs into the system. It was
found that limit cycle rates in the order of magnitude
5/_rad/s, were too low to simulate by driving the light
source. Smooth target motion at these low rates was
beyond the capability of the electromechanical actuators
driving the target. No simple way was found to monitor
the jitter of the target. Thus, this approach proved
impractical. In an alternate method, the target was
maintained stationary, a controlled offset voltage was
introduced into the loop at the output of the FEPS, and
the platform was driven in a direction to maintain the
error voltage of the servo loop at null. Figure 22 shows"
the block diagram representation; the scale factor con-
version of this test configuration is given in the following
Eqs. (1) through (6):
Assuming that the loop gain is >>1 and that there is no
input current flowing into the amplifier
EFEP_ R, L= R., -- Elest (1)
R, + R._,
ErEp,_ = Et_t R_ (2)
EFEpS _- A _FEP:_/('ro,_s cone (3)
where A is the FEPS scale factor in volts per degree
OFEeS/C.... C.... = O('Zocksin (cone z_) (4)
Etest
R, ÷ R_,
n'2
-- A 0c,ock sin (cone _) (5)
Oc,o,,= E,e,t ( R, + n.. ) 1
_ ' A sin (cone_)
(6)
This test configuration differed from the actual system
operation only insofar as the FEPS was not operated
around its null output. The availability of the FEPS
transfer characteristics up to several degrees away from
I_R-ENCOUNTERIEFEpS RI_F_--_ t"_ I
PLANET ___-_,,_j ACTUATOR
SENSORJ PLAtfORM
" i''
L _ sin (CONE_) I
/
Fig. 22. Offset voltage method of limit-cycle simulation
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null and the high degree of linearity of the FEPS for the
operating range warranted this deviation. A low drift,
high input impedance integrator with a step function
input was used to generate ramp functions to simulate
constant low velocity apparent target rates.
A servo analyzer with very low frequency function
generation capabilities was used to evaluate the system
bandwidth, the deadband, the subsystem scale factors
and other information.
The actuator position was monitored on the available
"fine telemetry potentiometer. For the purpose of these
tests the voltage on the telemetry potentiometers was
adjusted to yield a 1 deg/V scale factor on the fine
potentiometer output.
Figure 23 is a display of one set of measurements taken
in the course of the testing. The top ramp function cor-
responds to the input waveshape. Considering the FEPS
scale factor to be 10 V/deg, the input in equivalent
degrees is 1.33 _rad/s into the cross cone axis. The
bottom wave shape is monitored on the fine telemetry
and clock actuator potentiometer. The indicated output
motion is a ramp function with a 3.48 #rad/s slope. 2 The
maximum jitter noted in the output waveshape corre-
sponds to a rate of 113 _rad/s.
Figure 24 is a display of the step function response
of the subsystem. The measured rise time, as indicated
on the figure, is approximately 1.7 s.
:The discrepancy between input and output waveform slopes is
accountable by the difference between clock and cross cone axes.
Resultant cross cone input is [clock input] × [sir_ (cone,4_)].
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Fig. 24. Step response output (clock actuator-
fine telemetry)
Figure 25 shows the far encounter closed-loop fre-
quency response. A 0.3-Hz bandwidth is indicated.
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c. Problems encountered. Problems and observations
of the test series are summarized in the following
paragraphs.
Stepper motor drive logic. It was found that a potential
race problem existed in the logic design of the circuitry.
The breadboard operated satisfactorily, but the engineer-
ing prototype layout configuration and components used
were sufficiently different from those used on the bread-
boards that the race problems caused the circuitry to
oscillate. The logic was modified to eliminate the prob-
lem. When it was found that some power switching lines
were routed under noise-sensitive one-shot integrated
circuits causing spurious firing of these units, the wires
were rerouted to correct this situation.
Turning on the encounter power caused the stepper
motors to increment 1 deg due to coupling of the turn-on
transient into the stepper motor electronics. This was
corrected by changing the reset pulse to the counter
flip-flops from a once generated pulse at power turn-on
to an internally generated pulse available at each step
actuation. These changes to the stepper motor drive
electronics did not include the addition of any compo-
nents and were confined to minor changes in the printed
circuit board layout.
Servo amplifier. The servo amplifier engineering proto-
type showed some small amplitude oscillations when
driven into saturation in what is its normal operating
mode during slewing. This was corrected by changing the
local compensation around a _A 709 operational amplifier
and modifying the compensation around the overall power
amplifier. It was also necessary to add 2 decoupling
capacitors on the board to the ± 15-V supply. To improve
amplifier output at saturation, resistor values were
changed to allow harder drive.
The tantalum-foil phase-shift capacitors for the actua-
tor servomotor reference winding were found to be
running warm; they have a high power factor. Metallized
polycarbonate capacitors were substituted, necessitating
an installation change because of the larger size of the
new components.
Mode control electronics. Several switching circuits
were found to be biased with insufficient tolerance to
accommodate worst-case circuit conditions. A failure in
the switching circuitry was encountered during the tests.
The circuits were modified to allow for operation under
worst-case circuit condition.
Far encounter planet sensor scan electronics interface.
Ripple on the -15-V line, brought from the electronics
into the FEPS, caused a burst of pulses, in lieu of one, to
appear on the PIFOV (planet in field of view) line. This
caused the relay, transferring servo control from the
reference potentiometers to the FEPS, to chatter. Cor-
rective action was taken by modifying the FEPS circuitry
to include a zener diode where a stable reference voltage
was required.
Power supply. Two inductance capacitance filter ca-
pacitors on the scan electronics ±15-V supply were
doubled in value, thus lowering the supply voltage ripple,,
during actuator slew, by a factor of 1/_.
Actuators. When the actuators are used in conjunction
with the scan subsystem in the far encounter mode, the
FEPS error voltage can drive them into a "forbidden"
region from which they cannot be extricated through the
use of commands and reference-voltage setting2 The
actuators can be driven back to their normal operating
range by putting the system into the far-encounter mode
and driving the actuators through the FEPS. This prob-
lem cannot occur in flight configuration (actuators coupled
to platform) because the platform has its own mechanical
stops to limit its range of travel.
d. System evaluation by simulation. Computer simu-
lation of the system integration test was performed to
verify and supplement the recorded data.
The system dynamics block was constructed, as shown
in Fig. 26. The load inertia is represented largely by the
reflected motor rotor inertia due to a large transfer ratio
in the gear train.
The equations of motion are
]p _p + Bp (dp -- _a) + K_, ( 0_, - 0n) = 0 (7)
and
(]z + ]_N _) Oa + BraN _ (0_) = TL (8)
where TL is the torque applied to the load.
:_The potentiometers used in the reference-voltage control mode are
geared up (1.6:1) from the output shaft in order to use nearly full
potentiometer range over the anticipated operating angular range.
The mechanical stops of the actuator are beyond this range. In the
far-encounter mode, the shaft may be driven (by FEPS error sig-
nals ) to the end of the pot range, beyond it into the deadband, and
then into the opposite end of the pot range, before the actuator stop
is reached.
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Fig. 26. Basic dynamics block
From the above equations the transfer functions are
Oa = ]z + ]_N _
( B'N2"_T_ s s + 1, + ],,N_]
(9)
S,( G)
O___p= -_-p s + _ (10)
Bp Kp
s2+-V, s+ i--7
The zero in Eq. (10) occurs at a much higher frequency,
as compared to the system bandwidth; and this term
may be neglected for this analysis.
Using the transfer functions derived above, a basic
linearized scan control system block diagram (far en-
counter mode) is constructed, as shown in Fig. 27. The
structural dynamics are represented by a second order sys-
tem, in terms of a damping ratio and a natural frequency.
FAR- ENCOUNTER
PLANET SENSOR AMPLIFIER MOTOR
Hso+,t-t,
SIN (CONE) + 2_WNS+W _
l STRUCTURAL GEAR
DYNAMICS RATIO
I-II,-OUTPUT
Fig. 27. Basic linearized system
From the diagram, the open loop transfer function of
the system is,
c(s) =
Ka Ku Kp sin (cone) W_
N (STA q- 1) (STp + 1) (ST_ + 1) (S 2 + 2_ W_ S + W_)
where
gt
KM--
Kw
]m + ],N"
Z,t-
Kwa
a = torque transmission efficiency
Kt = motor torque constant
Kw = motor velocity constant
Substituting typical parameter values measured during
the system integration test, a Bode plot was constructed
using a program on an IBM 7090 digital computer. The
magnitude and phase plots are shown in Figs. 28 and 29,
respectively. The structural resonance was assumed to
occur at 5.5 Hz (expected worst case) with a damping
factor of 0.02.
The 3-dB bandwidth is lower than originally estimated
(about 1 Hz), presumably due to the value of the torque
transmission efficiency measured being lower than the
original estimate. The gain margin is seen to be about
18 dB, and the phase margin is about 5:5 deg. A nominal
cone angle (far encounter mode) of 155 deg was used.
The motor velocity constant was adjusted to one-half
of the measured value (at slew speed) to accommodate
a nonlinear characteristic of the torque-speed curve. A
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e. Addition of nonlinear blocks. In order to investigate
a dynamic performance of the control system by means
of computer simulation, nonlinear characteristics were
added into the system of Fig. 27 and the diagram was
rearranged to simulate the actual test connections, as
shown in Fig. 30.
The test modes of operation were described in the
earlier section. One of the typical results of the simulation
(approximately 0.8-deg step response) is shown in Fig. 31.
The ringing in the response waveform may not be
observed in the telemetry output because of the dead-
band in the readout mechanism.
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Fig. 28. Magnitude response, linearized system
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measured frequency response of the closed loop system
is shown in Fig. 27 for comparison. The curve has been
compensated for the deadband in the readout device
(telemetry-fine output) which effectively decreases the
readout magnitude.
3. Attitude Control Gyros
The Kearfott C702565001 miniature floated rate inte-
grating gyroscope used in the attitude control subsystem
of the Mariner Mars 1969 spacecraft has recently been
subjected to a comprehensive qualification test program
by JPL. This program was accomplished by: (1) estab-
lishing the gyro performance to a high degree of con-
fidence through various types of laboratory tests; (2)
subjecting the gyroscope to the Mariner Mars 1969 type-
approval environments, including special low and high g
sine vibration; (3) establishing the gyro performance
between the major environments; and (4) finally repeat-
ing the performance tests in the laboratory and starting
the gyro into life test. This program has been fornmlated
to establish a level of confidence in the flight readiness
of this gyro design by subjecting it to a more severe
environment than the Mariner Mars 1969 launch vehicle
presents. Most of the qualification testing was completed
in late October 1967, early enough in the attitude control
subsystem fabrication phase to recover from a serious
design deficiency.
The first gyro delivered for use with the Mariner Mars
1969 Program, serial number 101, was selected as the
evaluation unit. This gyroscope is a single degree of
freedom, floated rate integrating type. The spin motor is
a hysteresis synchronous unit which operates from 26-V,
400-Hz, 8-95 power and develops an angular momentum
of 227,000 g-cm'-'/s at synchronous speed of 24,000 revo-
lutions/min. The pickoff is an air core differential trans-
former which indicates the gimbal angular position
relative to the case as a 2400-Hz ac voltage. The torque
generator is a 4-pole permanent magnet dc torquer. An
integral heater and temperature sensor maintain gyro
temperature at a nominal 115°F. The gyro is a low
damped unit, with nominal gain of 2_0-deg output axis/
deg input axis.
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The test program that established confidence in the
gyro performance, before environmental testing, was di-
vided into six major categories: initial electrical measure-
ments; spin motor evaluation; phasing, gain, pickoff scale
factor and transfer function; gimbal freedom, elastic
restraint and transient response; eight position heading,
polar axis tumble and servo table cogging; drift repeat-
ability and random drift. The important gyro performance
values derived from this confidence test program are
listed in Table 9.
Total spin motor power recorded at power application
was 3.4 W, reducing to 2.1 W at synchronous motor
operation. The minimum voltage required to start the
spin motor and accelerate it to synchronous speed within
15 min was determined to be 16 V rms, line to line. The
gyro gain and transfer function were measured at oper-
ating temperature and at -+-5°F from operating temper-
ature. The nominal value of gyro gain was recorded at
285-deg output per degree input. Nominal transfer func-
tion was 85.8-V/deg input. The response time to a step
input of current to the gyro torquer equivalent to
650 deg/h was found to be less than ,30 ms in any gyro
position. There was no indication of sticking or "hang-up"
during gimbal freedom testing. Elastic restraint, as mea-
sured with the gimbal freedom tester, averaged 0.231
deg/h/deg. Electrical output noise, as measured across
the 100-f_ monitor resistor and the gyro torquer, was less
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Fig. 31. Simulated step response
than 150 mV p-p for any gyro position. Finally, gyro ran-
dom drift, as calculated from the run to run method and
the data-best fit method, averaged out at 0.0149 deg/h.
The Mariner Mars 1969 type-approval environmental
test program used to qualify this gyro design was divided
into six major categories: static acceleration and humidity;
thermal-vacuum, temperature limited to 25°F minimum
and 131°F maximum; preliminary low-level vibration for
gyro resonance and anisoelastic coefficient determination;
sine vibration for class III assemblies, 9 g rms maximum;
random vibration; and shock. Performance re-evaluation
heading tests were run after each of the major environ-
ments to tie down possible failure points. The important
gyro performance values, recorded after completion of
the Mariner Mars type-approval requirements are listed
in Table 10.
Total spin motor power, recorded at initial power
application, was 3.5 W, reducing to 2.1 W at synchronous
motor operation. The response time to a step input to
the gyro torquer remained at less than 30 ms for any
gyro position. Again there was no indication of sticking
or hang-up during gimbal freedom testing. The gimbal
freedom test indicated the average value for elastic re-
straint was 0.225 deg/h/deg. Electrical output noise had
increased to 260 mV p-p maximum, and gyro random
drift had changed to a new value of 0.0310 deg/h.
Table 9. Important qualification program
performance values
Spin motor run-up and run-down time
Temperature, °F Run-up time, s Run-down time, s
50 49.7 225.9
76 50.0 274.6
115 50.3 329.8
Drift terms _ eight position heading test
g insensitive
drift, deg/h
(RT)
g sensitive
drift along
the input
axis, deg/h/g
(MUI)
g sensitive
drift along
the spin axis,
deg/h/g
(MUS)
Torquer scale
factor, deg/h/mA
(K,)
0.083 0.095 0.059 -- 138.884
Drift terms -- equatorial tumble test
0.052 O.105 0.111 Not applicable
Drift terms -- six- sosition cogging test
0.108 0.064 0.078 Not applicable
Run-to-run drift term repeatability
0.0034 0.0039 O.0130
Warm-up-to-warm-up drift term repeatability
0.0036 0.0036 O.0213
Day-to-day driftterm repeatability
0.0038 0.0052 0.0321 --
During the course of the gyro environmental evalu-
ation, a set of qualification tests were run on the newly
designed gyro vibration fixture. The fixture was evaluated
for gain and cross coupling and as a result of this, is now
qualified for vibration tests of Mariner Mars 1969 flight
gyroscopes. After performance re-evaluation tests were
completed the gyro was subjected to increased g levels
of sine vibration for maximum values of 13.5, 20.0 and
25.0 g. The objective of this portion of the program was
to qualify the gyro beyond the required vibration for the
purpose of establishing its reliability factor in this en-
vironment. The gyro drift performance recorded through-
out this evaluation program, including the high g portion,
is listed in Table 11.
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Table 10. Important type-approval environmental test program values
Spin motor run-up and run-down time
Temperature, °F Run-up time, s Run-down time, s
50 59.5 232.3
76 54.0 287.6
113 55.5 317.1
Drift term -- eight position heading
g insensitive
drift, deg/h
iRT)
!
g sensitive
drift along
the input
axis, deg/h/g
(MUI)
g sensitive
drift along
the spin axis,
deg/h/g
(MUS)
Torquer scale
factor, deg/h/mA
(Ks1
-I-0.122 0.545 0.411 -- 138.370
Drift terms -- equatorial tumble test
g insensitive
drift, deg/h
(RTI
g sensitive
drift along
the input
axis, deg/h/g
(MUI)
g sensitive
drift along
the spin axis,
deg/h/g
(MUS)
Torquer scale
factor, deg/h/mA
(K=)
Drift terms -- six-positlon cogging test
-I-0.084
0.579 I 0.514
Run-to-run drift term repeatability
0.0052 0.0088 0.0162
Warm-up-to-warm-up drift term repeatability
0.0066 0.0129 0.0524 --
Day-to-day drift term repeatability
0.597 0.495 0.0062 0.0137 0.0758
Table il. Performance summary
Pre-Mariner Mars 1969
Type-approval
drift performance
Eight position heading test
Equatorial tumble test
Six position cogging test
g insensitive
drift, deg/h
(RT)
0.083
0.052
0.108
g sensitive
drift along
the input
axis, deg/h/g
(MUI)
0.095
0.105
0.064
g sensitive
drift along
the spin axis,
deg/h/g
(MUS)
0.059
0.111
0.078
Torquer scale
factor, deg/h/mA
(Kt)
--138.884
Post-Mariner Mars 1969
Type-approval drift performance
Eight position heading test
Equatorial tumble test
Six position cogging test
Post-high g drift
performance
0.122
0.117
0.084
0.545
0.597
0.579
0.411
0.495
0.514
--138.730
Eight position heading
test, 13.5 g
Eight position heading
test, 20 g
Eight position heading
test, 25 g
(day 1 )
(day 2)
0.131
0.126
0.701
0.034
--0.036
0.193
0.067
--0.060
0.722
0.364
3.670
0.312
--138.962
--138.928
--140.191
--138.932
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Item
Table 12. Planetary ranging design control parameters a
Nominal
Parameter
value
1 Total transmitter power, dBm 400 kW
2 Transmitting circuit loss, dB
3 Transmltffng antenna gain, dB
4 Transmitting antenna pointing loss, dB
5 Space loss, dB F = 2116.0 MHz,
R = 395 x 10 ekm
6 Polarization loss, dB
7 Receiving antenna gain, dB
8 Receiving antenna pointing loss, dB
9 Receiving circuit loss, dB
10 Net circuit loss, dB
(items 2 + 3 +4 +5 + 6 +7 -_- 8 + 9)
11 Total received power P(T), dBm
(items 1 -_- 1 O)
1 2 Receiver noise spectral density dBm/Hz--
T (system) = 1962 + 340 -- 292°K
13 Carrier power/total power P(C)/P(T), dB
14 Received carrier power dBm (items 11+13)
15 Carrier threshold noise bandwidth (dB/Hz)
2BLr, = 20+0--4 Hz
16
17
18
19
Adverse
tolerance
86.000 --0.300
--0.400 --0.1 O0
59.8 --0.500
0.000 0.000
-- 270.893 0.000
--0.082 --0.020
7.000 -- 1.500
--2.500 --0.750 b
--0.080 --0.010
--207.155 --2.880
--121.155 --3.180
-- 165.675 0.700
--5.228 --1.725
--127.263 --5.655
13.000 0.000
Carrier performance, data demodulation
Threshold SNR in 2B_m, dB 8.000
Threshold carrier power dBm --144.675
(items 12+1-15+I-16)
Performance margin, dB (items 14 -- 17) 17.412
Turnaround ranging channel performance
0.000
0.810
--6.465
20
21
22
23
24
25
26
Ranging power/total power P(R)/P(T), dB -- 1.550
8r z 56 ° 47' -I- 11.5 -- 1.5% (5-h tracklng)
Ranging signal power, dBm -- 135.705
(items 11 +19--0.318 dB)
Ranging noise bandwidth 61.760
1.5 + 0.3--0.3 MHz
Ranging noise power, dBm (items 12+21) --103.915
Signal-to-noise at limiter input, dB -- 19.118
(items 20--22)
Ranging suppression, dB -- 20.808
Total transmitter power, dBm 17_-4--0 W 42.320
Transmitting circuit 1ass, dB -- 1.840
-- 0.085 c
--3.265 d
0.790
1.490
--4.755
-- 5.000
0.000
--0.350
aCondltions: heliocentric opposition, May 1970, spacecraft hlgh-power, receive
Iow-galn, transmit hlgh-gaTn, 210-ft dish, 400-kW ground transmitter, code
component lengths 2, 11, 15, 19, and 2, 7, 11, 19. See Footnotes h and i, below.
bSince the high gain antenna is aimed at the earth, there is a 2.5-dB loss in the
low gain antenna performance, due to the 40-des offset.
CThe ranging modulatlon index has been chosen to provide carrier data demodu-
lation performance above its sum of the negative tolerances, 70% ranging power,
30o/0 carrier power in the upllnk signal.
dThe loss of the ranging signal power outside of the 1.5-MHz bandwidth
(--0.318 dBI has been considered.
Item
Nominal
Para meter
value
Adverse
tolerance
OR z 56 ° 47' + 11.5 -- 1.5% (5-h tracking) (contd.)
27 Transmitting antenna gain, d8
28 Transmitting antenna pointing loss, dB
29 Space loss, dB F = 2297.0 MHz, R
= 395 x 106 km
30 Polarization loss, dB
31 Receiving antenna gain, dB
32 Receiving antenna pointing loss, d8
33 Receiving circuit loss, dB
34 Net circuit loss, dB (items
26+27+28-t-29+30+31 +32+33)
35 Total received power P(T), dBm
(items 25+34)
36 Receiver noise spectral density, dBm/Hz
T (system) = 65.0+5--7 °K
37 Carrier power/total power P(C)/P(T), dB
38 Received carrier power, dBm (items 35+37)
39 Carrier threshold noise bandwidth, dB Hz
2BLo = 12+0--2.4 Hz
25.600
0.000
--271.606
0.000
61.800
0.000
0.000
--186.046
--143.726
--180.476
--3.355
--147.081
10.800
--1.000
--2.850 e
0.000
0.000
--0.500
0.000
0.000
--4.700
--1.023
--5.723
0.000
Carrier performance, data demodulation
40 Threshold SNR in 2BLo, d8
41 Threshold carrier power, dBm (items
36+39+40)
42 Performance margin, dB (items 38--41)
43
44
45
46
47
48
49
Ranging channel
Ranging power total power P(R)/P(T), dB
Total ranging suppression, dB
(items 24+43)
Ranging signal suppression, d8
Ranging signal level, dBm
(items 35+44+45)
Threshold SNR for 5-h acquisition, dB
Threshold ranging power, dBm
(items 36-J-47)
Performance margin, dB (items 46--48)
6.000 0.000
J--163.676 0.322
16.595 --6.045
--9.675 --2.429
--30.483 --7.429
0.000 0.000
--174.199 --12.129
--5.953 h 0.000 g
--6.155 i
--186.434 h --0.322
--186.531 i
+12.235 h --11.807
+12.422
eThe pointing accuracy of the high gain antenna for 40 des off the sun llne is
between 1/2 and 1 deg, followed by a 3-G drift rate of I/2 deg/h for each axis.
This results in an adverse tolerance of --2.85 dE for the high gain antenna,
assuming 5 h for acquisition.
fThe noise temperature of the receiver for the 1.5-des sun offset angle of Mariner
Mars 1969 is estimated to be 65 +5 --7°K (Ref. 1).
gA code Jength of about 3000 is required for a 500 km ambiguity in the trajectory
data. To obtain such a code, combine components of lengths 2, 11, 15, and 19.
The total length is 6270. Combining component lengths 2, 7, 11, and 19 results
in a code whose length is 2926.
hCode (ength 6270.
iCode length 2926.
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E. Telecommunications
1. The Feasibility of Ranging for a Relativity Experiment
The feasibility of using planetary ranging for a rela-
tivity experiment during postencounter for Mariner Mars
1969 operations is being studied.
The ranging system is a turnaround system (Fig. 82).
, A carrier modulated by a pseudo-noise code is transmitted
to the spacecraft. The spacecraft receives the signal and
retransmits it to earth. If the code has sufficient length for
the ambiguity of the trajectory data, the range of the
spacecraft can be calculated with an accuracy of a few
meters.
The analysis was performed for the point of helio-
centric opposition on May 13, 1970, for a February 16,
1969 launch. The following assumptions were made:
(1) Modified ranging system similar to Mariner
Venus 67.
(e)
(3)
(4)
(5)
(6)
(7)
(8)
A transmitter power of 400 kW on the 210-ft dish.
A range of 395 × 10'; km.
Spacecraft low-gain antenna receiving and high-
gain antenna transmitting.
Reorientation of spacecraft to afford optimum aim-
ing of the high-gain antenna.
Less than 70% of the uplink power in the ranging
signal to maintain sufficient carrier margin.
An acquisition time of 5 h.
Ranging plus channel B telemetry at 81A_bps on the
downlink.
(9) Code lengths 6270 and 2926 for the ambiguity of
approximately 500 km in trajectory data (Table 12).
The ranging accuracy is ±5 m. This is due to a 1-_r
ranging clock phase jitter of 6 deg at threshold. This
accuracy is inherent in the transponder bandwidth and
cannot be traded for additional performance.
It was necessary to assume that the spacecraft would
be oriented so that its high-gain antenna pointed straight
at earth. This implies a rotation of about 40 deg from
normal cruise altitude, as shown in Fig. 38.
The analysis shows that accurate ranging is possible.
Figure 34 shows the ranging performance for the period
from September 1969 to January 1971.
HIGH-GAIN ANTENNA__
EARTH
Fig. 32. Turnaround ranging scheme
40 deg
EARTH _ _ 595x106 km
Fig. 33. Necessary spacecraft orientation for relativity
experiment
For the longer code, the minimum nominal perform-
ance margin is + 12.235 dB above threshold. The sum of
the negative tolerance is -11.807 dB. That is, there is
+0.428 dB margin in the worst case (Table 12, Item 49).
For the shorter code, the minimum nominal perform-
ance margin is + 12.422 dB above threshold. The sum of
the negative tolerance is -11.807 dB. That is, there is
+0.615 dB margin in the worst case (Table 12, Item 49).
The shorter code provides more margin, but the allow-
able ambiguity in the trajectory data is much less for the
shorter code than it is for the longer one.
The acquisition time for the longer code 4 is
Ttotacq = T_zcq + Tset
_Tausworthe, R. C., R and D Planetary Ranging System Operation
Manual, Jet Propulsion Laboratory, Pasadena, Calif. (internal
document).
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Fig. 34. Ranging performance margin (August 1, 1969 to January 1, 1971)
where Tset is the acquisition time of the clock component,
and Tacq is the acquisition time of the other components.
No
No £ fl_ p_/(aCi)2 = (8440) --if-- s
racq _ _-
2
where No/S is the one-sided noise spectral density to
signal ratio.
The S/No ratio as a function of acquisition time is
S 4565
No -- -Ttot acq
For 5-h acquisition (18,000 s), the required threshold
S/No is
No 1.25 S 4565 4565 1
- - 5.958 dB
Tset - S (r2 )< 10 -12 s No - TtotaZ acquisition -- 18,000 8.943
where <ris jitter in light-seconds.
We choose _ = 10 m/C where C is free space speed
of light.
Similarly, for the shorter code, the threshold is
S 6.155 dB
No
Then
Thus
T,_t =(1125)No/S s
Ttot acq = (3440 + 1125) No/S = (4565) No/S s
A major problem area affecting the feasibility of the
experiment is the long acquisition time. It has to be
determined whether the assumed 5-h acquisition time is
compatible with channel stability. The acquisition time
could be shortened to i h if the performance of the channel
were increased 7 dB.
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2. Data Storage Subsystem
A general description of the data storage subsystem
appeared in SPS 37-47, Vol. I, pp. 59-60. This article will
describe the analog tape recorder in more detail, the
derivation of the accuracy requirement on the system,
and the testing, to date, to determine the accuracy of
the system.
|
a. Analog tape recorder functional description. A func-
tional block diagram of the analog tape recorder (ATR)
is shown in Fig. 35. The analog signal received by the
data storage subsystem (DSS) from the television sub-
system has the following characteristics: source imped-
ance, 600 fz; p-p voltage minimum, 0.5 V; maximum,
4.5 V. The minimum p-p voltage is derived by the linear
in-phase addition of an unmodulated carrier to the modu-
lated carrier. This assures the DSS of a minimum carrier
level under all conditions for use as a pilot tone to
synchronize the playback motor servo.
y ANALOG VIDEO DATA
RECORD
ELECTRONICS
TRANSPORT
I/7 RECORD/
PLAYBACK
RAT O
PLAYBACK
ELECTRON CS
BAND-PASS
FILTER
SAMPLE
_ AND
HOLD
cZo%o I
DETECTOR I
I I ONE-SHOTI I
N_ M U LTDIV IBARyATOR ["J
H ANALOG-
TO-
DIGITAL
CONVERTER
6-bit SERIAL
D G TAL DATA TO
DIGITAL TAPE
RECORDER OR
TELEMETRY
Fig. 35. Data storage subsystem functional
block diagram
The playback tape speed is lh the record speed, with
the result that carrier frequency is reduced by a factor
of lh (18.9 kHz/7 = 2.7 kHz). This is the first stage of data
rate reduction, the final stage being the digital tape
recorder (DTR) record/playback ratio. The band-pass
filter (centered at the carrier frequency) reduces the
thermal noise and tape noise outside the information
bandwidth.
A zero crossing detector generates a pulse at the instant
o£ positive slope zero crossings of the modulated carrier.
This pulse, delayed 1/_sample period, triggers the sample
and hold circuit which holds the positive peak value of
the carrier for interrogation by the analog-to-digital con-
verter (A/DC). The peak is digitized to 6 bits, forming a
l&2-kbps serial digital data stream to be stored on the
DTR or be telemetered directly to earth using the high
rate block coded channel.
b. Accuracy requirement. The accuracy requirements
on the ATR were determined from the objectives of the
television experiment. The goal in the TV experiment is
to achieve a final photometric precision of 0.5% rrns.
This level of precision is not attainable from amplitude
dependent analog recording equipment (ground-based
or flight).
In order to approach the precision desired, it was
necessary to adopt a form of data compression similar to
delta compression. The television subsystem processes the
video data into two channels. One channel is a digital
channel which is recorded on the DTR and the other is
the analog channel which is recorded on the ATR. Video
data from the camera is sampled at an 18.9-kHz rate to
obtain a pulse amplitude modulated (PAM) represen-
tation of the video. The digital channel data are obtained
by gating every seventh video PAM sample into an 8-bit
A/DC. This 8-bit word is broken up to give the six least
significant bits to the DSS DTR (the two most significant
bits are transmitted in real time). These every-seventh-
samples carry high accuracy low frequency video in-
formation.
The PAM data are filtered and enhanced in the TV sub-
system to produce an amplituded modulated sine wave
which is sent to the ATR. This filtered and enhanced
information carries the high frequency detail of the pic-
ture. The enhancement relaxes the accuracy requirement
to 1.5% rms. This less severe requirement, along with the
digital channel data, allows us to define an ATR accuracy
goal in the following manner:
(1) The A/DC has 6-bit accuracy which implies peak-
to-peak amplitude uncertainty of 1.56% (or 0.45% rms).
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(2) It is desired to make full use of the accuracy of the
6-bit A/DC by having only the least significant bit
toggling from noise. This implies that the noise contrib-
uted by the ATR shall be about equal to the root mean
square uncertainty of the A/DC. The total rms error for
the system will therefore be about 0.7%, which is more
than twice the accuracy required.
(3) Since every seventh data point is accurately known,
it is only necessary to achieve the 1.5%-rms accuracy on
the data points which fall between the "accurate" sample
points. Therefore, the low frequency modulation noise
components in the region from the carrier to _(fc)/(14)
(where fc -- 2.7 kHz on playback), which make up the
majority of the modulation noise from tape, may be
neglected in the ATR noise analysis.
(4) Based upon the considerations in (1), (2), and (8),
the following ATR accuracy goal was defined
• Z; , ,
n=l J=6n-5
E _ 0.5 quantum leveP
where
• = average rms error over adjacent nonoverlapping
data points in quantum levels _
N number of sets of 7 points; the total number of
points in the sample set being M -- 6N + 1
M = number of points in this sample set
W z the number of quantum levels _which the jth point
of the sample set is in error from a line which
has been least square fitted to the nth set of 7 data
points
Under this same definition, it was agreed that if _ _> 1.5
quantum level, the ATR noise would be larger than could
be tolerated.
analysis and image processing laboratory analysis. The
purpose of these tests was to determine if the ATR could
achieve the accuracy goal (if not, how close to the goal)
that was agreed upon.
In the first test phase, several unmodulated carriers
having selected amplitudes throughout the amplitude
range of the ATR were recorded and played back for
modulation noise analysis. The data were acquired in two
• II
ways: the first used a 18-bit A/DC to digitize the carrier
peaks prior to the sample and hold circuit (Fig. 85); the
second used the 6-bit A/DC in the DSS to digitize
the carrier peaks. These digital data were formatted and
recorded on IBM format digital tape for analysis in a
computer using the average rms error equation. The
analysis using the 18-bit A/DC was primarily for the
purpose of obtaining an approximate rms error evaluation
in percent (using the 18-bit A/DC does not include the
errors contributed by the 6-bit A/DC). A plot of a typical
rms error analysis using the 6-bit A/DC is shown in Fig. 86.
Note that the rms error increases with mean amplitude.
This is a result of a property of tape called dc modulation
noise. The dc modulation noise is approximately a fixed
percentage of the carrier amplitude. Therefore, when
compared with the size of a quantum level step, the
number of quantum levels that the variations traverse is
smaller as the amplitude of the carrier decreases.
Clearly, the ATR does not perform within the accuracy
goal. Little, if any, improvement in the rms error is
expected with the present analog tape transport configu-
ration because the errors are principally a result of tape
properties and tape-reproduce head interactions. Further
investigation in these areas will be carried on to determine
if any improvement can be realized without extensive
changes in the tape transport design.
1.0
oC 0.8
c. Data storage subsystem analog tape recorder bread- °m
board performance. Two phases of testing were con- ,.,
ducted on the ATR breadboard. One phase involved _ 0.6
recording an unmodulated carrier and analyzing the _"
modulation noise contributed by the ATR; the other ,t
phase was an interface test with the TV subsystem in _ 04
which pictures were recorded and played back for visual
r'I'he term "quantum level" is actually used as a comparative to
express the system performance in the context of the resolution of
the A/DC converter. Therefore, fractional quantum levels, though
not literally correct, are used.
0.2
0
' ' ' flANALOG TAPE RECORDERBREADBOARD WITH DUAL
PRESSURE BELTS _N
7
o_
2O
J
ACCURACY GOAL
_ANALOG TAPE RECORDER
BREADBOARD WITH SINGLE
PRESSURE BELT(CALCULATED
FROM13-bit ANALOG-TO-
DIGITAL,CONVERTERDATA)
30 40 50 60 70
MEAN QUANTUM LEVEL
Fig. 36. Breadboard ATR accuracy test results
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The second phase of breadboard ATR testing involved
interfacing with the TV subsystem and recording a num-
ber of TV pictures. These pictures were played back,
digitized, and put into an IBM tape format which was
compatible with the image processing laboratory's video-
films converter. Examples of typical pictures are shown
in Figs. 37--40. Figs. 87 and 39 are the pictures that would
be seen if the video were digitized and printed from the
_data at the input of the ATR record amplifier. Figs. 38
and 40 are the corresponding ATR outputs.
, Overall picture quality is fairly good (neglecting the
minor synchronization problems in the ATR output).
Closer examination reveals a number of anomalies. One
is a slight loss of detail in the DSS output. This results
from the modulation noise of the ATR. Another is a
generous sprinkling of short horizontal black lines caused
by signal dropouts, gross variations in carrier amplitude
resulting from large tape-reproduce head interaction
anomalies, and tape flaws. Finally, the cause of the most
prominent feature, the dark horizontal band in Fig. 40, is
not fully understood, but it is believed that small random
errors in tape guiding across the playback head can cause
carrier amplitude changes which would produce a band
or intensity change.
Visual observation of the tape passing over the re-
produce head revealed a small random lateral shift in
tape position on the head. Since stability of tape position
is essentially determined by uniformity of properties in
the two capstan pressure belts, variations of properties
in these two belts may be responsible for the bands.
Fig. 41 shows the mechanical layout of the present
design of the analog tape transport, illustrating the use
of two pressure belts, one on each capstan. The purpose of
these belts is to provide pressure between the tape and
capstans. An alternate design would be to use one long
pressure belt, which would provide tape-capstan pressure
and also provide additional pressure between the tape
and heads.
Tests using a single long capstan pressure belt looped
around all four pulleys and over the heads are in progress.
It is hoped that in addition to alleviating the tape guiding
problem, it will also reduce the number of dropouts and
the rms error by increasing the tape-reproduce head
contact pressure. Initial rms error tests are encouraging
(Fig. 36). The results are obtained by mapping the 13-bit
A/DC data analysis into a 6-bit A/DC analysis (neglect-
ing the errors introduced by the 6-bit A/DC).
Reference
I. Goldstein, R. M., et al., The Superior Coniunction of Mariner IV,
Technical Report TR 82-1092, Jet Propulsion Laboratory, Pasa-
dena, Calif., Apr. 1, 1967.
O TRANSPORT PLATE
Q CO-BELT IDLER UPSTREAM
O CO-BELT IDLER DOWNSTREAM
(_ DOWNSTREAM PRESSURE BELT IDLER
(_ UPSTREAM PRESSURE BELT IDLER
(_) RECORD HEAD
Q ERASE (ANALOG TAPE RECORDER HEAD ONLY)
(_) REPRODUCE HEAD
(_ PRESSURE PAD ASSEMBLY
(_) MAGNETIC TAPE
Q HEAD ASSEMBLY
(_ END OF TAPE SENSOR AND GUIDE ASSEMBLY
...)CAPSTAN UPSTREAM
(_ CAPSTAN (DOWNSTREAM) ASSEMBLY
(_) PRESSURE BELT (MYLAR)
(_ ISOLATION MOUNTS
C)
Fig. 41. Tape transport mechanical layout
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F. SpaceSciences
1. TelevisionSubsystemCalibrations
a. Introduction. Data obtained from calibrations of
the television subsystem have several uses. Principally,
the data will be utilized in the digital data reduction of
pictures received during the mission. The plans for cali-
bration of the television subsystem have evolved largely
from experience gained from the previous Mariner and
Surveyor Projects. Provisions have been made for the
characterizations of components unique to the Mariner
Mars 1969 television subsystem.
The data obtained from appropriately designed test
targets containing information in various patterns, inten-
sity levels and spatial frequencies will allow significant
corrections to be applied to the mission data. Geometric
distortions can be removed, vidicon shadings and mark-
ings can be characterized, corrected, and removed, camera
frequency response fall-off can be restored, and transfer
characteristic data can be used to convert video output
to absolute luminance units.
b. Calibration objectives. The accomplishment of the
objectives of the calibration plan will permit an accurate
characterization of the television system. These objectives
are defined as follows:
Sensitivity:
(1) Relative vidicon spectral response.
(2) Color filter transmission.
(3) TV system spectral response.
(4) Camera fiat-field sensitivity.
(5) TV system transfer function.
(6) Signal-to-noise ratio.
(7) Residual image measurement.
Modulation transfer function:
(1) Measure modulation transfer function in center and
four corners of pictures.
(2) Measure modulation transfer function at different
illumination levels.
(3) Measure degradation of modulation transfer func-
tion as data flows through television subsystem.
Geometric parameters measurements:
(1) Fields of view.
(2) Field distortions.
(3) Alignment.
(4) Relative pointing direction.
(5) Absolute pointing direction.
Environmental effects:
(1) Temperature effects.
(2) Launch environment effects.
(3) Temporal effects.
Separate calibration of certain optics and vidicon char-
acteristics are of special interest. The calibration of indi-
vidual components of the subsystem will serve to reduce
the complexity of subsystem and system test calibrations.
In some cases this procedure will provide greater accu-
racy. A list of these types of calibrations follows:
(1) Optics focal length
(2) Optics geometric distortions
(3) Optics modulation transfer function
(4) Vidicon fiducial mark locations
(5) Vidicon spectral response
(6) Color filter transmission
(7) Shutter times
c. Procedure. The procedure for accomplishing this
calibration will be to utilize specially designed calibra-
tion hardware, complex test targets, and light sources.
The hardware consists of a mobile 12-ft collimator with
a large corrector lens for the B-camera optics, and light
sources capable of producing an apparent field bright-
ness of 1500 ft-lamberts with a color temperature of
3200°K to provide an apparent flat field or imaged target
over the field of view of each camera. The light cannons,
capable of producing an unfocused field of at least
6000 ft-lamberts with known spectral distribution, will
be used to provide sufficient narrow band energy. The
test targets have been designed to provide data to the
system such that transfer functions, geometric distortions,
erasure characteristics, etc., may be determined.
Other equipment is available for monitoring the stimu-
lus provided to the television. This would include meters
for monitoring lamp power, spot photometers, color tem-
perature meter, spectroradiometer, spectrophotometer,
microdensitometer and theodolite.
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All television subsystem calibrations will follow similar 
procedures and include the same basic test objectives. 
The data obtained from each calibration run are col- 
lected on a CP-100 analog recorder. Three test points are 
recorded simultaneously: (1) full analog video, obtained 
prior to the automatic gain control (AGC) circuit; (2) dig- 
ital video, recorded, digitized every seventh picture ele- 
ment data, also prior to the AGC circuit; and (3) composite 
'analog video, recorded after the AGC circuit. 
The tapes produced by the CP-100 are sent to the Data 
Analysis Facility (DAF) where they are digitized and 
formatted to be compatible with the Image Processing 
Laboratory (IPL) requirements and then delivered to the 
IPL, where further processing and reconstruction pro- 
duces photographs and numerical analysis data. 
d. Status. Currently, one preliminary calibration of 
the prototype television subsystem (Figs. 4244) has been 
accomplished. While preliminary in nature and not con- 
sidered a comprehensive test of the calibration procedure, 
it has permitted a valid check on the processes involved 
and has helped greatly in giving a better estimation of 
the time and amount of effort involved in completing a 
calibration of the subsystem. It has indicated that the 
calibration hardware design is sound, and the methods 
proposed are sufficient to accomplish the task. At the 
present time refinements on the calibration instrumenta- 
tion are being made, and the IPL and DAF software is 
being upgraded. 
2. Ultraviolet Spectrometer 
A prototype of the Mariner Mars 1969 ultraviolet spec- 
trometer, described in SPS 37-47, Vol. I, p. 66, was de- 
livered to JPL in early December, 1967. Immediately 
following delivery, the spectrometer was mounted on a 
dummy spacecraft platform assembly with the other 
instruments, and successfully completed mechanical in- 
tegration and electrical interface verification with the 
appropriate ground support and spacecraft equipment. 
An environmental test program was next implemented, 
consisting of vibration testing, shock tests, and operation 
in vacuum at -40°C for 24 h and at +40°C for 60 h. 
Fig. 42. Prototype electronics 
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Fig. 43. Prototype narrow angle camera 
Fig. 44. Prototype wide angle camera 
Upon completion of test procedures, the instrument was 
examined, and final calibration commenced. The proto- 
type instrument was delivered to the spacecraft assembly 
facility at JPL February 1, 1968 for integration into the 
proof test model (PTM) spacecraft for systems testing. 
This instrument (Fig. 45) contains photosensors which 
are designed to reduce the photomultiplier voltage, and 
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Fig. 45. Photograph of the complete prototype 
instrument 
hence the sensitivity, of the G-channel when the Mars 
limb appears in the instrument field of view, thus increas- 
ing the dynamic range of that channel. There is a possi- 
bility that the atmosphere of Mars may radiate in the 
spectral region to which these limb sensors are most 
sensitive with sufficient intensity to cause them to reduce 
the G-channel sensitivity too soon. An alternative method 
of changing scale is being considered, should it be needed. 
The PTM spectrometer is presently in final assembly 
and functional testing; it is expected to be delivered to 
the spacecraft assembly facility during the next period. 
3. Infrared Spectrometer Subsystem 
The infrared spectrometer subsystem (IRS) was de- 
scribed in SPS 37-47, Vol. I, p. 66. The prototype instru- 
ment has been delivered to the spacecraft assembly 
facility and mounted on the proof test model (PTM) 
spacecraft. The prototype will remain in the spacecraft 
assembly facility until replaced by the infrared spectrom- 
eter subsystem (IRS) PTM. The IRS PTM is now in the 
assembly and test phase, and fabrication has started for 
the first flight unit. 
Numerous tests were conducted on the prototype in- 
strument. The most significant tests were as follows: 
Thermal vacuum tests. Primary concern has been given 
to thermal testing of the radiator. The design temperature 
of the radiator is 135 &5"K in a vacuum with a hem- 
ispherical view of space. After several modifications to 
decrease the thermal coupling to the instrument, the 
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Fig. 46. Infrared spectrometer subsystem temperature 
control model radiator plate with thermocouples 
attached 
lowest temperature obtained is 154°K. This value con- 
tains a correction factor which compensates for a liquid 
nitrogen chamber wall instead of deep space. The radiator 
is shown in Fig. 46. Further testing will be conducted 
in an effort to achieve the design temperature. The PbSe 
detector will respond at a temperature of 154"K, but the 
sensitivity will be decreased approximately 10% from 
that obtained at 135°K. 
Vibration tests. The prototype IRS monochromator- 
telescope assembly Fig. 47, and the IRS gas storage and 
delivery assembly Fig. 48, have been extensively tested. 
After modifications, the monochromator-telescope as- 
sembly has passed flight acceptance levels in three planes 
and the gas storage and delivery assembly has passed 
type approval levels in three planes. 
Operational support equipment compatibility tests. The 
prototype IRS instrument was interfaced with the other 
science subsystems and the science operational support 
equipment successfully. 
4. Infrared Radiometer Subsystem 
The infrared radiometer (IRR) was described in JPL 
SPS 34-47, Vol. I, p. 71. The prototype was received at 
JPL in late December 1967, and has successfully com- 
pleted developmental tests to Mariner Mars 1969 type 
approval levels except for the following: 
(1) Thermal vacuum tests were reduced in scope be- 
cause of cost. 
(2) The acoustics test was not completed due to lack 
of time at the facility. This test will be conducted 
at a later date. 
Problems were encountered in the motor and in the 
antimony-bismuth thermopile detector during the course 
of testing. These problems, which were mainly traced to 
fabrication errors, have since been corrected and quali- 
fied. 
The prototype radiometer (Figs. 49 and 50) is currently 
on the Mariner Mars 1969 proof test model spacecraft 
undergoing mechanical integration and electronic com- 
patibility testing. 
Fabrication of the proof test model was completed 
February 9, 1968. The instrument is now undergoing 
check-out and is scheduled for delivery to JPL March 1, 
1968 for formal type approval testing. Fabrication of the 
first flight radiometer was approximately 50% complete 
at the end of February 1968. 
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Fig. 47. Infrared spectrometer subsystem temperature 
control model monochromator-telescope assembly 
(with side plates and telescope shield removed 
and thermocouples attached) 
Fig. 48. Infrared spectrometer subsystem temperature 
control model gas storage and delivery assembly 
(with thermocouples attached) 
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Fig. 49. Radiometer (front view) 
/ ,,/ 
/' 
Fig. 50. Radiometer (side view) 
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III. Surveyor Project
LUNAR PROGRAM
A. Introduction
The objective of the Surveyor Project was to soft land
a series of spacecraft on the moon to obtain information
to support the Apollo Project. Seven missions were
planned. As a consequence of the success of Surveyors
I, III, V, and VI in fulfilling the objective to support the
Apollo Project, Surveyor VII was designated to be pri-
marily a science mission.
The launching of the last of the scheduled spacecraft,
Surveyor VII, took place January 6, 1968, and, after a
nominal flight, the vehicle landed on the ejecta blanket
of the crater Tycho January 9, 1968, approximately 1.5 mi
from the midcourse aiming point. Scheduled lunar oper-
ations were conducted, which included television surveys,
antenna/solar panel positioning, alpha scattering soil
analysis and soil mechanics/surface sampler operations.
On January 26, 1968, prior to the spacecraft entering its
first lunar night, all spacecraft power was shut off and
the mission terminated. The Surveyor VII mission is
regarded as very successful in terms of (1) overall
spacecraft performance, (2) accuracy achieved by the
midcourse correction, and (3) operation of all scientific
instrumentation.
B. Mission Operations 1
1. Functions and Organization
The basic functions of the mission operations system
arc the following:
(1) Continual assessment and evaluation of mission
status and performance, utilizing the tracking and
telemetry data.
(2) Determination and implementation of appropriate
command sequences required to maintain space-
craft control and to carry out desired spacecraft
operations.
The Surveyor command system philosophy introduces
a major change in the concept of unmanned spacecraft
control: virtually all in-flight and lunar operations of the
spacecraft must be initiated from earth. In previous space
missions, spacecraft were directed by a minimum of
earth-based commands. Most in-flight functions of those
spacecraft were automatically controlled by an on-board
sequencer which stored preprogrammed instructions.
1Prepared by JPL Technical Section 272.
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These instructions were initiated by either an on-board
timer or by single direct commands from earth. For
example, during the Ranger VIII 67-h mission only 11
commands were sent to the spacecraft; whereas for a
standard Surveyor mission, approximately 800 commands
are sent to the spacecraft during the transit phase, out of
a command vocabulary of 201 different direct commands.
For Surveyor VI, about 360 commands were sent during
transit, and over 160,000 commands were sent following
touchdown.
Throughout the space flight operations of each Surveyor
mission, the command link between earth and spacecraft
is in continuous use, transmitting either fill-in or real
commands every 0.5 s. The Surveyor commands are con-
trolled from the Space Flight Operations Facility (SFOF)
and are transmitted to the spacecraft by a Deep Space
Instrumentation Facility (DSIF) station.
The equipment utilized to perform mission operations
system functions falls into two categories: mission-
independent and mission-dependent equipment. The
former is composed chiefly of the Surveyor tracking data
system equipment. It is referred to as mission-independent
because it is general-purpose equipment which can be
utilized by more than one NASA project when used with
the appropriate project computer programs. Selected
parts of this equipment have been assigned to perform
the functions necessary to the Surveyor project. The
mission-dependent equipment consists of special equip-
ment which has been installed at Deep Space Network
(DSN) facilities for specific functions peculiar to the
project.
The Surveyor project manager, in his capacity as mis-
sion director, is in full charge of all mission operations.
The mission director is aided by the assistant mission
director and a staff of mission advisors.
Mission operations are under the immediate, primary
control of the space flight operations director and sup-
porting Surveyor personnel. Other members of the team
are the tracking data system personnel who perform
services for the Surveyor project.
During space flight and lunar surface operations, all
commands are issued by the space flight operations
director or his specifically delegated authority. Three
groups of specialists provide technical support to the
space flight operations director in the flight path, space-
craft performance, and science areas.
a. Flight-path analysis and command group. The
flight-path analysis and command group handles those
space flight functions that relate to the location of the
spacecraft. The flight-path analysis and command direc-
tor maintains control of the activities of the group and
makes specific recommendations for maneuvers to the
space flight operations director in accordance with the
flight plan. In making these recommendations, the flight-
path analysis and command director relies on five sub-
groups of specialists within the flight-path analysis and
command group.
(1) The trajectory group determines the nominal condi-
tions of spacecraft injection and generates lunar encounter
conditions based on injection conditions as reported by
the Air Force Eastern Test Range and computed from
tracking data by the orbit determination group. The
actual trajectory determinations are made by computer.
(2) The tracking data analysis group makes a quanti-
tative and descriptive evaluation of tracking data re-
ceived from the DSIF stations. The tracking data analysis
group provides 24-h/day monitoring of incoming track-
ing data. To perform these functions the tracking data
analysis group takes advantage of the data processing
system and of computer programs generated for their use.
The tracking data analysis group acts as direct liaison
between the data users (orbit determination group) and
the DSIF and provides predictions to the DSIF.
(3) The orbit determination group, during mission
operations, determines the actual orbit of the spacecraft
by processing the tracking data received from the DSN
tracking stations by way of the tracking data analysis
group. Also, statistics on various parameters are generated
so that maneuver situations can be evaluated. The orbit
determination group generates tracking predictions for
the DSIF stations and recomputes the orbit of the space-
craft after maneuvers to determine the success of the
maneuver.
(4) The maneuver analysis group is the subgroup of
the flight-path analysis and command group responsible
for developing possible midcourse and terminal maneu-
vers for both standard and nonstandard missions in real-
time during the actual flight. In addition, once the
decision has been made as to what maneuvers should be
performed, the maneuver analysis group generates the
proper spacecraft commands to effect these maneuvers.
These commands are then relayed to the spacecraft per-
formance analysis and command group to be included
with other spacecraft commands. Once the command
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message has been generated, the maneuver analysis group
must verify that the calculated commands are correct.
(5) The computer support group acts in a service ca-
pacity to the other flight-path analysis and command
group subgroups, and is responsible for ensuring that all
computer programs used in space operations are fully
checked out before mission operations begin and that
optimum use is made of the data processing system
facilities.
b. Spacecraft performance analysis and command
group. The spacecraft performance analysis and com-
mand group, operating under the spacecraft performance
analysis and command director, is basically responsible
for the operation of the spacecraft itself. The spacecraft
performance analysis and command group is divided into
four subgroups:
(1) The performance analysis group monitors incoming
engineering data telemetered from the spacecraft, deter-
mines the status of the spacecraft, and maintains space-
craft status displays throughout the mission. The
performance analysis group also determines the results
of all commands sent to the spacecraft. In the event of a
failure aboard the spacecraft, as indicated by telemetry
data, the performance analysis group analyzes the cause
and recommends appropriate nonstandard procedures.
(2) The command preparation and control group is
basically responsible for preparing command sequences
to be sent to the spacecraft. In so doing they provide
inputs for computer programs used in generating the se-
quences, verify that the commands for the spacecraft
have been correctly received at the deep space station,
and then ascertain that the commands have been cor-
rectly transmitted to the spacecraft. If nonstandard oper-
ations become necessary, the group also generates the
required command sequences. The command preparation
and control group controls the actual transmission of
commands at the deep space station by the Surveyor
operations chief.
(8) The engineering computer program operations
group includes the operators for the data processing sys-
tem input/output console and related card punch, card
reader, page printers, and plotters in the spacecraft per-
formance analysis area. The engineering computer pro-
gram operations group handles all computing functions
for the rest of the spacecraft performance analysis and
command group, including the maintenanee of an up-to-
date list of parameters for each program.
(4) The trend and failure analysis group consists of
spacecraft design and analysis specialists who provide
in-depth, near-real-time spacecraft performance analysis
(in contrast to the performance analysis group's real-time
analysis). The group also manages the interface for the
spacecraft computer facility at Hughes Aircraft Company.
The spacecraft computer facility 1219 is used mainly for
premission spacecraft ground testing but, during the mis-
sion, the trend and failure analysis group is provided two
data lines to the spacecraft computer facility 1219 via"
the telemetry processing station, which will accommodate
telemetry rates up to 4400 bits/s, and eight incoming
lines terminating at seven teleprinters and one line printer _
in the spacecraft performance analysis and command
area. The trend and failure analysis group uses the sys-
tem to process and display engineering data transmitted
from the spacecraft. The group also includes draftsmen
who perform wall chart plotting and maintain wall dis-
plays of spacecraft condition and performance.
c. Space science analysis and command group. The
space science analysis and command group performs
those space flight functions related to the operation of
the TV camera and science instruments. The space
science analysis and command group is divided into the
following operating subgroups:
(1) The television performance analysis and command
group analyzes the performance of the TV equipment
and is responsible for generating standard and non-
standard command sequences for the survey TV camera.
(2) The television science analysis and command group
analyzes and interprets the TV pictures for the purpose
of ensuring that the mission objectives are being met.
The television science analysis and command group is
under the direction of the project scientist and performs
the scientific analysis and evaluation of the TV pictures.
(8) The soil mechanics analysis and command group
prepares and recommends the commands to be sent to
the soil mechanics/surface sampler, and is also respon-
sible for operating the soil mechanics/surface sampler
and analyzing its performance. This group was not util-
ized on the Surveyor VI mission because a soil mechanics/
surface sampler was not included on the spacecraft.
(4) The alpha scattering analysis and command group
prepares and recommends the commands to be sent to
the alpha scattering instrument. This group is also re-
sponsible for conducting alpha scattering instrument
operations during transit and lunar phases and for analyz-
ing its performance.
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The portion of the spacecraft TV ground data handling
system in the SFOF provides direct support to the space
science analysis and command group in the form of
processed electrical video signals and finished photo-
graphic prints. The TV ground data handling system
operates as a service organization within the mission
operations system structure. Documentation, system
checkout, and quality control within the system are the
cesponsibility of the TV ground data handling system
operations manager. During operations support the TV
ground data handling system operations manager reports
to the space science analysis and command director.
d. Data processing personnel. The use of the data
processing system by Surveyor is under the direction of
the assistant space flight operations director for computer
programming. His job is to direct the use of the data
processing system from the viewpoint of the mission
operations system. He communicates directly with the
data chief, who is in direct charge of data processing
system personnel and equipment. Included among these
personnel are the input/output console operators through-
out the SFOF, as well as the equipment operators in the
data processing system and telemetry processing station
areas.
Computer programs are the means of selecting and
combining the extensive data processing capabilities of
electronic computers. By means of electronic data pro-
cessing, the vast quantities of mission-produced data are
assembled, identified, categorized, processed and dis-
played in the various areas of the SFOF where the data
are used. Their most significant service to the mission
operations system is providing knowledge in real-time of
the current state of the spacecraft throughout the entire
mission. This service is particularly important to engi-
neers and scientists of the technical support groups since,
by use of the computer programs, they can select, or-
ganize, compare and process current-status data urgently
needed to form their time-critical recommendations to
the space flight operations director.
e. Other personnel. The communications project engi-
neer controls the operational communications personnel
and equipment within the SFOF, as well as the DSN/
Ground Communications facility lines to the DSIF sta-
tions throughout the world.
The support project engineer is responsible for ensuring
the availability of all SFOF support functions, including
air conditioning and electric power; for monitoring the
display of Surveyor information on the mission status
board and throughout the facility; for directing the han-
dling, distribution, and storage of data being derived
from the mission; and for ensuring that only those per-
sonnel necessary for mission operations are allowed to
enter the operational areas.
The DSIF operations planning project engineer is in
overall control of all DSIF stations; his post of duty
is in the SFOF in Pasadena. At each station, there is a
local DSIF station manager, who is in charge of all
aspects of his DSIF station and its operation during a
mission. The Surveyor personnel located at each station
report to the station manager.
2. Mission-Dependent Equipment
Mission-dependent equipment consists of special hard-
ware provided exclusively for the Surveyor project to
support the mission operations system. Most of the equip-
ment in this category is contained in the command and
data handling consoles and spacecraft TV ground data
handling system, which are described below.
a. Command and data handling console. This console
comprises that mission-dependent equipment located at
the participating deep space stations that is used to:
(1) Generate commands for control of the Surveyor
spacecraft by modulation of the deep space station
transmitter.
(2) Process and display telemetered spacecraft data
and relay telemetry signals to the on-site data pro-
cessor for transmission to the SFOF.
(8) Process, display and record television pictures taken
by the spacecraft.
The command and data handling console consists of
four major subsystems:
(1) The command subsystem generates FM digital
command signals from punched tape or manual inputs
for the deep space station transmitter, and prints a per-
manent record of the command sent. The major units of
the command subsystem, which can accommodate 1024
different commands, are the command generator, the
command subcarrier oscillator, the punched tape reader,
and the command printer. Outgoing commands are logged
on magnetic tape by the deep space station and are
relayed to the SFOF.
(2) The FM demodulator subsystem accepts the FM
intermediate-frequency signal of the deep space station
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receiver and derives from it a baseband signal. The
baseband signal consists of either video data or engineer-
ing subcarrier signals. Depending upon the type of data
constituting the baseband signal, the command and data
handling console processes the data in either the TV
data subsystem or the telemetry data subsystem.
(8) The TV data subsystem receives video data from
the FM demodulator and processes it for real-time display
at the command and data handling console and for
85-ram photographic recording. In addition, telemetered
frame-identification data are displayed and photo-
recorded. A long-persistence-screen TV monitor is
mounted in the command and data handling console. The
operator, when requested, can thus evaluate the picture
and, upon the space flight operations director's direction,
initiate corrective commands during lunar television sur-
veys.
(4) The telemetry data subsystem of the command and
data handling console separates the various data chan-
nels from the baseband signal coming from either the FM
demodulator or the deep space station receiver phase-
detected output and displays the desired data to the
operators. Discriminators are provided for each subcar-
rier channel contained in the baseband signal. In the
case of time-multiplexed data, the output of each dis-
criminator is sent to the pulse code modulation decom-
mutator and then relayed to both the on-site data
processor computer for subsequent transmission to the
SFOF and to meters for evaluation of spacecraft per-
formance. In the case of continuous data transmissions,
the output of the discriminator is sent to an oscillograph
for recording and evaluation. Alpha scattering experi-
ment data are demodulated like other telemetry data, but
are allowed to accumulate for periods of time in a
Scientific Data Systems 920 computer in order to form
spectrum information, which is then relayed to SFOF via
teletype circuits.
The command and data handling console contains
built-in test equipment to ensure normal operations of its
subsystems. A command and data handling console
tester, consisting of a spacecraft transponder with the
necessary modulation and demodulation equipment, en-
sures day-to-day compatibility of the command and data
handling console and DSIF stations.
Command and data handling console operations.
Table 1 lists the command and data handling console
mission-dependent equipment provided for support of
Surveyor VI. Table 2 lists the total number of commands
Table 1. Command and data handling console mission-
dependent equipment support of Surveyor VI
at DSIF stations
Deep space station Function
Pioneer
Tidbinbilla
Johannesburg
Robledo
Cape Kennedy
Mars
Prime station with command, telemetry, TV and
alpha scattering
Prime station with command, telemetry, TV and
alpha scattering
Prime station for telemetry during cislunar phase
Prime station with command, telemetry, TV and
alpha scattering
Station used for spacecraft compatibility tests
and prelaunch and postlaunch telemetry data
processing
Station configured for command backup and
telemetry reception via both the Pioneer sta-
tion command and data handling console
and SFOF; also used to record the terminal
descent and landing phase and the post-
landing spacecraft hop experiment
Table 2. Surveyor VI command, TV and alpha scattering
activity before shutdown during first lunar night
Deep space
station
Pioneer
Tidbinbilla
Johannesburg
Robledo
Cape Kennedy
Commands
transmitted
113,967
30,613
108
18,205
0
TV frames
commanded
23,665
4,749
0
1,808
0
Alpha scattering
data accumulated
in station telemetry
and command
processors, mln
336
1,165
0
1,241
0
transmitted, number of TV frames commanded, and the
minutes of alpha scattering data accumulated in the telem-
etry and command processor at each station during the
transit phase and through the first lunar day's activities.
A brief summary of command and data handling con-
sole operations at each station before spacecraft shutdown
early in the first lunar night follows:
(1) Pioneer. The Pioneer station participated in 18
passes. Major mission events occurring during operations
were: the midcourse maneuver; the terminal descent and
landing; an attitude control gas jet firing experiment;
and a spacecraft hop experiment. This station's activity
emphasized the commanding of TV pictures, although
alpha scattering data were also accumulated and engi-
neering interrogations were performed. Of the total TV
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frames obtained, 78% were commanded from this sta-
tion, but only 15% of the total alpha scattering data were
accumulated by this station. Several command and data
handling console equipment problems were experienced
during the lunar operations, although none had any
effect upon the mission. Problems were experienced with
the TV monitor, the command printer, and with an inter-
mittent switch in the command generator.
4(2) Tidbinbilla. Tidbinbilla participated in 19 passes.
This station accomplished 16% of the TV commanding
and accumulated 42% of the total alpha scattering data
irr the telemetry and command processor. For approxi-
mately 21 min, prior to the Tidbinbilla station acquisition
on the first pass, the Carnarvon manned space flight sta-
tion received data from Surveyor VI and sent it via a data
phone link to the Tidbinbilla station. The command and
data handling console at the Tidbinbilla station then
processed these data for real-time transmittal to the
SFOF. During the mission several command and data
handling console operational and maintenance problems
occurred; however, none had any effect upon the mission.
Problems were experienced with the polaroid camera, the
command printer, the tape reader, and the low-frequency
oscillograph. In addition, while operating in a three-way
configuration with Pioneer station, the Tidbinbilla sta-
tion's command generator initiated a command without
operator action; however, it was not transmitted to the
spacecraft.
(8) The Johannesburg station participated in 8 passes
during the transit phase and was not committed for use
after touchdown. Initial acquisition occurred 80 min after
liftoff in an exceptionally smooth manner, and two-way
lock was obtained 5 min later. One operator error caused
a minor sequence to be transmitted prematurely, and one
equipment problem occurred with the command printer.
(4) The Robledo station participated in 19 passes dur-
ing this mission. Primary activity during the lunar phase
consisted of engineering interrogations and alpha scat-
tering data accumulations. Only 6% of the total TV
activity was commanded, yet 45% of the total alpha
scattering data were accumulated by this station. There
were no command and data handling console equipment
problems during this mission, although a few operational
problems did occur. At one time, the wrong axis of the
solar panel was stepped. Another time, the command and
data handling console had trouble receiving a signal from
the station receiver. It was determined that a switch was
in an incorrect position. During one TV sequence, a
wrong command tape was used and the sequence had to
be repeated.
(5) The Cape Kennedy station support for the
Surveyor VI mission consisted of: a DSIF/spacecraft
compatibility test; an operational readiness test; the
countdown phase; and approximately the first 40 min of
the launch phase. During launch, this station processed the
data being received from the various Air Force Eastern
Test Range tracking stations and retransmitted these data
to the SFOF. As a backup, the Cape Kennedy station
tracked the spacecraft from liftoff for nearly 5 min, and
the data obtained were available for transmittal to SFOF
if necessary. There were no command and data handling
console equipment problems during this mission at the
Cape Kennedy station.
(6) The Goldstone Mars station provided backup for
the Pioneer station during transit, touchdown, and the
spacecraft hop experiment. The output of this station's
receiver is sent to the SFOF and to the Pioneer station
command and data handling console for processing at
either location, if necessary. The station's output was used
during terminal descent and the spacecraft hop experi-
ment. The station also provided backup for command
transmission using the Pioneer station command and data
handling console and the intersite microwave link.
b. Spacecraft television ground data handling system.
The spacecraft television ground data handling system
was designed to record, on film, the television images
received from Surveyor spacecraft. The principal guiding
criterion was photometric and photogrammetric accu-
racy with negligible loss of information. This system was
also designed to provide display information for the con-
duct of mission operations, and the production of user
products, such as archival negatives, prints, enlargements,
duplicate negatives, and a digital tape of the TV identi-
fication data for use in production of the identification
data catalogs.
The system is in two parts: TV-11 at the Pioneer sta-
tion, and TV-1 at the SFOF in Pasadena. At the Pioneer
station is an on-site data recovery subsystem and an
on-site film recorder subsystem. These subsystems are
duplicated in the media conversion data recovery sub-
system, and in the media conversion film recorder subsys-
tem at the SFOF. The portion of the system used in
real-time at the SFOF is comprised of the media con-
version data recovery, the media conversion film recorder,
the media conversion computer, the video display and
drive subsystem, and the FR-700 and HW-7600 magnetic
tape recorders. (The FR-1400 was available as backup.)
A film processor, the strip contact printer, and the strip
contact print processor are used in near-real-time. The
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photographic subsystem used in non-real-time is com-
prised of several enlargers, a copy camera, two film pro-
cessors, a film chip file, other photographic equipment,
and film storage areas.
TV ground data handling system at the Pioneer station
(TV-11). Data for the TV ground data handling system
is injected into the system at the interface between the
Pioneer station receiver and the on-site data recovery
system. In both the 200-line and the 600-line modes, the
on-site data recovery system provides to the film recorder
subsystem: (1) the baseband video signal; (2) the hori-
zontal sync signal; (8) the vertical frame gate; (4) the
resynchronized raw identification data telemetry informa-
tion; and (5) the time code. In 200-line mode, the on-site
data recovery system supplies a 500-kHz predetected
signal to the Pioneer station's FR-800 and FR-1400 mag-
netic tape recorders and to the SFOF via the microwave
communication link. In 600-line mode, the on-site data
recovery system provides: (1) a 4-MHz predetected sig-
nal to the Pioneer station's FR-800 and to the SFOF via
the microwave communication link, and (2) a baseband
video signal to the Pioneer station's FR-1400 magnetic
tape recorder. In addition, the DSN provided an FR-900
recorder as backup to the FR-800 recorder.
The on-site film recorder records the following on
70-ram film: the video image, the raw identification data
telemetry in bit form, the "human readable" time and
record number, and an internally generated electrical
gray scale. The film is then sent to the SFOF for de-
velopment.
TV systems at overseas DSIF stations. In addition to
the TV systems at the Pioneer station, the Tidbinbilla,
Johannesburg and Robledo stations provided some TV
recording capability for Surveyor missions. The latter
three stations all have 35-mm film recording capability
in the command and data handling consoles. They also
provide FR-1400 and FR-800 recordings of video data
received. In addition, the Robledo station provided an
FR-900 video recorder as a backup to the FR-800 re-
corder. The tapes and film from these stations are sent
to TV-1 for processing and for evaluation.
The TV ground data handling system at the SFOF
(TV-1). The signal presented to the microwave terminal
at the Pioneer station is transmitted to the SFOF, where
it is distributed to the media conversion data recovery
and to the video display and driver subsystem. The media
conversion data recovery processes the signal in the same
manner as the on-site data recovery system. In addition,
the media conversion data recovery passes the raw
identification data information to the media conversion
computer, which converts the data to engineering units.
These converted data are used by: (1) the film recorder,
where they are recorded as human readable identification
data; (2) the wall display board in the space science
analysis and command area; (3) the disc file where the
film chip index file is kept; and (4) the history tape.
The video display and driver subsystem produces the
signals to drive the scan converter and the signals to
drive the various display monitors and the paper camera
in the space science analysis and command area. Either
the video display and driver subsystem or the media
conversion data recovery system may be used to supply
the signals recorded by the FR-700 and the HW-7600
video magnetic tape recorders in the same manner as the
FR-800 and the FR-1400 recorders at the Pioneer station.
The scan converter converts the slow scan information
from the spacecraft to a standard television signal for use
by the SFOF closed circuit television and the public TV
broadcasting stations.
The media conversion film recorder records on two
separate films. Both films are wet-processed off line. One
of the negatives is used to make strip contact prints which
are delivered to the users. Additionally, this negative is
used to make a master positive for the production of a
duplicate negative for the JPL public information office
and a preliminary duplicate negative for the science users.
The negative is then cut into chips which are entered
into the chip file where they are available for use in
making additional contact prints and enlargements.
TV ground data handling system performance. Prior
to the Surveyor V mission, a number of improvements
were made to the operational system in TV-1, permitting
better service to the scientific community. The modifica-
tions made to equipment as well as continued personnel
training programs allowed the TV ground data handling
system to perform the necessary pretracking countdowns
much more smoothly.
The TV ground data handling system supported the
entire mission as a well designed and efficient system. All
products delivered were of satisfactory quality. In gen-
eral, problems that occurred on the previous mission did
not reappear during the Surveyor VI mission. The film
recorders were very reliable, and most problems could
be corrected during nonoperational periods. Also, logistics
(mainly film supplies) were adequate to support the en-
tire 80,000-frame effort; the only exception to this was
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strip contact paper, which required a rush purchase dur-
ing the mission. A substitute paper was purchased and
proved to be satisfactory.
During the lunar operations phase of the Surveyor VI
mission, the TV-1 system operated comparatively smoothly
and trouble free. Problems were encountered in perform-
ing 200-1ine countdowns during the transit phase, which
c_used concern over signal-to-noise ratios related to data
recovery; however, this presented no difficulty when the
actual spacecraft signal was received. During recalibra-
tion of the scan converter from 200- to 600-line mode, a
major failure occurred in one of the scan converter's main
cable harnesses. The system was down for the remainder
of the first postlanding Pioneer station pass and the
performance was less than optimum for the next two
passes. This problem had no effect on the quality of
data transferred to film. Difficulty developed during peak
video activity periods in providing adequate maintenance
on nonredundant photo processing equipment. This was
especially true for the strip contact printer, which at
times was being used on a 100% duty cycle in support
of real-time photo products. (This problem should be
alleviated by additional identity copier support on the
next mission.) At no time during the mission were photo
products, required in real-time by the science groups,
late due to failures or malfunctions within TV-1. The long
uninterrupted series of pictures, which resulted from the
extensive TV operations, and the necessity of maintaining
high quality control did cause some delay in the delivery
of photo products.
A total of 31,518 frames were recovered by TV-1 via
the Pioneer station microwave link or from FR-800 tapes
from overseas stations. Of these, 30,065 frames were
unique, the remainder being duplicate frames obtained
during periods of station overlap. From the total number
of frames processed, 558 rolls of strip contact prints, aver-
aging 125 ft in length, were delivered. In addition, 93
roils each of the master positives, public information
office negatives and experimenter data record negatives,
which also averaged 125 ft in length, were delivered. In
addition to the above products, TV-1 delivered 2264
mosaic copies and 3719 photo enlargements from Novem-
ber 10 to November 27, 1967.
The data recovery system of TV-1 evaluated 138 FR-800
tapes received from the DSN. These evaluations included
checks to provide feedback to the DSIF so they could
maintain their recording quality. Every effort was made
to evaluate all tapes within 24 h of their receipt.
Due to a problem that developed in TV-11's film re-
corder, TV-1 was unable to process the film received
from TV-11 using the standard process. Special handling
and processing were required to guarantee the highest
possible quality of the TV-11 film, but this did not permit
the normal feedback of information to TV-11 during mis-
sion operations. (New procedures have been developed
both in TV-1 and TV-11, which should allow develop-
ment and evaluation of TV-11 film in near-real-time so
that the desired quality control information can be made
available to TV-11, if this problem should occur again.)
The TV ground data handling system design and relia-
bility are continually being improved, and improved
performance should be demonstrated on the next mission.
C. Structures, Mechanisms and Spacecraft
Integration
Resonant frequency tests on the S-9 structural test
vehicle are being performed to determine the frequency
of the first vertical elastic mode of the Surveyor space-
craft, as it is resting on the lunar surface. The vehicle is
suspended by soft springs (160 lb/ft) with enough spring
deflection to compensate for the difference between earth
and lunar gravity. Vehicle resonant frequencies on hard
(concrete floor) and soft (lightly packed dust) surfaces,
as well as with Surveyor I and IV types shock absorbers,
are being measured.
The general procedure for preparing the S-9 vehicle
for test involves lowering the vehicle onto a surface until
the surface is supporting the equivalent lunar static
weight as indicated on load cells readouts. A static load
is then applied downward to the vehicle through a load-
ing fixture attached to the spaceframe at the column base
fittings. This load results in uniform landing gear loads
and specified shock absorber loads (310 to 510 lb) which
are indicated by shock absorber strain gauges. Prior to
quick releasing the applied static load, the downward
displacement of the spaceframe is measured at each col-
umn base and the static load deflection of the spaceframe
determined.
Following release of the downward load, the vertical
spacecraft oscillation is measured by three bridge-type
accelerometers located at the spaceframe column bases,
and by the three shock absorber strain gauge bridges.
Oscillograph records of these six transducer signals are
evaluated to determine the frequency and damping of
the spacecraft oscillations. These test data will be used,
if meaningful, by JPL to evaluate the dynamic properties
of lunar soil.
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Fig. 1. Relative location of the TV camera and the spacecraft stereo mirror 
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Fig. 2. Reflected image of the lunar surface 
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D. Space Instruments 2
1. Calibration of the Surveyor VII Stereo Mirror
a. Introduction. In addition to the normal TV camera,
Surveyor VII was equipped with a stereo mirror mounted
on the spacecraft mast at a distance of approximately
1.5 ft from the camera mirror center. Figure 1 shows the
relative location of the stereo mirror with respect to the
TV camera.
The optically ground mirror, 31/.2in. wide and 9l/., in.
high, was used to provide stereoscopic pairs of pictures
of a strip of the lunar surface reached by the spacecraft's
surface sampler. This stereo imagery was obtained by
first pointing the TV camera directly toward the surface
and then at the same area reflected on the stereo mirror.
Figure 2 is a wide angle frame from the Surveyor VII
mission showing the stereo mirror reflecting the image
of the surface sampler and a strip of the lunar surface
where the sampler scoop made a bearing strength im-
pression and began a trench.
Figure 3 shows schematically the function of the
Surveyor spacecraft TV camera system. Object AB is
reflected by the mirror, and its image A'B' appears on
the vidicon image plane, where it is scanned line by line
and immediately transmitted.
The same image A"B" would be received, if the mirror
were removed and the camera were moved to its sym-
metrical position with respect to the mirror plane. There-
fore, it is convenient to treat all pictures in this way; one
must only realize that the X-axis direction in the image
plane is reversed (Ref. 1).
"Prepared by JPL Technical Section 323.
d_-_ _-MIRROR CENTER M ,4
..... \ \
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/_It_IDIION IMAGE PLANE
,4' B'
Fig. 3. Surveyor spacecraft TV camera system
The general stereo mirror schematic is shown in Fig. 4.
With the TV camera mirror in position 1(01) a picture of
point Q is taken. The TV camera mirror is then rotated
into position 2(0_) so that the camera optical axis is re-
flected by the stereo mirror in the direction of the same
point Q. In this way a new hypothetical symmetric center
of projection 0:, is obtained, and the vector 010._ defines
the stereophotogrammetric base b.
To be able to evaluate these photogrammetric stereo-
pairs the b j, b_j, and b- components of base b, as well as
the rotational parameters _o, _ and K of system 0:3 with
respect to system 01, must be known.
Once model coordinates are computed (relative orien-
tation), they must be further transformed into the camera
and spacecraft system (absolute orientation). This cali-
bration represents quite a complicated technical problem
and will be described in detail in the following sub-
sections.
b. Preliminary transformations for TV camera mirror
position 1. In this discussion it will be necessary to dis-
tinguish among five different coordinate systems (Fig. 4):
(1) Spacecraft system (not shown in Fig. 4).
(2) Camera system (Xc, Y_, Z,).
(8) O] system (points P,-P4).
(4) O_ system (points P-,-P_).
(5) 0:3 system (points P_)--Px,,).
The first two systems are the same as those used in the
normal photogrammetric calibration procedure (Ref. 1).
The other three have their origins in the respective hypo-
thetical centers of projection (Fig. 4).
The X-axis is pointing in the direction of the optical
axis, and the Y- and Z-axes are parallel with the respec-
tive image plane axes (Fig. 4). System 0_ is the most
important one for given purposes, because relative orien-
tation of each stereopair will be performed in it. All the
other four coordinate systems will have, therefore, to be
reduced into this system. In this subsection mirror posi-
tion 1 and the corresponding main hypothetical center
of projection (front nodal point) 0_ will be investigated.
The azimuth and elevation of mirror position 1 in the
camera system are defined as AZI and EL_. Distance d_
from mirror center to origin 0_ is tabulated for all focus-
ing steps, as is the adapted focal distance f_ (Figs. S
and 4). Now four points are selected in this coordinate
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Fig. 4. Surveyor VII stereo mirror setup
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system, namely, its origin 01 _ P1 and three unit vectors P1Pz, PIP:_ and P1P4 along its axes
X_(1) = 0
0
x,(e) -- 0 X1(8) = 1 X,(4) = 0
0 0 1
(1)
As mentioned previously, it will be necessary to transform coordinates from the camera system into the 0l system. It
is, therefore, convenient to determine the transformation relations now; namely,
Xc co AZlsinAZl!llcos L10 snelllsin AZ_ cos AZ, 0 1 0
0 0 sin EL, 0 cos EL1
(X_ - B,) (2)
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where
I dl
B1 = 0
0
In a compact matrix form Eq. (2) can be written as
X¢ = A, (X1 - B,) (2a)
or for the reversed transformation
TX, = A 1 X_ + B, (2b)
To comply with the generally accepted definitions and
assumptions of relative orientation procedures, it is also
necessary to switch the axes of the 0, system in the fol-
lowing way
x_ (i) = yl(i) }
y_ (i) = zl(i) i '
z_ (i) = x_(i)
for/= 1,'",4 (8)
This concludes the first preliminary step.
c. Preliminary transformations for TV camera mirror
position 2. Similarly, as in the previous step, the azimuth
and elevation of mirror position 2 is defined as AZ., and *"
EL..,. Distance d_ and adapted focal distance f,, are again
tabulated. However, it will not be necessary to compute
distances _ and d:, (Fig. 4), because an indirect approach
described in the next two subsections proves to be more
effective.
Following the same thought, the origin and three axial unit vectors are chosen in the 0_ system.
x (5) = o] Fll [olo = o x2(7)= 1
0 0 0
E°lX,,(S) = 0 (4)
1
Transformation into the camera system can be written as
Xc
I cos AZ2 --sin AZ., 0 1
sin AZ_, cos AZ., 0
0 0 1
cos EL._, 0 -- sin EL.,
0 1 0
sin EL._, 0 cos EL.,
(Xe - Be) (5)
where
E 21B2= 0
0
or in the compact matrix form
Xc=A2(X2 - B_) (5a)
Using Eq. (5a), coordinates of system 0._, are trans-
formed into the normal camera system; however, it is
still necessary to transform them into the main system
01. This can be achieved by substituting Eq. (5a) into
Eq. (2b).
Xl(i) = Ar, A._. [X._,(i) -- B.,] + B,, for i = 5, "', 8
(6)
By doing this the second preliminary step is completed.
d. Stereo mirror plane. Before this step is explained,
it is desirable to summarize what has been done so far:
(1) Three axial unit vectors (points P_-P4) were com-
puted for mirror position 1, i.e., in the main
coordinate system 01.
(2) Three axial unit vectors (points P_,-P_) were com-
puted for mirror position 2, i.e., in the coordinate
system 0_, and were consequently transformed into
the main system 0,
98 JPL SPACE PROGRAMS SUMMARY 37-50, VOL. I
Now a stereo mirror plane is introduced (Fig. 4), which
projects system 02 into a new hypothetical symmetric
system 03. If this symmetric position can be found and
determined in the main 01 coordinate system, then base b
can be computed. Since we deal with axial unit vectors,
all three rotational parameters ,_, ff and K of system 0:4,
with respect to system 01, can be found as well.
A plane is defined by three points, and it is very simple
to mark these points on the stereo mirror plane and inter-
sect them with theodolites T-1 and T-2 used for normal
photogrammetric calibration (Ref. 1). (It is advisable to
use more points than three and then make an adjust-
ment.) The solution itself is then based on the principles
of vector analysis (Ref. 2).
Figure 5 shows a plane intersected by its normal vec-
tor N in point P,. The plane consists then of those points
P, whose vectors P.P are perpendicular to the normal
vector N. To comply with this condition, the dot-product
of both vectors must be equal to zero.
N. PoP -- 0 (7)
where
N = ai + bj + ck
PoP = (x - Xo)i + (y - Yo)j + (z - zo)k
Substituting into Eq. (7), the following relation is ob-
tained
or
a(x - Xo) + b(v - v,,) + c(z - zo) -- 0 (Ta)
ax + by + cz + d =O (7b)
z
""-_, zo)
/ p/x,y,_).......
x
Fig. 5. A plane and its normal vector
_Y
where
d= -ax,,- byo- czo
To be able now to write Eq. (7b) for the stereo mirror
plane, numbers a, b, and c of its normal vector must be
first determined. The solution is shown schematically in
Fig. 6.
Points A, B, and C define a plane. Therefore, its normal
vector N can be computed as a cross-product of vectors
CA )< CB. (The right-handed rule must be strictly
obeyed.)
CA X CB --
i i k
(xa - x_) (y, - y,,) (za - z,:)
(x. - x,,) (y,, - y,,) (z. - z,)
i
n,_
j k
A v A.-
Bv B:
(8)
or, written in terms of the required unknown direction numbers,
a
A_
B_
A_
B.-
C
A.T
B_
Av
B_
(8a)
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Fig. 6. A plane defined by three points
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Fig. 7. Mirror symmetry
Substituting Eq. (8a) into (7a) and using point C as
point Pc, Eq. (7b) for the stereo mirror plane can be
determined. However, points A, B, and C must be first
transformed from the spacecraft system into the camera
system (Ref. 1) and then, using Eq. (2b), into system 01.
e. Mirror symmetry. Whenever projecting rays are re-
flected by a mirror plane, the resulting image can be
substituted by a symmetric one, as shown in Fig. 7. The --
symmetric (mirror) image I' is exactly the same as image I,
only the horizontal axis direction is reversed. Since both
the stereo mirror plane and its normal vector are known, ..
it is relatively simple to determine the symmetric position
of any point.
Using Fig. 7, the symmetric position 0'(x', y', z') of
point O(x,y,z) can now be computed. First of all, distance
d of point 0 from the mirror plane must be determined.
Realizing the geometric interpretation of the dot-product
of two vectors (Ref. 2), it can be proven that distance d
is equal to the absolute value of the dot-product of
vector A, pointing from point 0 to any point in the mirror
plane, and a unit vector in the direction of the normal
vector, i.e.,
d=IA-N=I-- [A'NI
IN1 (9)
or
d = I(x° - x)a + (Yo - y)b + (z o - z)cl
(as + b _ + c_)la (9a)
where a, b, and c are direction numbers of the normal
vector, and Q(xo, yQ, zo) is any point lying in the stereo
mirror plane.
Knowing d, the symmetric center of projection can be
computed, because vector 00' has a length equal to 2d
and is pointing in the negative direction of the normal
vector; namely,
00' = li + mi + nk = t(ai + bi + ck) (10)
where
-2d
t=
(a s + b 2 + c=) w
l = XP--X
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and therefore,
xP = x-b ta
y" = y + tb
z' = z + tc
(11)
These conclusions are now applied to the calibration
, problem. In previous steps, system 0z--points P_ through
Ps--was transformed into system 01. Using the law of
symmetry described above, system 02 can also be pro-
jected into system 03, i.e., into symmetric points P9
" through P12. Relation (11) can then be written as:
xl(i) = xl(i) + t a]b ,
C
for i ----9, .-., 12
i =5,--',8
(12)
However, the Y-axis direction must first be changed
and the coordinate axes must be switched the same way
as in Eq. (3).
x_(i) = Yx(i)
y_(i) = zl(i)
z;(i) = xl(i)
for i = 9, 10, 12 (13)
and
x_(ll) = 2y1(9) - y1(11)
y[(ll) = 2z1(9) - z1(11)
z:(ll) = 2x1(9) -- xl(ll)
(13a)
This completes all preliminary computations and the
final step can be performed.
f. Stereophotogrammetric base and rotational param-
eters. As can be seen from Fig. 4, base b is determined
by hypothetical centers of projection 01 and 03. Since
01 is the origin of the photogrammetric stereopair
coordinates of point 03 _ P9 represent b_, bu, and b,_
components of base b.
[blB = b_ -- X_(9) (14)
bz
The relation between systems 03 and 01 can now be
written as
T rX[= AX 3 +B (15)
or
(X[ -- B) -- A r X_ (15a)
Elements of the rotational matrix A r are equal to direc-
tion cosines of corresponding coordinate axes; and, since
we deal with unit axial vectors, they are equal to their
direction numbers as well, that can be computed from
X_(ll)--B =A r
X_(12)-B--A r
X_(10)- B =A T
1
0
0
0
0
0
1
l[allT= a21
T
a31
al 2
T
= a22
T
a32
a13
T
= a23
T
a33
(16)
TThe elements a_j are known functions of rotational
parameters (o, ff and K. Substituting them into Eq. (16),
the following formulas can be obtained
azr3 y_ (10) - b_
tg,o - a33r - z_ (10) - b_ (17)
r = x_(10) - b_ (18)sin ff = a13
r x[ (12) b_a12
tgK ---- -- at----_ = -- x_(ll) -- b_ (19)
As a good computational check, any remaining element
a.L can be used; e.g.,
'1,.7
(sin 4) sin _ocos K + cos (o sin K) -- [y_ (11) -- bu] = 0
(20)
Knowing the base and all three rotational parameters
(o, q_and K, it is possible to perform both the relative and
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absolute orientation. The obtained coordinates are in the
0 F system, but using Eq. (3), coordinate axes can be
switched back to system 01, which can be further trans-
formed into the camera system by applying relation
(2a). Transformation from the camera system into the
spacecraft system is part of the normal photogrammetric
procedure and is described in detail in Ref. 1.
g. Practical results and conclusions. Generally speak-
ing Surveyor VII stereo mirror experiment was very suc-
cessful, although the b_ base component was considerably
smaller than the base b itself, as can be seen from Fig. 8.
It is significant to note that inclusion of the stereo
mirror on Surveyor VII was only possible under the
ground rules that no interference would be imposed upon
existing schedules and spacecraft design. In order to view
the area of primary scientific interest and also meet these
ground rules, it was necessary to locate the mirror at the
base of the mast, even though better photogrammetric
parameters could have been obtained at other locations.
b = STEREOPHOTOGRAMMETRIC
AtS4
,_s
()
Ift
STEREO MIRROR ON THE
BASE , SPACECRAFT MAST_
/'
AD
TV CAMERA -!S
Fig. 8. Stereostrip location in the spacecraft
coordinate system
As previously mentioned, a plane is defined by three
points. However, for Surveyor VII calibration purposes
eight points were marked on the stereo mirror plane, and
their positions were intersected with theodolites T-1 and
T-2 (Ref. 1). After adjustment these very good standard
errors for the normal vector direction numbers were
obtained
rn_ = _l.Omm mb = ___0.9mm m_ = ±0.8mm
There were two TV-camera/stereo-mirror combinations
for f = 25 mm and sixteen for f = 100 mm (even more, if
overlapping photographs were used). The corresponding "
base and rotational parameters lie within these limits:
Base b 2.7' < b < 2.9'
Base component b,. 0.8' _< b, < 2.0'
Base-to-height ratio 0.07 < bffZ < 0.8
Rotation o, 331.7 ° < <o < 356.6 °
Rotation ¢ -13.3 ° < ¢ < -2.5 °
Rotation K 4.9 ° < K < 2&5 °
The respective standard errors were defined as
rnb = ±0.5 mm
mbx = ± 1.5 mm
m,_ = ___7'
mee = ±8'
m_ = __+7'
The accuracy of the base parameters is excellent, and
the accuracy of the rotational parameters is good. (It
would be extremely difficult to obtain better results, be-
cause the stereo mirror is very narrow and consequently
even small deviations of the normal vector considerably
influence the mirror position.)
Using overlapping stereomodels several common points
were computed in spacecraft coordinates with following
standard errors
mx= ±4.2mm my = ±17.6mm m._ = ±18.1 mm
These results pertain to the narrow angle stereopairs
(f = 100 mm), whereas the wide angle stereopairs had
standard errors approximately five times larger. This com-
plies exactly with the theoretical law of propagation of
errors, however, it also makes the model coordinates too
unreliable for any mapping purposes.
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As one would expect from Surveyor photography, the
greatest problem was presented by point identification
and image refinement. Considering this fact---together
with all the other complex difficult conditions described
earlier--these results can be considered as very good.
It should also be noted that this error analysis was
based on observed data which were of limited quality
"; because of the lack of availability and time for use of the
required sophisticated photogrammetric equipment.
Therefore, there is a substantial reserve left for the accu-
,, racy improvement of the given model coordinates.
The conclusion then is that the stereo mirror method is
rather demanding mathematically, but its mechanical
setup is extremely simple and economical. The obtained
results are relatively very accurate and reliable. It can,
therefore, be strongly recommended for any similar appli-
cation in future space missions.
Also, of particular interest is to note that this study
indicates a potential for a very effective photogrammetric
information through the application of one camera in
association with a stereo mirror controllable in azimuth
and elevation. The possible elimination of a second cam-
era system could be significant in relation to anticipated
space applications.
2. Photometric and Colorimetric Use of Surveyor's
Television Cameras
a. Introduction. One major use of the Surveyor tele-
vision camera is to determine the optical properties of
the lunar surface. Five required optical property deter-
minations are as follows:
(1) Spectral radiance factors 3 for specified geometry of
the surface, either by measurement or by estima-
tion.
(2) Photometry (luminance factors) of the surface at
various geometries from either item (1) or direct
measurement.
(3) Indicatrix of diffusion--the representation in space,
in the form of a surface expressed in polar co-
ordinates, of the angular distribution of luminance
of an element of the surface which diffuses by
reflection.
:'Defined as the ratio of the radiance of a body so that of a perfect
reflecting diffuser identically irradiated.
(4) Reflectance from the indicatrix of diffusion--the
ratio of the total reflected luminous flux to that of
the incident flux.
(5) Polarizing characteristics of the surface with regard
to the above mentioned properties.
If these five properties of a surface could be measured,
all the descriptive diffusing and reflecting properties of a
body could be described. However, in making instru-
mented measurements on the lunar surface, it would be
essential to compare the optical properties as measured
by a lunar vehicle with those obtained by astronomical
observation from the earth. But in order to measure these
properties, instrumentation would be required that would
be far more elaborate than that used on Surveyor. Thus,
only those characteristics may be measured that allow
an estimate of the optical properties. The following para-
graphs briefly outline the technique of measuring such
characteristics.
b. Estimation of lunar-surface color to determine spec-
tral radiance factor. A colored body is generally defined
as a body for which the spectral reflectance 4 varies with
wavelength in the visible region of radiation. The visible
region in this case is limited to the range of sensitivity of
the vidicon in the Surveyor television camera (approxi-
mately 400-670 nm). Ideally the measurement of this
quantity is made by a spectrophotometer or a spectro-
radiometer, where the spectral power distribution of the
irradiating source is removed by division. Often the
measurements obtained by such instruments may be ap-
proximated by a detector fitted with relatively narrow-
band filters spread throughout the visible region of
radiation so as to make abridged measurements at dis-
crete wavelengths.
Because of the limitation of size and weight in the
television camera, the system of colorimetry (CIE) 5 based
on a utilization of three broad-band filters was chosen
for estimating the color of the lunar surface. Because most
natural rocks exhibit spectral radiance factors which are
smooth continuous functions with gentle slopes, an esti-
mate of the spectral radiance factor may be obtained
from these three filters by the use of statistical methods
from a family of spectral radiance factor curves deter-
mined by either spectrophotometric or spectroradiometric
'If restricted collection geometry is used, the term radiance factor
should be substituted.
'System agreed upon by the Commission Internationale de
L'Eclairage.
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measurements. This statistical method is usually referred
to as eigenvector (characteristic) analysis where measure-
ments of the spectral radiance factors of a large family
of natural surfaces is compiled; and from this the deter-
mining linear transformations to a smaller number of
parameters, containing all the essential information of the
original, may be made.
Experience has shown that for most natural surfaces
the mean and three eigenvectors approximate the entire
family of spectral radiance factors to about 99.7% with
an accuracy of about 2%. Since each measurement may
be linearly recombined by application of scalar multiples
to the eigenvectors, it requires only a correlation between
the values obtained through each one of the broad-band
filters to those of the scalar multiples in order to recon-
stitute an estimated spectral radiance factor. This has
been attempted in the case of the lunar surface for
Surveyor I. _
The choice of the three broad-band filters to be used in
conjunction with the vidicon may be either an arbitrary
one or one which is chosen for measurement properties
closely associated with those of the human eye. The ad-
vantages in this latter technique stem from future investi-
gation of the lunar surface by man himself as well as
comparisons with techniques used by man in exploring
his planet where his eye is the primary detector. Choice
of the internationally adopted system of color measure-
ment was chosen for the television experiment on Surveyor
so as to result in both an estimate of the spectral radiance
factor as well as the color appearance and differentiation
of the surface for interpretive purposes.
Color is commonly used by geologists as an aid in dif-
ferentiating among various rock types and also aids in
determining the weathering states of rock. It should be
added that the relatively broad spectral transmittance
characteristics of these filters required to measure a color
in this system do not appreciably affect the determination
of color differences over that found by abridged spec-
trophotometry or spectroradiometry. Indeed, the capa-
bility of the human eye to discriminate color differences
has never been equaled by any instrument to the present
date. The degree with which these functions are matched
by the filters on Surveyor is indicated in Fig. III-1 of
Ref. 3.
6Rennilson, Holt and Morris, "'In Situ Measurements of the Photo-
metric properties of an Area on the Lunar Surface," J. Opt. Soc. Am.,
to be published in May, 1968.
c. Determination of the indicatrix of diffusion. To
determine the spatial properties of the diffusely reflected
radiant flux from a surface, it is necessary to utilize an
instrument called a goniophotometer together with a
calibrated or known standard surface. With such an in-
strument the spatial distribution of the reflected radiant
flux is determined with regard to an ideal perfect reflecting
diffuser. 7 The indicatrix of diffusion may be determined
from goniophotometric measurements of luminance [when _,
the detector sensitivity approximates that of the spectral
luminous efficiency function V(_,)]; however, a more often
used relationship is that spatial distribution where the
luminance is replaced by the luminance factor defined"
as the ratio of the luminance of the surface to that of the
perfect reflecting diffuser identically illuminated. Thus,
the spatial distribution is represented in absolute terms
independent of the magnitude of the irradiance or il-
luminance which produces the diffusion.
The three-dimensional integration of the indicatrix of
diffusion divided by the total incident radiant (luminous)
flux is an important property of any surface diffusely
reflecting the radiation. This ratio is defined as the re-
flectance of the body. In the general case, an infinite
number of indicatrices of diffusion are required to repre-
sent the reflecting properties of a surface. The polarizing
effect of the surface may also be considered either mono-
chromatically or photometrically by the use of analyzers
which measure the magnitude and orientation of the re-
flected partially polarized radiant flux.
In the case of the Surveyor television camera we do
not possess a goniophotometer such that the entire spatial
distribution of the reflected radiant flux can be ascer-
tained; therefore, an estimation must be made with respect
to the limited geometrical capabilities of the television
camera in determining the indicatrix of diffusion. The
estimation is improved by making several assumptions
among these; the assumption of homogeneity of the sur-
face to allow measurements to be taken at widely dif-
fering angles of emittance and secondly to utilize the
principle of reciprocity defined by Helmholz, which states
that the angles of incidence and emittance may be inter-
changed without altering the radiance (luminance) factors
which are obtained.
Most natural surfaces, however, exhibit a certain sym-
metry in their indicatrices which greatly relaxes the
'Ideal diffusion in which the spatial distribution of diffused radiation
is such that the radiance or luminance is the same in all directions
and possesses a reflectance equal to 1.
104 JPL SPACE PROGRAMS SUMMARY 37-50, VOL. I
number and extent of those which are required to com-
pletely describe the optical properties of that surface. For
example, the symmetry of the photometric properties of
the lunar surface as observed from the earth greatly
simplify the geometry and allow the indicatrix of dif-
fusion to be specified by the utilization of only two of
the usual three spatial parameters. Often this may be
expressed by curves related to the geometry of two
angles; that of the component of the emittance angle on
_e plane between the incident and emittance vectors,
and the angle between these vectors known as the phase
angle. The indicatrix of diffusion for such a surface can
then be simplified in terms of these two parameters and
an empirical function derived which will define at any
given geometry the radiance (luminance) factor of the
surface.
d. Data collection.
Color measurements. To measure a color with the
Surveyor camera it is necessary to determine its tristimu-
lus values. These are defined as the amounts of three
reference or matching stimuli required to give a match
with the color stimulus considered in a given trichromatic
system. A more complete description of this kind of color
measurement may be found in Ref. 4: The camera is
used to obtain the colorimetric information by observing
selected portions of the surface and exposing sequentially
three frames through each of the filters in the camera.
Each filter is adjusted (Surveyor III and above) with a
neutral density transmission coating such that approxi-
mately equal video signals result when observing a gray
surface illuminated by the sun outside of the earth's
atmosphere. The camera iris position remains constant
throughout the color measurements, and the second and
third frames are averaged for the best data. In order to
calibrate the camera, stimuli of a source together with
various color filters are presented to the camera during
preflight calibration. On the lunar surface the camera
observes photometric targets placed on leg 2 and on
omnidirectional antenna B, which consists of three colors
together with a series of gray steps whose spectral ra-
diance factors have been measured before flight. Thus
the camera preflight calibration is checked as well as
small corrections determined after the camera is on the
lunar surface. Areas of interest are ascertained by general
observation of the wide- and narrow-angle mosaics made
very early in the mission. Color interest centers around
the desirability of ascertaining differences between rock
fragments and the surrounding surface, together with
8Alsosee footnote 6.
measurements of any areas disturbed by the spacecraft
compared to undisturbed areas.
Data collection for color measurements are obtained
under relatively high sun angles (small angles of inci-
dence) so as to potentially increase both the camera
video signals and to minimize the amount of shadowed
areas when the sun is at lower angles. Some measure-
ments are also taken at large angles of incidence in order
to determine whether differences or variations of the
spectral radiance factors are angularly dependent. It is
perhaps important to note here that the _(,_) color match-
ing function is made equal to the V (;_) luminous effi-
ciency function of the CIE standard observer; thus, the
measurement obtained through the _-(),) filter is a direct
measurement of the luminance of the surface. Thus, there
exists in the CIE colorimetric system a close correlation
of photometry and colorimetry.
Goniophotometric measurements. When the television
camera aboard the Surveyor is utilized as a goniophotom-
eter, it is restricted primarily to the angles of emittance
(the inverse of the direction of observation) to which the
camera mirror is movable. Thus the luminance of an
element of the surface having an angle of emittance less
than 80 deg is not viewed by the television camera and
cannot be measured. Furthermore, the camera is limited
in its azimuth viewing due to obstructions caused by the
spacecraft itself. The unique observation of the camera
also introduces the matter of scale when collecting photo-
metric information. A great deal of care must be chosen
so that the acceptance does not introduce large anomalies
from surface irregularities at distances remote from the
spacecraft. The assumption that the areas sampled are
homogeneous insofar as their luminance factor and their
indicatrix of diffusion is concerned is important in at-
tempting to utilize different areas for the determination
of the optical properties of the spacecraft vicinity.
The indicatrix of diffusion is estimated goniophoto-
metrically from the television data by sampling at a given
angle of incidence, discrete values of the angle of emit-
tance at varying positions in azimuth around the local
vertical to the surface. The angles of incidence change
from day to day thus resulting in a set of data points
which may be interpolated and under some conditions,
extrapolated to define the optical properties of the sur-
face. The mounting of the Surveyor television camera (a
tilt of 16 deg) also introduces the requirement for a trans-
formation to the local vertical lunar north coordinate
system or to the geometry of the surface if that is dif-
ferent from the local vertical. Ideally this geometrical
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transformation is performed through simple vector alge-
bra relating the incident, emittant and slope vectors
normal to the surface element in question. The dot prod-
ucts of the interrelations of these vectors determine the
angles of incidence, emittance and phase from which
the azimuth between the normal-incident and normal-
emittant planes can be calculated. Thus, except for the
areas which are obscured, the goniophotometric prop-
erties of the surface can be measured by Surveyor rela-
tively well, assuming a homogeneity of these properties
in the immediate vicinity.
To facilitate these measurements and to minimize the
amount of data required to estimate the indicatrix of
diffusion, the following sets of collection techniques were
devised:
(1) Measurements of the surface in a plane defined by
the surface normal, the incident, and the emittant vec-
tors. The angles of emittance may vary from 30 to almost
90 deg, and the angles of incidence from 0 to 90 deg in
either the morning or afternoon. Usually the change of
angle of incidence, which amounts to approximately
12 deg, is limited by the period between Goldstone
observations. Reduction of these data is equivalent to
taking a meridian section through the total indicatrix of
diffusion at the specified incidence angle.
(2) Determination of the symmetry of the indicatrix
of diffusion. This is primarily accomplished through ob-
servations obtained close to the time of local noon at
discrete azimuths (usually 45-deg increments) distributed
around the spacecraft. Measurements of this type can be
compared to ascertain whether the luminance factors are
equal throughout the vicinity at constant angles from the
local vertical. These sparsely measured positions attempt
to substantiate or reject the assumption of symmetry and
thus affect the extrapolation of the indicatrix of diffusion
for the entire spatial geometry.
(3) An important quantity, believed inherent in all
diffusing materials, is that of an increase in luminance
factor when the surface is observed along the direction
of incidence. Indications made in laboratory studies show
that the luminance factor at this geometry can increase
by very large factors. In the case of the lunar surface,
angles less than 5 deg from the incident vector show
very steep slopes, although the total contribution to the
reflectance of the surface may be small.
During each of the three types of measurements stated
above, the camera is operated with the _ (2_) filter in front
of the lens and at least three frames of the surface are
exposed at one time. Just prior to this measurement
multiple frames are exposed on the photometric targets
(at least one that is illuminated) and following the mea-
surements a repetitive series of frames of the same target
is taken. The preflight calibration of these photometric
targets, primarily the five discrete gray steps, allow the
estimation of the luminance of each gray step assuming
a constant value for the solar illuminance. The illuminat-
p
ing geometry for this estimate is resolved through the use
of a gnomon placed perpendicular to the photometric
target and aligned with the direct view of the camera.
Before photometric areas are chosen for measurementT,
the entire frame together with its neighbors is scrutinized
to ascertain the levelness and homogeneity of its con-
stituents.
e. Data reduction.
Colorimetry. Information collected through the color
filters is currently being reduced in one of two ways. One
way consists of the reduction of each one of the three
frames taken through each of the color filters by con-
version to digital units from the magnetic tape recording
made at the time of the Goldstone pass. The digital data
may then be compared against the same digitized infor-
mation from the preflight calibrations, showing the rela-
tionship between the luminance of the source used in this
calibration against that of the video signal. Such a rela-
tionship, known as the light transfer characteristic of the
complete television camera system, enables the video
data from the moon to be corrected for nonlinear portions
of such characteristics. Application of preflight calibra-
tion enables the tristimulus values of portions of the scene
to be calculated from the three frames. These in turn
allow the determination of the chromaticity coordinates
and also the color difference from a neutral gray. Analysis
of the colors in a scene by this analytical technique al-
lows the comparison of points in close proximity to the
Planckian locus, for determination of correlated color
temperatures. These are usually applicable in those in-
stances where observation of daylight or filtered sunlight
such as those of the solar eclipse or earth pictures are
concerned. A further application uses the tristimulus
values to determine the scalar multiples to be applied to
a measured spectral radiance factor family resulting in an
estimate of the spectral radiance factor of the observed
area.
The second application for color analysis involves the
analog processing of the color information. For this pur-
pose a color reconstitution device is being constructed
where the positive transparency of each of the frames
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taken through the color filters is additively recombined
through similar filters onto a viewing screen or color print
film. This technique, however, is fraught with hidden
fallacies. For example, one assumption is that the linear
video relationship is maintained for each frame through-
out the entire reconstitution process. Another states that
any errors involved in the transfer characteristics of the
storage media (positive film transparency) will result in
two different colors formed in the reconstituted image
_which are not in the original, as well as exaggerations of
the saturation and the hue of colors which do exist.
Furthermore, because of certain recording anomalies,
"noise, image displacement, etc., color differences may be
introduced which are also absent from the scene. For
these reasons it is logical to explore the relationship
betweeen a partial analytical approach and an analog
approach. Such a method would allow the analytical de-
termination of the tristimulus values; and these, coupled
with the color reconstitution apparatus characteristics
together with those of the film, would generate a positive
transparency whose optical densities when recombined
additively onto color print film would result in faithful
color reproduction together with a minimal loss of
color differences. It is, of course, obvious that a similar
type of technique may be utilized for the analytical
application. The application of frequency analysis, mea-
suring the occurrence of various colors in a frame and
sorting of these colors with regard to their frequency of
occurrence, can be used to contour the colors which
occur in a scene on the basis of equal luminance or equal
chromaticity, and these contours may be overlaid on a
black and white print of the same area for interperative
analysis.
Indicatrix of diffusion (photometric properties). The
first major step in reducing the television data collected
for photometric purposes is to determine the photometric
geometry involved. A knowledge of the attitude matrix
of the camera with respect to a lunar north-local vertical
coordinate system is required for this purpose. The
geometry may then be calculated given the exact scene
area to be used for the photometric analysis. The
scene areas are selected as previously mentioned from
large mosaics of the vicinity and deviate from their gen-
eral preascertained positions for collection by the unex-
pected occurrence of either fragmental material or
relatively large crater depressions. The analysis then fol-
lows two paths similar to that of colorimetry. The first
path is a matter of expedience and sacrifices accuracy.
This path consists of densitometering the first generation
negative of the particular areas and relating them to a
light transfer characteristic based on the observation of
the photometric targets which are also densitometered.
From this the relationship between film density and the
luminance, the particular scene in question can be
measured. An application of these luminances together
with that of the geometry determines the general shape
of the indicatrix of diffusion, and an estimate of the
luminance factors can then be derived. Integration of
the indicatrix of diffusion will determine the reflectance
of the surface.
The second, and more thorough technique of analysis,
like colorimetry, uses magnetic tape recordings with the
exception that only the _-(_) video signals are digitized.
Thus, measurements are taken in photometric units, and
the reductions are plotted in the same manner as film
densitometry.
To aid in interpolating the values not measured for the
indicatrix of diffusion, the principle of reciprocity is
utilized. Measurements are first compared to confirm this
relationship so as to ascertain whether any camera mal-
functions are present, and then the data are expanded to
aid in smoothing the spatial geometry of the indicatrix.
Of distinct importance in this analysis is the close corre-
lation with astronomical observation through the utiliza-
tion of plots of the angles of phase versus luminance
longitude, as mentioned earlier in Subsection d. The
greatest difficulty arises from the estimation of the peak
of the indicatrix of diffusion that is colinear with that of
the incident vector.
f. Conclusion. The colorimetric and photometric use
of the Surveyor television camera has to a large degree
confirmed the estimates made from earth-based observa-
tion of what would be expected on the lunar surface.
The values, both of the color and color differences, and
that of the reflectance and indicatrix of diffusion, show
that astronomical observations of our near satellite have
been essentially correct and applicable to even local
scales involving distances of meters.
Still under investigation are the optical properties of
the undisturbed areas as well as those of the fragmental
material and very fine-grained structure that are close
to the spacecraft. In these nearby regions may lie the
clues to the geometrical structure that makes up the optical
surface.
Complete reduction and determination of the optical
properties is a lengthy process but is greatly enhanced
through the use of computer techniques. Application of
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polarizing filters will hopefully complete the determina-
tion of lunar optical properties to a degree not yet
attained.
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E. Payload
a. Soil mechanics surface sampler subsystem. The soil
mechanics/surface sampler (SM/SS) subsystem is that
part of the Surveyor III, IV, and VII payloads designed
to manipulate a portion of the lunar surface near the
spacecraft. The subsystem consists of a mechanism,
auxiliary electronics and thermal compartment, installa-
tion substructure, and wiring harnesses. The mechanism
performing operations on the lunar surface is controlled
by the auxiliary electronics housed in its own thermal
compartment. The auxiliary electronics receives and de-
codes ground commands, and provides power and signal
conditioning for the SM/SS subsystem.
During this report period, the final SM/SS/Surveyor
readiness tests at the Air Force Eastern Test Range
(AFETR) were conducted and the SM/SS was success-
fully used on the lunar surface. All mission objectives of
bearing, trenching, rock transporting, weighting, and
lunar soil magnetic property investigating, as well as
alpha scattering redevelopment, were accomplished.
The alpha scattering instrument consists of a sensor
head, electronics, and standard sample. Auxiliary equip-
ment provides electrical interface for the alpha scattering
instrument with the Surveyor basic bus and provides the
mechanics for deployment of the sensor head to both the
background and lunar surface positions.
The experiment is operated in the following positions
(1) Stowed position utilizing the standard sample for
calibration of the system.
(2) Background position for calibrating the solar and
surface natural radiation.
(8) Lunar surface position for analyzing lunar surface
composition.
On Surveyor VII only, the instrument was repositioned
on the lunar surface by the SM/SS.
At AFETR, the flight sources were installed and the
sensor calibration was completed. The sensor was rein-
stalled on the spacecraft and successfully checked out as
part of the PVT-6 test phase and subsequent launch pad
system readiness tests.
On the lunar surface, all mission objectives were ac-
complished and, by using the SM/SS for redeployment,
three separate surface locations were analyzed.
One anomaly occurred when the deployment mecha-
nism failed to deploy the sensor head from the back-
ground count position to the lunar surface position. The
problem was resolved by using the SM/SS to force the
sensor head down to the lunar surface.
Prior to the SM/SS assisted deployment, concentrated
tests were performed in the payload system laboratory
to determine possible causes for the hangup deployment
failure and to determine the best methods for releasing
the sensor head by the SM/SS.
b. Alpha scattering experiment subsystem. The alpha
scattering experiment was added to Surveyors V, VI, and
VII for analysis of lunar surface materials composition.
The presence of all elements except hydrogen, helium,
lithium, and beryllium is detected by irradiating the
surface with 6-MeV alpha particles and measuring the
return energies and relative quantities of backward scat-
tered alpha and proton particles.
F. Science Data Systems
1. Correction of Surveyor Television Identification
Information 9
a. Introduction. Each frame taken by the Surveyor
spacecraft television cameras contains a set of camera
DPrepared by JPL Technical Section 324.
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status information to assist in the interpretation of the
frame and in the location of frames to fill in mosaics.
Each such set of information, called TVID (television
identification), contains values and descriptions of such
items as azimuth angle, elevation angle, filter type, focal
setting, focal length, calibrated voltage, and identification
quality. Of these, the data for azimuth angle, elevation
angle, filter type, focal setting, and focal length may
contain errors that require correction in order to properly
_hterpret the frame.
The primary source of information used to make
_WID listings and the direct source of the TVID infor-
mation used to make searches for particular frames is a
disk mounted on the DDP 24 computer at JPL. Of the
sets of TVID information recorded on the disk, 2 to
8% contain at least one error; of that 2 to 8%, over
50% contain several errors. For example, for the
Surveyor VI mission in which 30,000 frames were taken,
well over 2000 sets of TVID information contain errors,
and the total number of errors to be corrected is well
over 5000.
A mislabeled frame can easily become a missing frame.
One method used to find missing frames is to reel through
strip contact prints (70-ram roll prints of the data). If a
missing frame is part of a regular survey, operational
logs can be used to find the approximate time at which
the picture was taken, and the consistent pattern of
azimuth and elevation readings facilitates the location
of the desired frame. However, if the missing frame is
not a part of a regular survey and contains no features
making it obviously unique, recognition of the desired
frame by this method is extremely difficult.
Similarly, a colorimetric or polarimetric study of a
certain feature may require a search of the various filters
used at the azimuth and elevation of the feature. The
possibility exists that the picture frame required to
complete the study has an error in either azimuth, eleva-
tion, or filter. In such a case, the frame desired may not
be retrievable.
Until such time when the necessary equipment is
optimized and the errors are thus significantly reduced
or altogether eliminated, methods must be available to
obtain corrections for the erroneous TVID information
in order to correct the data on the DDP 24 disk. Pres-
ently, the four methods discussed below are available
for obtaining the corrected data. Cards on which these
data are punched are used to generate a magnetic tape.
A file maintenance program 1°, 1_ inserts the corrected data
on the tape onto the DDP 24 disk.
b. Inspection _or reasonableness. A significant number
of TVID errors can be corrected by first checking to
see if the numbers listed are possible. The allowable
ranges for azimuth, elevation, and focal setting are -222
to -I-132 deg, -67.70 to +31.50 deg, and 0 to 49,
respectively 12. Obviously, ff a reading exceeds its allowable
range, that reading is suspect. If the identification quality
is poor or bad, all TVID information for that set is
suspect. Also, if the calibration voltage is less than 4.5
V, the validity of the TVID information is extremely
doubtful.
Examples of erroneous TVID information are given
in Fig. 9. The focal setting (FS) for 111-0928-38 is 53,
which is impossible. By interpolation, the correct value
should be either 26 or 27. Similarly, since the entire
series was done with the "4 red" filter (FIL), the "2 grn"
filter description for 111-0928-46 is most probably in
error. The identification quality listing of "poor" substan-
tiates this conclusion. Another example of an erroneous
reading is the "W" focal length (FL) for 111-0928-28;
since this appears amid a series of uninterrupted "N"
focal lengths, this reading should most probably be an
"N" also. Again, the identification quality is listed as
"poor." Thus, an inspection for reasonableness can assist
not only in determining erroneous readings, but also in
providing correct readings.
However, the usefulness of this method in providing
correct readings is limited to cases for which reliable
interpolations can be made. An example for which no
reliable interpolation can be made is given in Fig. 10
in 111-0947-18 and the sets immediately following, where
the azimuth and elevation readings are changing. The
calibration voltage is below the 4.5-V limit. Since this
voltage (regardless of its reasonableness) is used to
adjust the other items of TVID information (except
temperature), the other information must be in error.
The elevation angles are exceeding the 31.5-deg limit.
Since the azimuth and elevation readings are changing,
a reliable interpolation would be impossible.
"Casperson, D., TV-GDHS Catalog Sort and Merge Program User
Guide, Sept. 1967 (JPL internal document).
"Casperson, D., Program Detail Description File Maintenance
Program ( FMP) for Surveyor TV-GDHS Media Conversion Sub-
system, Dec. 1966 (JPL internal document).
':These particular values were valid for Surveyor V.
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SURVEYOR S/C TELEVISION IDENTIFICATION SUMMARY
D H M S FNR SRN FRN AZ EL FS FC IRS FIL FL CVS IDQ TV-9 TV-IO
lI1 8 35 40 02625 80 1545 -48 -48 26 2.5 5.5 4 RED W 4.79 GOOD 41.2 53.6
lI1 8 35 45 02626 80 I546 -36 -48 26 2.5 5.5 4 RED N 4.79 GOOD 4i.2 53.8
Ill 8 35 49 02627 80 I547 -24 -48 26 2.5 5.5 4 RED W 4.79 GOOD 41.2 53.6
Ill 8 35 54 02630 80 I548 -12 -48 26 2.5 5°5 4 RED W 4.79 GOOD 41.2 53.6
Ill 8 35 58 0263I 80 1569 -5 -45 25 2°5 5°5 4 RED W 4.89 POOR 41.2 53.6
Ill 8 36 3 02632 80 1551 13 -48 26 2.5 5.5 4 RED W 4.79 GOOD 41°2 53.8
lII 8 36 7 02633 80 1565 24 -48 26 2.5 5.5 4 RED W 4.79 GOOD 41.2 53.8
Iil 8 36 12 02634 80 1565 36 -48 26 2.5 5.5 4 RED W 4.79 POOR -36.8 53.8
Ill 8 36 16 02635 80 1565 36 -38 26 2.5 5.5 4 RED W 4.79 POOR 41.2 53.8
Ill 8 36 20 02636 80 1555 24 -38 26 2.5 5.5 4 RED W 4°79 GOOD 41.2 53.8
Ill 8 36 25 02637 80 1656 I2 -38 26 2.5 5.5 2 GRN W 4.79 POOR 41.2 53.8
lii 8 36 30 02640 80 1557 0 -38 26 2.5 5.5 4 RED W 4.79 GOOD 41.2 53.8
Ill 8 36 34 02641 80 1558 -I2 -38
lIl 8 36 38 02642 80 1559 -24 -38
Ill 8 36 43 02643 80 1561 -35 -38
Ill 8 36 48 02644 80 1561 -48 -38
111 8 36 52 02645 80 I575 -60 -38
lIl 9 18 54 02647 90 1599 24 -63
26 2.5 5.5 4 RED W 4.79 GOOD 41.2 53.8
26 2°5 5.5 4 RED W 4.79 GOOD 4Io2 53.8
26 2.-5-- 5.5 4 RED--W .... 4°79 GOOD 41.2 53.8
26 2.5 5.s 4 RED w_ 4.t9 GOOD ...._!-Z 53.8
26 2.5 5.5 4 RED W 4.79 GOOD 41.2 53.8
23 2.3 3.9 4 RED N 4.78 GOOD 40.8 46.8
Ill 9 19 37 02650 90 1601 24 -63 23 2.3 3.9 4 RED N 4.78 POOR 40.8 47.0
Ill 9 22 II 02651 90 I615 12 -63 23 2.3 3.9 4 RED N 4.78 GOOD_ _ _0.8 47°_8
IiI 9 23 IO 02652 90 1615 12 -63 23 2.3 5.9 4 RED N 4.78 POOR 40.8 48.2
Ill 9 23 55 02653 90 1615 12 -63 23 2.3 5.9 4 RED N 4.78 GOOD 40.8 48.4
IiI 9 24 0 02654 90 1605 18 -63 23 2.3 5.9 4 RED N 4.79 POOR 40.8 48.4
Ill 9 24 4 02655 90 1606 24 -63 23 2.3 5.9 4 RED N 4.78 GOOD 40.8 48.4
Ill 9 24 9 02656 90 1607 30 -63 22 2.3 5.9 4 RED N 4.78 POOR 40.8 48.4
Ill 9 24 I3 02657 90 1008 36 -63 22 2.2 5.9 4 RED N 4.79 POUR 40.8 48.4
Ill 9 24 18 02660 90 1609 39 -58 23 2.3 5.9 4 RED N 4.78 GOOD 40.8 48.4
Ill 9 24 22 02661 90 1011 33 -58 23 2.3 5.9 4 RED N 4.78 GOOD 40.8 48.4
Ill 9 24 27 02662 90 1611 27 -58 23 2.3 5.9 4 RED N 4.78 GOOD 40.8 48.6
Ill 9 24 31 02663 90 1625 2I -58 23 2.3 5.9 4 RED N 4.79 GOOD 40.8 48.6
IIl 9 24 36 02664 90 1625 [5 -58 24 2.4 5.9 4 RED N 4.78 GOOD 40.8 48.6
lIl 9 24 40 02665 90 1625 I2 -53 25 2.5 5.9 4 RED N 4.78 GOOD 40.8 48.6
111 9 24 45 02666 90 1615 18 -53 24 2.4 5.9
Ill 9 24 49 02667 90 1616 24 -53 24 2.4 5.9
III_9--24 54 02670 90 I617 31 -53 24 2.4 5.9
Ill 9 24 58 02671 90 1618 36 -53 24 2,4 5.9
4 RED N 4.79 POOR 40.8 48.6
4 RED N 4.79 POOR 40.8 48.8
4 RED N 4.78 GOOD 40.8 48.8
4 RED N 4.79 POOR 40.8 48°8
Ill 9 25 3 02672 90 1619 39 -48 25 2.5 5.9 4 RED N 4.79 POOR 40.8 48.8
Iii 9 25 7 02673 90 1621 33 -48 25 2.5 5.9 4 RED N 4.78 GOOD 40.8 48.8
111 9 25 12 02674 90 I621 26 -48 25 2.5 5.9 4 RED N 4.78 GOOD 41.2 49.0
Ill 9 25 i6 02675 90 1635 21 -48 25 2.5 5.9 4 RED N 4.79 POOR 40.8 48.8
iil- 925--21 02676 90 25 15 _48 26 2.5 5.9 4 RED N 4.79 POOR 35.6 40.2
Ill 9 25 25 02677 90 25 12 -43 27 2.6 5.9 4 RED N 4.79 POOR 35.6 40.2
Ill 9 2-?--_-- 02700 90 15 18 -43 27 2.6 3.9
III 9 28 24 02701 90 16 24 -43 26 2.6 3.9
Ill 9 28 28 02702 90 I7 30 -43 26 2°6 3.9
Ill 9 28 33 02703 90 18 36 -43 26 2.5 3.9
IIl 9 28 38 02704 90 I9 lOI -37 53 54,2 3.9
Ill 9 28 42 02705 90 21 33 -38 27 2.6 3.9
4 RED N 4.79 POOR 35.6 40.6
4 RED N 4.79 POUR 35.6 40.8
4 RED W 4.79 POOR 35.6 40.8
4 RED N 4.78 GOOD 35.6 40.8
4 RED - N 4.79 POOR 35.6 40.8
4 RED N 4.79 GOOD 35.6 40.8
lli 9 28 46 02706 90 21 -40 -38 3 1.4 3.9 2 GRN N 4.79 POOR 35.6 40.8
III 9 26 51 02707 90 35 21 -38 28 2.7 3.9 4 RED N 4.79 POOR 35.6 41.0
Ill 9 28 56 05025 90 35 I5 -38 29 2.7 3,9 4 RED N 4.79 POOR 35.6 41.0
111 9 29 0 05026 90 35 12 -33 30 2.7 3.9 4 RED N 4.79 POOR 35.6 41.0
Ill 9 29 4 05027 90 25 18 -33 30 2.7 3.9 4 RED N 4.79 GOOD 35.6 41.0
IlI g 29 9 05030 90 26 24 -33 30 2.7 3.9 4 RED N 4.79 GOOD 35.6 41.2
IiI 9 29 I4 05031 90 27 30 -33 29 2.7 3.9 4 RED N 4.79 GOOD 35.6 41.2
Fig. 9. Surveyor TVID information summary used to demonstrate the usefulness of the inspection for reasonableness
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SURVEYOR SIC TELEVISION IDENTIFICATION SUMMARY
D H M S FNR SRN FRN AZ EL FS FC IRS FIL FL CVS IDQ IV-9 TV-[O
Ill 9 29 19 05032 90 28 36 -33 29 2.7 3.9 4 RED N 4.79 GOOD 35.6 41.2
111 9 29 23 05033 90 29 42 -33 29 2.7 3.9 4 RED N 4.79 POOR 35.6 41.2
Ill 9 29 28 05034 90 31 42 -43 26 2.6 3.9 4 RED N 4.79 POOR 35.6 41.2
111 9 29 33 05035 90 31 -78 -53 24 2.4 3.9 2 GRN N 4.79 POUR 35.6 41.2
111 9 29 38 05036 90 45 36 98 21 2.2 3.9 4 RED N 4.89 POOR 35.6 41.2
Ill 9 29 43 05037 90 45 39 -68 20 2.1 3.9 4 RED N 4.79 GOOD 35.6 41.2
Ill 9 35 31 05040 90 45 -2 -55 28 2.7 5.8 4 RED W 4.89 POOR 35.6 42.0
111 9 47 18 05041 90 35 72 76 20 2.1 20.5 3 BLU N 2.61 GOOD 13.2 -15.2
111 9 50 2 05042 90 36 -206 89 0 1.0 3.7 I CLR W .00 BAD -37.6 -36.8
III 9 50 2 05043 90 37 -206 89 0 1.0 3.7 I CLR W .00 BAD -37.6 -36.8
111 9 51 20 05044 90 38 133 76 49 30.3 23.6 2 GRN N 1.34 POOR -9.2 -9.2
Ill 9 58 56 05045 50 39 187 86 53 58.1 22.0 3 8LU N 2.22 GOOD 9.2 11.0
Ill lO 3 35 02710 50 155 96 -21 62 102,2 25.4 3 8LU N 2.65 GOOD 24.8 24.6
Ill lO 9 9 02711 50 155 3 -33 29 2,7 5.9 4 RED W 4.79 POOR 37.6 45.0
Ill 10 14 58 02712 50 169 187 -44 49 32.4 21.7 2 GRN N .97 GOOD 14.0 -5.2
I11 I0 18 29 02713 50 169 70 90 62 102.2 4.7 2 GRN W 1.04 POOR -15.2 14.0
III I0 22 5 02714 50 169 -206 89 0 1,0 3.7 1 CLR W .00 BAD -37.6 -36.8
lll I0 29 12 02715 50 159 -206 89 0 1.O 3.7 I CLR W .00 BAD -37.6 -36.8
Ill I0 35 6 02716 50 160 33 -48 26 2.6 3.9 4 RED W 4.79 POOR 38.4 46.2
Ill 10 38 9 02717 50 161 -206 89 0 l.O 3.7 I CLR W .00 BAD -37.6 -36.8
III IO 39 49 02720 50 162 -206 89 0 1,0 3.7 I CLR W .00 BAD -37.6 -36.8
II l lO 40 55 02722 50 165 146 -21 35 3.4 25.4 2 GRN N 1.57 GOOD -14.0 -14.4
111 lO 43 30 02723 50 165 -206 89 0 1.O 3.7 I CLR N .00 BAD -37.6 -36.8
Ill lO 43 30 02725 50 179 -206 89 0 1.0 3.7 I CLR W .00 BAD -37.6 -36.8
111 13 47 17 02726 50 179 -54 -63 26 2.5 5.9 4 RED W 4.79 GOOD 38.8 46.8
I12 d 41 39 02727 I0 169 -54 -63 26 2.5 5.9 4 RED W 4.77 GOOD 35.6 37.2
I12 0 44 23 02730 I0 170 -58 98 25 2.5 5.8 4 RED W 4.88 POOR 35.6 38.2
112 0 44 35 02731 I0 171 -54 -63 26 2.6 5.9 4 RED W 4.77 GOOD 35.6 38.4
112 0 _7 4 02732 10 172 -54 -63 26 2.6 14.4 I CLR N 4.78 POOR 36.0 39.6
112 0 49 I 02733 I0 173 -72 -63 26 2.6 14.4 I CLR W 4.78 GOOD 36.0 40.2
112 U 49 30 02734 10 175 -72 -48 26 2.6 14.0 I CLR W 4.78 POOR 36.0 40.4
112 3 49 47 02735 10 175 18 -36 27 2.6 9.4 1CLR W 4.67 POOR 36.0 40.6
112 0 53 50 02736 10 189 -54 -33 26 2.6 17.0 1CLR W 4.79 GOOD 36.4 41.8
112 _ 54 36 02737 10 /89 -54 -48 26 2.6 13.9 I CLR W 4.79 POOR 36.4 42.2
I12 0 54 49 02740 10 189 -36 -48 26 2.6 12.4 I CLR W 4.79 POOR 36.4 42.2
112 J 55 I 02741 I0 179 -36 -33 26 2.6 15.4 I CLR W 4.79 POOR 36.4 42.0
I12 0 56 5 02742 I0 180 -18 -33 26 2.5 13.1 l CLR W 4.79 POOR 36.8 42.8
I12 O 56 43 02743 lO 181 -22 -45 25 2.5 10.3 1CLR W 4.89 POOR 36.8 43.0
I12 0 56 57 02745 10 182 0 -48 26 2.5 10.0 I CLR W 4.79 GOOD 36.8 43.0
112 0 57 9 02746 10 183 75 98 25 2.5 9.7 1CLR W 4.89 POOR 67.6 60.8
li2 0 57 2i 02747 I0 185 0 -19 26 2.5 10.8 I CLR W 4.79 GOOD 36.8 43.0
II2 0 57 33 02750 I0 185 0 -4 26 2.5 10.9 I CLR W 4.79 GOOD 36.8 43.2
I12 0 57 44 02751 I0 199 0 ll 26 2.5 16.8 1CLR W 4.79 BAD 36.8 43.2
112 3 57 57 02752 10 199 0 26 26 2.5 10.2 1CLR W 4.79 POOR 36.8 43.2
112 O 58 I0 02753 lO 199 18 26 26 2.6 4.9 I CLR W 4.79 POOR 36.8 43.4
112 0 58 22 02754 I0 189 18 II 26 2.5 7.4 I CLR W 4.79 POOR 36.8 43.4
112 0 58 34 02755 I0 190 18 -4 26 2.5 8.5 I CLR W 4.79 GOOD 36.8 43.4
Ii2 0 58 45 02756 I0 191 18 -19 26 2.5 I0.0 I CLR W 4.79 GOOD 37,2 43.6
I12 0 58 58 02757 I0 192 18 -33 26 2.6 I0.I I CLR W 4.79 POOR 37.2 43.6
I12 0 59 10 02760 I0 193 18 -48 26 2.5 I0.I I CLR W 4.79 POOR 37.2 43.6
if2 O_ 23 02761 iO 195 36 -48 26 2.5 II.3 I CLR W 4.79 GOOD 37.2 43.6
112 0 59 35 02762 I0 195 36 -33 26 2.5 12.3 1CLR W 4.79 GOOD 37.2 43.6
1[2 0 59 47 02763 10 209 99 -19 26 2.5 10.5 I CLR W 4.79 POOR 37.2 60.8
I[2 I 0 37 02764 I0 209 36 -4 26 2.5 9.4 I CLR W 4.79 GOOD 37.2 44.0
112 1 0 46 02765 I0 209 36 ll 26 2.5 7.9 1 CLR W 4.79 GOOD 37.2 44.0
Fig. 10. Surveyor TVID information summary used to demonstrate the limitations of the inspection for reasonableness
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c. Inspection for reasonableness knowing the type of
survey. This method is a sophisticated version of the
first method in that visual inspection of the data is in-
volved, but an additional piece of information, the type
of survey, is available. There are standard surveys
(usually panoramas) in which azimuth, elevation, focal
setting, and focal length can be obtained either from the
tapes used to run the survey or by comparison with
previous surveys of the same type. The disadvantage of
this method is that standard surveys tend to be modified
as a mission progresses. Manual commands (thus, varia-
tions from the standard survey) are often inserted, and
the truly standard surveys represent a small portion of the
total number of pictures taken. However, the existence
of a pattern is useful. Filter surveys can be located when
the filter changes one step every other frame. Thus, any
filter value which is out of place is readily seen. Pano-
ramas usually step in equal increments.
d. Comparison of azimuth and elevation readings
with those expected Jrom the frame's position in a
mosaic. The third method of correction involves placing
the pictures in a mosaic pattern. From the azimuth and
elevation values required to fit the imagery of the other
parts of the mosaic, the correct azimuth and elevation
are known. These types of corrections are supplied
through the mosaicing work of the U.S. Geological
Survey. This approach is the most accurate for azimuth
and elevation, because it represents the actual pointing
of the camera (through the mirror). Thus, errors caused
by misreading of the pulse-code-modulation bits, the
camera failing to respond to commands, and the camera
over-responding to commands are all eliminated.
e. Integration of commands with valid TVID infor-
mation. This method is the most complete since all
important items of TVID information can be corrected.
The transmitted commands are integrated by taking a
valid set of TVID information (validity assumed when
identification quality is "good" and calibration voltage is
above 4.5 V) and adding or subtracting the effect of a
command. For example, if a valid set of TVID infor-
mation contained a 9-deg azimuth and a "1115" command
had been transmitted, 3 deg would be added to the
original 9 deg. A "1116" command would mean that 3
deg would be subtracted. The limitations on the inte-
gration are: (1) the azimuth reading must be within the
allowable range; and (2) the integration must periodically
be restarted with valid TVID information, since the
camera occasionally does not respond to transmitted
commands.
Commands are available for changing azimuth, ele-
vation, filter type, focal setting, focal length, iris, and
shutter, each of these having its own allowable limits.
Automatic modes exist for iris and focal setting, but the
focal setting automatic mode is not used. The iris auto-
matic mode allows the camera to select the proper iris
setting; thus, in this mode, command integration cannot
determine the particular iris setting of the camera at any
given time.
This method of correction is being used for Surveyor V
data. Each of the 80,000 commands is punched on a
separate data-processing card. A 1620 program integrates
the commands, periodically restarts the integration (by
periodically inserting cards containing valid TVID in-
formation), and punches the correction cards.
G. Propulsion 1:_
1. Surveyor VII Propulsion System Performance
During First Lunar Day
a. Introduction. Surveyor VII successfully landed on
the moon January 10, 1968 at 01:05:37 GMT. Unlike
other Surveyor spacecraft which landed near the moon's
equator, Surveyor VII landed near the crater Tycho,
41 deg south latitude and 11 deg west longitude. The
southern latitude resulted in low sun angles and mini-
mized the possibilities of using the solar panel and planar
array antenna to shade spacecraft elements. Those space-
craft elements which faced north were exposed to the
sun for long periods throughout the day. Propellant tank
and vernier engine temperatures on legs 2 and 3, which
faced northeast and northwest respectively, were more
than 20 deg hotter than on previous spacecraft. On leg 2
the maximum oxidizer tank, fuel tank and vernier engine
temperatures attained were 210, 226, and 290°F, re-
spectively. On leg 3 the maximum temperatures reached
were 190, 210, and 280°F. After 260 h of high tempera-
ture exposure, the system began to leak fuel from en-
gine 2. Sixty hours later the oxidizer relief valve failed.
Shortly after sunset the fuel system developed a gas leak
and oxidizer tank 3 lost liquid oxidizer. The propulsion
system was severely degraded by the high temperature
environment.
b. Discussion. All Surveyor spacecraft lost either ox-
idizer or fuel pressure during the first lunar day. Table 3
lists the cause of pressure loss and the time at which the
pressure loss occurred for each spacecraft.
_Prepared by JPL Technical Section 384.
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Table 3. Propulsion system leaks and malfunctions developed on Surveyor spacecraft after landing
on the moon
Surveyor I Surveyor VI fcontd)
Time_: 104 h
Typeb: Gas leak on oxidizer side.
Telemetry_: (1) Rapid loss of oxidizer and helium pressures.
(2) Smooth temperature drops of about 20°F on helium and oxidizer
tanks.
(3) Oxidizer llne temperatures increased approximately 25°F, indi-
cating flow from hot engines to cooler tanks as tanks were depres-
surized. Tank temperatures were initially cooler than line tempera-
tures, whereas engines were hotter.
Caused: Oxidizer relief valve failed.
Surveyor III
Time: 165 h
Type: Initially a gas or liquid leak on oxidizer side. If initially a liquid
leak, it developed into a gas leak at time of pressure loss.
Telemetry: Rapid loss of oxidizer and helium pressure.
Cause: Undetermined.
Surveyor V
Time: 178 h
Type: Liquid oxidizer leak at tank 1 followed by gas leak after deple-
tion of oxidizer in tank.
Telemetry: (1) Loss of oxidizer and helium pressure.
(2) IO0°F drop in oxidizer tank 1 temperature.
(3) 20°F drop in retroengine attach bolt 1 temperature.
(4) Surveyor pictures illustrated that mylar wrap on oxidizer tank 1
had been pressurized from within during time of pressure loss.
(5) Tank cool-down rate after sunset was greater for oxidizer tank 1
than for other two tanks. This indicated liquid loss of approximately
5 Ib from tank 1.
Cause: O-ring on oxidizer tank 1 degraded by high temperature liquid
oxidizer.
Time: 273 h
Type: Gas leak on fuel side.
Telemetry: (1) Loss of fuel pressure.
(2) Second lunar day tank temperatures indicated that liquid fuel had
not leaked from tanks but had frozen in the tanks during the lunar
night.
Cause: Undetermined whether failure occurred at fuel relief valve,
solenoid valve or gas side O-ring on any of three fuel tanks.
Surveyor Vl
Time: 228 h
Type: Liquid oxidizer leak at tank I followed by gas leak after deple-
tion of oxidizer in tank.
Telemetry: (1) Temperature perturbations of _ _10°F on oxidizer
tank I.
(2) Loss of oxidizer and helium pressure.
(3) Tank cool-down rate after sunset was greater for oxidizer tank 1
than for other two tanks. As on Surveyor V, this indicated liquid
loss from tank I. Loss was approximately 5 Ib of liquid oxidizer.
Cause: O-ring on oxidizer tank 1 degraded by high temperature liquid
oxidizer.
Surveyor VII
Time: 91-191 h
Type: Erratic cyling and leakage at oxidizer relief valve.
Telemetry: (1) When exposed to the sun on eleventh vent cycle, oxi-
dizer relief valve's crack and reseat pressures began deviating from
those established during first ten vent cycles. Those established were
an 850 psi crack and an 830 psi reseat. On eleventh cycle valve
cracked at close to 850 psi but did not reseat until 790 psi.
(2) During twelfth vent cycle valve did nat crack until 870 psi.
(3) After twelfth vent cycle oxidizer pressure began to decay at 1.6
psi/h. Calculations proved that the oxidizer system had developed
a slow gas leak.
(4) Leak stopped after relief valve was reshaded by repositioning
solar panel.
Cause: Coining and degradation of the valve's seat, reduction in spring
constants, and differential thermal expansion between parts of valve
resulted in erratic behavior and leakage when valve was at high
temperature.
Time: 260 h
Type: Liquid fuel leak at engine 2.
Telemetry: (1) Rapid 90°F negative change in engine 2 temperature
as fuel vaporized and cooled engine.
(2) Elevated fuel llne temperature as llne was heated by warm pro-
pellanh
(3) Analysis of pressure and temperature data indicated a loss of
liquid fuel.
(4) Analysis of tank cool-down rates after sunset indicated liquid leak-
age of _ i lb.
Cause: Fuel poppet in engine 2 shut-off valve failed. Cause was seat
degradation after high temperature exposure (288°F) to fuel.
Time: 270 h
Type: Oxidizer check valve stuck almost shut.
Telemetry: (1) Oxidizer pressure fell below the helium regulator
pressure.
(2) Correct regulator operation confirmed by fuel pressure data.
Cause: Check valve malfunction probably resulted from seat degrada-
tion after high temperature exposure.
JPL SPACE PROGRAMS SUMMARY 37-50, VOL. I 113
Table 3 (contd)
Surveyor VII (contd)
Time: 289 h
Type: Gas leak developed and resealed on oxidizer side.
Telemetry: (1) Rapid loss of 100 psi oxidizer pressure at a level less
than the relief valve cracking pressure.
(2) Rel:ef valve had shown erratic behavior on January 14.
(3) Calculations indicated a loss of approximately 0.08 Ib of helium
and that leakage stopped several hours after beginning.
Cause: Oxidizer relief valve cycled at pressures lower than normal.
This resulted from seat coining, a decrease in spring constant at
high temperatures, and differential thermal expansion within the
parts of the valve.
Time: 30,5 h
Type: Oxidizer check valve opened slightly but remained stuck.
Telemetry: (1) Rapid gain of 70 psi on oxidizer pressure as orifice
increased.
(2) Helium flow through stuck check valve resulted in oxidizer pressure
remaining approximately constant, even though vapor pressures
within the tanks were dropping due to dropping temperatures.
(3) Helium flow and oxidizer pressure stabilized after downstream
pressure reached 6,50 psi.
(4) Helium pressure continued to drop but remained above 2000 psi.
Because fuel pressure was being maintained above 730 psi, indica-
tions were that oxidizer check valve was still stuck almost closed.
(5) Calculations based on temperatures and pressures indicated no
gas leakage.
Cause: Pressure drop of 150 psi across valve caused it to open slightly.
Degraded seat still prevented normal operation and caused valve
to stick.
Time: 316 h
Type: Oxidizer check valve opened further.
Telemetry: (1) Rapid gain of 110 psi on oxidizer pressure as orifice
area was again increased. Oxidizer pressure stabilized at 760 psi.
Cause: Pressure drop of 80 psi across valve caused it to open.
aTime on moan before malfunction occurred.
bType of leak or malfunction.
Time: 320 h
Type: Gas leak on oxidizer side.
Telemetry: (1) Loss of more than 600 psi in oxidizer pressure. Leak
continued through loss of data 24 h later.
Cause: Oxidizer relief valve finally failed. Failure was probably the
result of an eroded seat.
Time: _ 320 h
Type: Oxidizer check valve was again stuck almost closed.
Telemetry: (1) During and after the oxidizer relief valve failure fuel
pressure was still being regulated but oxidizer pressure dropped
more than 400 psi below regulated pressures.
Cause: After the check valve had opened as indicated above and after
the oxidizer pressure had risen to 760 psi, the pressure drop across
the valve was near zero. The pressure gradient then became nega-
tive and the valve closed. After closing the valve again stuck.
Time: _ 324 h
Type: Continuing gas side leak on fuel side.
Telemetry: (1) Analysis of fuel side pressure and temperature data
indicated the continued loss of pressurant from the fuel side.
Cause: Most probable cause was that gas leakage developed through
engine 2 fuel poppet after liquid leak depleted fuel not yet frozen
in tank. Other sources would have been the fuel relief valve, the
solenoid valve seat and the gas side O-rings on fuel tanks.
Time: _ 33.5 h
Type: Loss of liquid oxidizer from oxidizer tank 3.
Telemetry: (1) The general behavior of the oxidizer tank 3 post-sunset
cool-down indicated the tank liquid content to be approximately
normal at sunset and that later the tank was nearly empty.
(2) An increase in the temperature decay rate indicated a large reduc-
tion of tank thermal capacity.
(3) Tank temperature profile during propellant freezing indicated little
oxidizer remaining.
(4) Analysis of above indicated that approximately 3 Ib had leaked
from the tank.
Cause: Leak at liquid side O-ring on oxidizer tank 3 after O-ring had
been degraded by high temperature oxidizer.
e Telemetry indications.
d Prabable cause.
Surveyor I lost oxidizer pressure after 104 h on the
moon, when a gas leak developed at the oxidizer relief
valve (see Subsection 3, following).
Surveyor III lost oxidizer pressure after 165 h on the
moon. Its cause has not been determined.
Surveyor V lost oxidizer pressure after 178 h on the
moon, when a liquid leak developed at the O-ring seal
on oxidizer tank 1 (SPS 37-49, Vol. I, p. 57). After 273 h,
Surveyor V lost fuel pressure. There were no character-
istic temperature drops or other indications that a liquid
leak had occurred during or preceding this pressure loss.
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Also, tank temperatures during the second lunar day
indicated that fuel remained and that during the night it
had frozen in each of the three tanks. If the leak were a
gas leak, it could have occurred at the solenoid valve, at
the gas-side O-rings on each of the three fuel tanks, or at
the fuel-side relief valve. Of these, the most probable
point o£ failure is the relief valve whose kynar seat would
have been coined when the valve cracked and reseated at
temperatures occurring on the moon.
4
Surveyor VI lost oxidizer pressure after 228 h on the
moon when, as on Surveyor V, liquid began leaking from
_he O-ring seal on oxidizer tank 1.
After Surveyor VII landed on the moon, the sun heated
the propellant tanks, and the oxidizer and fuel pressures
rose. The fuel relief valve vented four times (Fig. 11).
The oxidizer relief valve vented twelve times (Fig. 12).
During the first eight vent cycles, the oxidizer relief
valve was shaded by compartment C, and during a por-
tion of the tenth and twelfth vent cycles, by the planar
array. During the first ten vent cycles the oxidizer relief
valve operated normally, cracking at approximately
850 psi and reseating at approximately 880 psi. Exposure
to the sun heated the valve to an estimated 800°F during
the ninth and eleventh vent cycles. On the eleventh vent
cycle the oxidizer relief valve began to act erratically. It
cracked at 845 psi but did not reseat until the pressure
had dropped to almost 790 psi. The pressure then con-
tinued to rise for 57 h until it reached 870 psi. On Jan-
uary 16 at 09:00 GMT the valve vented for the twelfth
time. The pressure dropped rapidly, but only to 845 psi.
The oxidizer pressure then increased slightly to 854 psi.
At 20:00 GMT on January 16 the relief valve began
to leak gas. The pressure fell at approximately 1.6 psi/h.
Real-time analysis o£ tank temperatures and pressures
indicated that gas was leaking from the system. At
22:00 GMT on January 17, the pressure had dropped to
809 psi with no decrease in rate. The solar panel was
then repositioned to shade the TV camera, compart-
ment C and the relief valves. The valve cooled and the
leaking stopped. The relief valve was reexposed to the sun
on January 19 at 00:00 GMT, and some leaking again
occurred. The valve remained exposed to the sun until
sunset, but the leaking essentially stopped January 19 at
12:00 GMT, 8 days and 16 h before sunset.
As illustrated in Fig. 18, the relief valve consists of a
movable kynar seat and seat assembly, a seat stop mounted
to the body of the valve and a movable valve stem
assembly. The seat assembly includes a small spring
which forces the seat to ride against the valve stem, and
a pin mounted to the seat which limits seat displacement
to that which brings the pin flush against the seat stop.
The valve stem assembly includes a bellows spring, a
bellows body, a bellows, and a valve stem. The bellows
is attached at one end to the valve body and at the other
to the valve stem and is preloaded in compression. Gas
from the oxidizer system pressurizes the space between
PORT PLUG (ALUMINUM)----,, SEAT
\ STOP _ BODY (ALUMINUM) --7 _ BELLOWS SPRING (STAINLESS STEEL) _ ADJUSTMENT
__ //////////////////////////////////////////
,NLET--
_-'_1 -- I_ GAS VENTS WHEN -- ] I ( : _1//I /'_IIT/_'T
I
(STAINLESS STEEL) --J_ __ W BAFFLE
\\_\_'_" \ \ \ \ \ rP" \ X_" \ X__-_'_"_-X-_"_ (-/_LUMINUM)\L-. LLOW 
(KYNAR) \ (REGULAR NICKEL) BEARING (STAINLESS STEEL)
BELLOWS VALVE STEM (STAINLESS STEEL)-- L--BELLOWS BODY (ALUMINUM)
Fig. 13. Oxidizer relief valve
JPL SPACE PROGRAMS SUMMARY 37-50, VOL. I 117
the bellows and the valve stem and forces the valve stem
against the ring spacer and bellows body. The bellows
body tends to displace but is constrained by an opposing
force supplied by the bellows spring. The bellows body
and valve stem do displace when the gas pressure forces
become larger than the opposing spring force. As the
stem is displaced the seat is forced to ride against the
face of the stem. The seal is maintained, and the valve
remains closed until the pin mount becomes flush against
the seat stop. As the stem continues to displace, the seal
is broken, and the high pressure gases are allowed to vent.
The decrease in the oxidizer relief valve's reseat pres-
sure occurred during the eleventh venting cycle after the
valve had been exposed to the sun and allowed to over-
heat. Such overheating probably reduced the forces tend-
ing to reseat the valve. Differential thermal expansion
between the aluminum bellows body and the stainless
steel valve stem tends to move the stem away from the
kynar valve seat. The differential expansion between
the aluminum valve body and the bellows spring and a
decrease in the spring constant of the bellows spring,
when at high temperatures, tends to decrease the forces
which act to close the valve. Both of these effects cause
the crack and reseat pressures of the valve to decrease
with increasing temperatures. However, thermal expan-
sion of the kynar seat, differential thermal expansion
between the aluminum bellows body and the nickel
bellows and a decrease in the spring constant of the
bellows, when at high temperatures, all tend to increase
the forces which act to close the valve. These tend to
increase the pressures at which the valve cracks and
reseats. The net result of these high temperature effects
is to decrease the valve's crack and reseat pressures.
These decreased pressures probably explains the valve's
low reseat pressure (790 psia) during the eleventh venting
cycle.
When the valve did reseat the kynar seat was coined;
and because the estimated temperature was within 40 °
of Kynar's melting temperature, the seat may have ad-
hered to the valve stem. This could explain why the valve
did not vent again until the pressure reached 870 psi,
20 psi higher than would normally be expected. At this
time there was some shading on the relief valve. Because
of this the spring forces were increased over those during
the llth cycle, and thus the valve reseated at a higher
pressure (845 psi).
Following the twelfth cycle the valve was reexposed
to the sun and was reheated to an estimated 800°F. Due
to high temperatures and repeated cycling the seat had
undoubtedly been deeply coined. Such coining would
have reduced the distance between the pin mount and
the valve stem, with the valve in the seated position. This
decreases the travel between the pin mount and seat stop.
Because the valve was at a high temperature the differen-
tial thermal expansion between the various parts resulted
in the valve stem moving away from the seat. The seat
will remain flush against the stem until the pin mount
reaches the seat stop. Because of the coining, the stem
displacement could exceed any travel between the pin"
mount and the seat stop. This would cause a leak to
develop across the relief valve seat, explaining the slow
leak which developed after the twelfth vent cycle. Whenm
the valve was subsequently shaded by the solar panel,
the differential expansion decreased, and the valve should
have reseated, explaining why the leak stopped after the
valve was reshaded on January 17 at 22:00 GMT.
Throughout the leak period and during each vent at
high temperature the relief valve's seat was probably
eroded by the high velocity gas. Such damage might ac-
cumulate until the valve suddenly and completely failed.
On January 22 at 02:00 GMT a second gas leak devel-
oped and then resealed in the oxidizer system. Further,
it appears that the oxidizer check valve was stuck in an
almost closed position. As illustrated in Fig. 14, the oxi-
dizer pressure dropped from 700 to 600 psi in ll/z h. A
pressure of 600 psi is far below the normal regulation
pressure of 780 + 25 -20 psi. If the 600 psi is representa-
tive of the pressure in all three oxidizer tanks, then this
anomaly must have resulted from a failure at either the
check valve or the helium regulator. Figure 14 illustrates
that fuel pressure is maintained at or above the regulated
pressure. Since the regulator is common to both the fuel
and oxidizer systems, it could not have been the cause
of the oxidizer pressure anomaly. Also, the only way that
the 600-psi pressure could not have been representative
of the pressure in all three tanks would be if the teflon
vent disk in oxidizer tank 8 had been forced against the
inlet port at the top of the tank and caused to extrude
into the port and create a seal. If a gas leak then devel-
oped in tank 8 and the vent disk was able to restrict the
flow of helium into the oxidizer tank the pressure sensor
mounted on oxidizer line 8 would register a pressure
drop. The pressure would not be representative of pres-
sures in tanks 1 and 2. However, this probably did not
occur. Analysis indicates that helium was able to freely
flow from oxidizer tank 8 through the inlet port back to
the relief valve during each of the twelve vent cycles
and during the slow leak at the relief valve following the
twelfth vent cycle. If the port were to have been sealed
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by the vent disk it would have probably occurred after
a pressure drop in the upstream system, such as during a
vent cycle or during the leak following the twelve vent
cycles.
Since the anomaly did not occur at the regulator nor at
the inlet port on oxidizer tank 8, the 180 psi pressure
differential must have developed across the cheek valve.
Analysis of pressures and temperatures indieates that a
small quantity of helium continued to flow from the
helium tank through the regulator and past the cheek
valve to the oxidizer tanks downstream. However, for
such a large pressure differential to develop across the
cheek valve, the valve must have been stuek in a nearly
closed position. This malfunction was probably due to
high temperatures and baek pressures which deformed
the seat and eaused the valve to bind, severely restricting
its travel.
As noted above, an oxidizer side gas leak developed
on January 22 at 02:00 GMT. The leak resealed within
several hours. It probably resulted from the relief valve
cracking and reseating at pressures far below normal.
Although this occurred late in the lunar day, the valve
was still exposed to the sun and still at very high tem-
peratures. As explained earlier, high temperatures re-
duced the valve's crack and reseat pressures.
Analysis indicates that approximately 0.08 lb of helium
was lost during this nonstandard vent cycle and that
following the cycle the oxidizer system remained leak
tight until January 28 at 09:44 GMT. However, during
that time the oxidizer tank temperatures and vapor pres-
sures were beginning to fall. Helium continued to pass
through the stuck check valve and had the effect of hold-
ing pressure in the oxidizer tanks approximately eonstant.
On January 22 at 17:00 GMT the cheek valve opened
a little further. The oxidizer pressure rose, and the pres-
sure differential across the cheek valve decreased. The
mass flow stabilized when the pressure reached 650 psi.
Again the helium continued to flow into the oxidizer
system. The increase in mass countered the effect of
falling temperatures, and the pressure remained approx-
imately constant. No helium was lost through leakage
during this period of time.
At 10:00 GMT on January 28 the oxidizer pressure
dropped from 766 to 452 psi in less than ll& h. None of
the temperature drops to be associated with a liquid leak
were noted prior to or during this pressure loss. The
likely cause of the leak is that because of seat erosion the
relief valve finally failed. Pressure differentials of over
800 psi developed across the stuck check valve. As illus-
trated in Fig. 14, the check valve remained stuck, and
oxidizer pressure continued to fall until loss of data. ,
In further assessing the status of the oxidizer system,
an analysis was made of oxidizer tank temperatures from,
sunset until loss of data. During this analysis it was noted
that oxidizer tank 8's rate of cool-down was initially
similar to that of a tank with approximately 5 lb of oxi-
dizer remaining. This was as expected, as analysis indi-
cates that there had been 6.48 lb in tank 8 on landing TM
and that nearly 1.5 lb had boiled off and been lost during
the day. However, on January 24 at 00:00 GMT the rate
of cool-down on oxidizer tank 8 increased significantly
and became similar to that of a tank with only 1 or 2 lb
of oxidizer remaining (Reference Subsection 3 following
and SPS 87-49, Vol. I, pp. 58--61). This is illustrated in
Fig. 15. It was concluded that a liquid leak had occurred.
A further indication that a leak had occurred was that
the tank 8 temperatures indicated that only a relatively
short time was required for the oxidizer remaining in
tank 8 to freeze. Calculations indicate that there was only
about 1 lb of liquid left in tank 8 when the liquid oxidizer
was freezing. This is consistent with the above results.
The liquid oxidizer leak occurred after the liquid in the
line and engine had completely frozen. The line temper-
ature was -46°F and the engine temperature -156°F.
The oxidizer in the tank was still liquid and only at 58°F.
MON-10 oxidizer freezes between -10 and -50°F. The
liquid leak could, then, only have occurred at the tank.
As on Surveyors V and VI the leak probably occurred at
the O-ring seal at the base of the tank. The Viton A
O-rings are severely degraded after long exposure to high
temperature MON-10. Both tanks 2 and 8 had seen very
high temperatures during the lunar day, and their seals
lasted longer than was expected.
Sunset occurred January 28 at 04:00 GMT. At approxi-
mately this same time the check valve opened further.
Oxidizer pressure rose to above 760 psi. The pressure
drop across the check valve approached zero, and the
check valve started to close (travel inhibited in one direc-
tion only) and again stuck in an almost closed position.
Some liquid and gas leakage also occurred in the fuel
system. On January 20 at 21:00 GMT, 55 h before sunset,
1'Surveyor VII Mission Report, Part 1, Missh)n Description and
Performance, Jet Propulsion Laboratory, Pasadena, Calif. (in
process ).
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a liquid fuel leak developed at engine 2. Engine 2's tem-
perature fell 88°F as liquid fuel leaked into vacuum,
vaporized and cooled the engine. Fuel line 2 rose in
temperature from 139 to 151°F as fuel at 158°F flowed
from the tank to the engine and warmed the line. These
temperature perturbations were not caused by shadows
passing over the line and engine. No other unusual
temperature drops were noted. Leg 2 temperatures are
illustrated in Fig. 16.
The leak was a slow leak and continued to within sev-
eral hours of sunset, the leak was probably caused by
a degraded fuel poppet. It has been demonstrated by
work performed at JPL (SPS 3%38, Vol. I, p. 67) that the
nylon fuel poppets on the shut-off valves are chemically
attacked and degraded by high temperature fuel.
The temperature drop of the engine, tank temperatures
and pressures during the leak illustrated in Figs. 14 and
16, and fuel tank cool-down data after sunset illustrated
in Fig. 17 indicate that only 1_/-, lb of fuel leaked from the
system and that it did so slowly. Since the spacecraft
landed with 4.03 lb in fuel tank 2 approximately 2_J2 lb
remained trapped within the folds of the bladder, inner
tube of the standpipe, and bottom of the tank. This is
more fuel than would normally remain in a tank after a
leak has developed. The leak probably subsided near sun-
set when falling temperatures in the line, engine and tank
caused the liquid fuel to become very viscous.
A gas leak developed in the fuel system soon after
sunset. The leak could have developed from the liquid
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Fig. 17. First lunar night fuel tank temperatures
leak or from other causes. These would include gas leak-
age through the fuel relief valve or through an engine
solenoid valve whose nylon poppet might have been
coined at high temperatures and unable to effectively
seal after cooling and contracting. This fuel side gas leak
continued until loss of data.
valve to cycle erratically, and caused damage to the
valve's kynar seat. A gas leak developed, and the system
lost oxidizer pressure. High temperatures also caused the
degradation of a Viton A O-ring seal at the base of
oxidizer tank 8. As a result, oxidizer tank 8 lost most of
its liquid propellant.
c. Conclusions. After landing on the moon the propul-
sion system on Surveyor VII retained liquid propellant
and normal pressures for several days longer than was
expected. However, the system was exposed to a severe
thermal environment. This finally resulted in the system
losing both pressure and propellant. High temperature
fuel degraded the nylon poppet on engine 2 and a slow
liquid fuel leak resulted. This was followed after sunset
by a gas leak, and the system lost fuel pressure. High
temperatures caused the teflon seat on the oxidizer check
valve to deform, preventing the valve from functioning
properly. High temperatures caused the oxidizer relief
These failures resulted because the propulsion system
was subjected to conditions on the moon much more
severe than the transit and landing phase conditions for
which it was designed.
2. Surveyor VII ETS High Temperature Closed Loop Tests
a. Introduction. Prior to the launch of Surveyor VII, a
series of vernier engine firings at the JPL Edwards Test
Station (ETS) were planned to investigate the effects of
high initial propellant and engine temperatures on vernier
engine performance. These tests were proposed to sup-
port possible postlanding vernier engine firings with the
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Surveyor VII vehicle. Such lunar firings, though not
planned, may have been required, for example, in the
event of an unfavorable spacecraft landing orientation.
The landed attitude of Surveyor VI1 was near the
anticipated orientation. The gathering of information
from the alpha scattering instrument was delayed be-
cause of problems in the deployment mechanism of the
device; and vernier propulsion system temperatures were
high because no effective shading of leg-2 and -3 engines
and propellant tanks was possible. For these reasons, a
vernier engine firing after the Surveyor VII landing was
not considered practical.
Consequently, only two firings at ETS were made. One
was an ambient temperature firing (DY-148); the other
was an elevated temperature firing (DY-149). Both tests
were conducted with thrust chamber assembly (TCA)
SN 535 under the conditions shown in Table 4.
Each of these tests was run in a closed loop fashion
with thrust commands supplied to the engine by an ana-
log computer at Hughes Aircraft Company in E1 Segundo,
and engine thrust response was transmitted to the com-
puter in return. The analog computer was linked to ETS
via telephone lines.
The analog computer simulated the response of two
other spacecraft engines. The dynamics of the spacecraft,
which was acted upon by the thrusts of the two simulated
engines and the third engine at ETS, and the behavior
of the spacecraft flight control electronics were simulated
by the analog computer. The initial conditions preset into
the analog computer were a 6-deg pitch gyro error, a
programmed total thrust profile of 150 lbf for 2 s followed
by a total thrust equal to 90% of the lunar weight of the
spacecraft. This latter thrust level was held until the
spacecraft returned to the (simulated) lunar surface; at
this time the engine was downthrottled to -80 ± ma and
held there until engine cutoff, which was programmed to
Table 4. Comparison of initial conditions for closed
loop hopper tests
Component
Engine
Oxygen line
Fuel line
Oxygen tank
Fuel tank
Temperature, °F
Test DY-148
61
55
55
60
59
Test DY-149
228
176
185
187
193
occur at 70 s after ignition. The engine used in the test
was coupled into the simulation system as the leg-8 en-
gine on the spacecraft.
b. Ambient test. The first test, DY-148, was used to
confirm the ambient temperature operation of the engine.
Shown in Fig. 18 are the thrust commands and thrust
output of TCA SN 585 during this test. As shown, the
engine behavior was completely nominal throughout the
firing with a -80 A ma thrust level of 25.5 lbf. Simulated.
touchdown of the spacecraft occurred 22.4 s after engine
ignition, at which time the thrust command fell to -80 a
ma and remained there until shutoff occurred at 70.2 s
after ignition.
As can be seen in Fig. 18, the engine downthrottle
response rate was on the order of 125 to 156 lbf/s during
the initial portions of the firing.
c. High temperature test. For this test firing the engine
(SN 535) was conditioned to an initial temperature of
220°F and the propellants to 190°F (Table 4). The inter-
face with the analog computer and the simulated space-
craft initial conditions were identical to those described
for test DY-148 above.
Figure 19 shows the engine thrust output and throttle
valve command current as functions of time. Presented
in Fig. 20 are the time histories of the engine barrel
temperature, the fuel jacket outlet temperature, the fuel
temperature at the throttle valve, and the temperature
of the oxidizer side of the engine throttle valve. At 40 s
after ignition, the fuel jacket outlet temperature exceeded
the range established for it in the data reduction com-
puter before the test. Subsequent points, as plotted, were
determined from the thermocouple output voltage, as
recorded on Speedomax chart recorders. Thus, after igni-
tion plus 40 s, the fuel jacket outlet temperature history
becomes less well defined than the other temperatures
on these charts.
Comparing the initial 5 s after ignition of DY-149 with
those of DY-148 (Figs. 18 and 19), it can be seen that
the dynamic response of the hot engine and propellant
system had been seriously degraded from that of the
room temperature system. The maximum downthrottle
rate was 65 lbf/s and the minimum was 4 lbf/s (compare
with 156 to 125 lbf/s observed in test firing DY-148). The
throttling range required to maintain stability of the
simulated spacecraft was greater in DY-149 than in
DY-148. Also, in this time period the thrust of the engine
at minimum thrust command (-76 ± ma) in DY-149 was
0 to 5 lbf greater than the minimum thrust measured
during DY-148.
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During DY-149 in the time period from approximately 
5 s to approximately 24 s after ignition, the engine thrust 
was steady at approximately 30 lbf, and the average 
engine command current was approximately -68 A ma. 
At approximately 23.5 s simulated touchdown occurred, 
and the engine was downthrottled to - 76 h ma. The high 
torque motor temperature prevented the throttle valve 
amplifier from producing -80 A ma. This downthrottle 
vas  as programmed; the same event in DY-148 occurred 
22.4 s after ignition. The engine thrust decayed to 27 lbf 
(compare with 25.5 lbf during DY-148). 
If, at  this time, engine shut-down had been commanded 
the solenoid valve would have closed and terminated the 
test; the valve temperature at  this time was 232°F. 
After this downthrottle, the engine thrust-while the 
command current level remained constant at -76 A ma- 
increased from 27 to 35 Ibf. During this same time period, 
23.5 to 50 s after ignition, the fuel jacket rose to 400'F- 
where the temperature sensor passed its computer limit 
-at an ever increasing rate (Fig. 20). As the temperature 
of the fuel in the engine cooling jacket increased, the rate 
of exothermic fuel decomposition also increased. These 
two effects complemented one another, causing the rate 
of temperature increase to accelerate. Also, during this 
time period, the temperature of the oxidizer side of the 
throttle valve was increasing (Fig. 20). 
The increasing fuel jacket outlet temperature and the 
increasing temperature of the oxidizer in the throttle valve 
caused an increased oxidizer flow rate due to differential 
thermal expansion in the throttle valve and increased 
oxidizer vapor pressure. The differential thermal expan- 
sion in the throttle valve permitted the first stage to pass 
a higher oxidizer flow rate at a given pressure difference 
across it; the increased oxidizer vapor pressure caused the 
throttle valve to operate at a higher back pressure and 
consequently to pass a flow rate greater than that com- 
manded. These effects can be seen in Fig. 21, in which 
are plotted the average oxidizer, fuel, and total flow rates, 
and the mixture ratio (averaged over I-s intervals). 
In the time period subsequent to these events (from 
50 s after ignition until engine shut-off), the fuel in the 
engine cooling jacket both decomposed and boiled. This 
resulted in slug flow in the cooling jacket, reduced cool- 
ing ability, and produced extremely high temperatures 
(58OOF on the engine barrel). This slug flow resulted in 
reduced fuel flow rate and lowered engine thrust. 
The high temperatures prevented engine shut-off at 
the programmed time (69.8 s after ignition). At this time 
the solenoid valve was at a temperature in excess of 
250°F; thermal expansion caused it to lock-up in the open 
position, preventing engine shut-down. The engine firing 
was manually terminated at 81 s, using emergency valves 
in the propellant supply lines. 
Subsequent to DY-149, the engine was flow tested and 
found to leak at every seal. Figures 22 and 23 photo- 
graphs of engine seals taken after high temperature test 
(DY-149). Figure 22 shows the residue of the oxidizer seal 
Fig. 22. Deterioration of the seal at  the oxidizer outlet 
from the vernier engine shut-off valve 
Fig. 23. Deterioration of the seal between the fuel and 
oxidizer halves of vernier engine shut-off valve 
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at the shut-off valve oxidizer outlet, which is all that
remains of the seal. Figure 23 shows the remaining resi-
due of the seal at the joint where the fuel and oxidizer
halves of the shut-off valve come together.
d. Conclusions. Based on the results of these tests, it
was seen that extended high temperature firings of a
Surveyor vernier engine caused marked changes in the
engine behavior and dynamic response. These changes
were the result, in the main, of fuel boiling and decompo-
sition in the engine cooling jacket and of the high oxidizer
vapor pressure at elevated temperatures. The 81 s firing
with extended periods at low thrust resulted in the failure
of the engine to shut-down or to remain leak tight.
These considerations, however, would not have resulted
in a decrease in the margin of safety for the spacecraft
relative to the 1O0-ft translation maneuver considered.
Simulated spacecraft shutdown would have occurred
approximately 1.1 s later than if the engine and pro-
pellants were at room temperature, and no significant
decrease of spacecraft stability would have been noted.
Still unknown, however, is the accuracy with which
the results of high temperature testing with a given en-
gine can be used to predict the performance of another
engine operating at elevated temperatures. To assess the
accuracy of these predictions additional testing is required.
3. Loss of Oxidizer Pressure on Surveyor V! after
Landing on the Moon
a. Introduction. Surveyor VI successfully landed on
the moon at 01:01 GMT November 10, 1967. Its vernier
propulsion system withstood the hot lunar environment
for 9 days and 12 h before developing first a liquid leak
and then a gas leak at the base of oxidizer tank 1. As on
Surveyor V, a Viton A O-ring seal had been degraded by
high temperature MON-10 oxidizer (SPS 37-49, Vol. I,
pp. 53-60). Unlike the failure on Surveyor V, it was at
first difficult to assess from temperature and pressure data
whether or not a liquid leak had actually occurred. The
temperature drops on Surveyor VI were neither as many
nor as large as those on Surveyor V. Also, the pressure
decay on Surveyor VI was much slower than that on
Surveyor V. For these reasons, it first appeared as though
there had been no loss of liquid oxidizer. A detailed
analysis of temperatures and pressures during the time of
the leak and the rate at which the three oxidizer tanks
cooled down after sunset confirmed that a slow liquid
leak had indeed occurred.
b. Discussion. Seven days and 9 h after Surveyor VI
landed on the moon the vernier engines were fired in a
successful translation maneuver in which the spacecraft
moved approximately 8 ft over the lunar surface. The
vernier propulsion system withstood the hot lunar en-
vironment throughout the translation and for another
51 h, until November 19, 1967 at 13:00 GMT, when a
liquid leak developed at the base of oxidizer tank 1.
Because the liquid leak was a small one, it was not at
once obvious that a leak had occurred. Only after most
of the liquid had leaked from the tank and after a gas
leak had developed did suspicion arise over the slight
temperature perturbations and the small pressure loss
which had commenced ,'31 h earlier (Fig. 24). Plans had
been made to attempt a second and longer spacecraft
translation late in the lunar day. If such a planned engine
firing and lunar translation had been attempted, the loss
of liquid oxidizer from oxidizer tank 1 could have re-
sulted in a spacecraft failure.
Surveyor VI began to rapidly lose oxidizer pressure on
November 20, 1967 at 20:00 GMT. Because of the magni-
tude of the pressure drop and the absence of any sig-
nificant cooling on the propellant tanks, lines, and engines
the leak was determined to have been a gas leak. The
oxidizer pressure dropped from 806 psia to the regulated
pressure of 738 psia in less than 3 h. The regulator opened
and helium pressure began to fall until, after approxi-
mately 17 h, it reached the regulated pressure. Helium
pressure and oxidizer pressure then fell together down to
the vapor pressure of the liquid oxidizer, as illustrated
in Fig. 25.
The three most likely causes for a loss in oxidizer pres-
sure were a gas leak at the relief valve or a gas or liquid
each oxidizer tank. The liquid-side O-ring was positioned
leak at either of two O-ring seals mounted at the base of
between the base of the standpipe and the bladder. The
gas-side O-ring was positioned between the bladder and
wall of the tank. The oxidizer relief valve was located be-
tween the helium regulator and the three oxidizer tanks.
All Surveyor spacecraft thus far flown have lost oxi-
dizer pressure during the first lunar day. Table 5 lists the
causes of pressure loss and the hours on the moon before
the pressure loss occurred. Surveyor I lost pressure after
104 h exposure on the moon, when a gas leak developed
at the oxidizer relief valve. The temperatures on all three
oxidizer tanks started dropping as gas in each tank ex-
panded and as liquid oxidizer began to boil and permeate
the bladder to replace the vapor lost in the leak. As
illustrated in Fig. 26, the temperature of each tank
dropped smoothly and consistently. This was charac-
teristic of a leak at the relief valve.
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Table 5. Loss of oxidizer pressure on the moon
Surveyor
I
III
V/Vl
Time on
moon before
oxidizer leak
occurred, h
104
165
178/228
Type of leak
Gas
Undetermined
Liquid leak
initially. Gas
leak later
developed.
Cause of leak
Relief valve failed
Undetermined
O-ring in oxidizer
Tank 1 degraded
by MON-IO
oxidizer.
The cause for the leak on Surveyor III is not yet known.
The initial loss in pressure on Surveyor V resulted from
a liquid leak through the liquid side O-ring on oxidizer
tank 1. After the liquid was depleted, gas began to per-
meate the bladder and leak through the faulty seal
(SPS ,37-49, Vol. I, pp. 53-60). The liquid leak occurred
178 h after landing on the moon. The temperatures of
the leg-1 oxidizer tank, oxidizer line and retroengine
attach bolt dropped 100, 30 and 20°F, respectively. The
leak resulted from the Viton A O-ring's degradation after
long term, high temperature exposure to MON-10 oxi-
dizer. Most of the cooling was from the vaporization of
liquid oxidizer as it leaked from the tank and onto adja-
cent parts.
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Fig. 25. Surveyor Vl helium, fuel and oxidizer pressure after landing on the moon
In the process of determining the cause for the gas leak
on Surveyor VI, temperatures during and preceding the
time of the leak were studied. In studying the effect of
shading on spacecraft temperatures, a one-fifth scale
model of Surveyor and a collimated light source were
utilized. A full scale model was also referred to for
detailed study. Through long hours of prior use and
application, great confidence had developed in both tech-
niques. Temperature perturbations caused by shading on
the spacecraft had been consistent with shading observed
on the models.
From use of the models and collimated light source
it was determined that certain temperature fluctuations
on Surveyor VI oxidizer tank 1 and line 1, preceding the
time of the large oxidizer pressure loss, were unlike any
other temperature perturbations noted on the spacecraft.
They were not caused by shadows moving across the tank
and line. In contrast to this, Figs. 27 through 81 illustrate
that a temperature drop of 20 deg on engine 1 on Novem-
ber 20, 1967 at 28:00 GMT was caused by the shadow
from omniantenna A passing over the engine. Also, Figs.
82 and 88 illustrate that temperature fluctuations on
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Fig. 27. Surveyor VI engine temperature drop caused by shadow from omniantenna A
oxidizer tank 2 (located at the base of leg 2 on the side
opposite the vernier engine) from November 13, 16:00
GMT to November 14, 1967 07:00 GMT resulted from
the camera's shadow passing over the tank, and from the
solar panel's shading after it had been repositioned to
shade the relief valve on November 14 at 04:00 GMT.
The solar angle was increased from 188 to 244 deg and
the roll angle was increased from 31 to 249 deg. Changes
in shading account for the above temperature changes.
However, Fig. 34, showing a one-fifth scale model of
Surveyor VI, illustrates that there were no shadows
passing over oxidizer tank 1 (located at the base of leg 1
on the side opposite the vernier engine) from November 19,
13:00 GMT through November 20, at 17:00 GMT, when
the suspicious temperature fluctuations were noted (Fig.
24). Because these fluctuations cannot be explained by
changes in shading they must be indicative of a leak.
Therefore, the leak in the oxidizer system did not begin
on November 20 at 20:00 GMT, when the large pressure
drop occurred. The leak began 31 h earlier, on Novem-
ber 19, 1967 at 13:00 GMT.
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Fig. 28. Engine 1 i s  shaded by omniantenna A on 
Nov. 20, 1967 at  15:OO:OO GMT 
-1 
Fig. 29. Shadow from omniantenna A on Nov. 20, 1967 
at 15:OO:OO GMT i s  outlined on cardboard plaque 
As mentioned earlier, the three most likely sources of 
an oxidizer leak are the relief valve and the two O-ring 
seals at the base of each oxidizer tank. The pressure and 
temperature changes during the leak on Strrueyor VI 
were not similar to the pressure and temperature changes 
during the relief valve failure on Surceyor I. On 
StLrceyor VI, oxidizer tank 1 was the only one to drop in 
temperature and then very erratically-a characteristic 
to be expccted more from a liquid leak than from a gas 
leak-indicating that the leak probably occurred at the 
liquid side O-ring on oxidizcxr tank 1. 
I 
1 
Fig. 30. Shade from omniantenna A passes over 
engine 1, Nov. 21, 1967, 0O:OO:OO GMT 
Fig. 31. Engine 1 i s  no longer shaded by omniantenna 
A, Nov. 21, 1967, 12:OO:OO GMT 
From 13:OO through 16:OO GMT on November 19, 
1967, the temperature of oxidizer tank 1 decreased 11°F 
and the oxidizer pressure decreased 1 psia (Fig. 24). If 
the leak mere a gas leak, oxidizer would vaporize and 
permeate the bladder to replace the vapor being lost to 
vacuum. Helium and vapor inside the tank would ex- 
pand, and some cooling would result. However, to cause 
an 11°F drop in temperature, the gas leakage would be 
significant and result in a pressure loss of more than 
55 psia. Alternatively, if the leak were a liquid leak, in 
\vhich evaporating droplets might collect on and cool the 
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base of the tank, the pressure loss would be on the order
of 7 psia. Since the resolution of the pressure sensor is
3 psi, the predicted pressure drop of 7 psi is in approxi-
mate agreement with the 1 psi noted. The leak must
have been a slow liquid leak and its source the liquid
side O-ring on oxidizer tank 1.
As on Surveyor V, the leak on Surveyor VI undoubtedly
resulted from the degradation of the Viton A O-ring
seal. The seal is chemically attacked by MON-10 oxidizer
when exposed for long periods at high temperature (SPS
37-49, Vol. I, pp. 53-60). The O-ring's deterioration in
MON-10 is very much a function of both temperature
and time of exposure. Oxidizer tank 1 on Surveyor VI
followed the same general temperature-time profile as
did oxidizer tank 1 on Surveyor V. In both cases, tem-
perature increased with time towards a maximum in the
afternoon. Failure occurred on Surveyor V after 7 days
and 10 h of increasing temperature. Failure occurred on
Surveyor VI after 9 days and 12 h of increasing tempera-
ture. On Surveyor V oxidizer tank 1 reached a temperature
of 198°F before the O-ring failed. Oxidizer tank 1 on
Surveyor VI remained 13°F cooler and therefore lasted
longer. It had reached 180°F when the leak occurred.
Tanks 2 and 3 on both spacecraft did not reach such high
temperatures so late in the lunar day.
Unlike the liquid leak on Surveyor V there was no
cooling of the retroengine attach bolt and there was much
less cooling of the oxidizer tank and line. The leak was
small and slow and did not greatly cool the tank, nor did
any liquid oxidizer contact and cool the adjacent retro-
engine attach bolt..The line was cooled when heat was
conducted through the line to the tank.
Judging from the temperature and pressure data plotted
in Fig. 24, the liquid leak (1) began on November 19 at
approximately 13:00 GMT, (2) was erratic in nature,
(8) increased with time, and (4) developed into a gas leak
on November 20, 1967 at approximately 20:00 GMT.
Temperatures and pressures during the time of the liquid
leak indicate that approximately 51/2 lb of liquid oxidizer
leaked from the tank. Approximately 7 lb of oxidizer had
been in the tank before the leak. Therefore only ll/_, lb
remained after the leak. Most of this was trapped in the
line, standpipe and folds of the bladder. Analysis, based
on the pressure drop rate and temperature data, indicates
that the area through which the liquid oxidizer was
leaking increased in size but occasionally resealed. The
area was small at first, but grew from approximately
0.2 X 10-'; in. _ to 1.0 × 10 -'_ in. -_during the leak. During
the subsequent gas leak the area had grown to approxi-
mately 2.0 )< 10 -'_ in.'-'
To check the accuracy of the above calculations and,
further, to determine the quantity of liquid left in oxidizer
tank 1, tank temperatures after sunset were studied. After
sunset the lunar environment drops rapidly from 250
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Fig. 34. l e g  1 propellant tanks: (a) Nov. 19, 1967, 
07:45:00 GMT; (b) NOV. 20, 1967, 02:30:00 GMT; 
(c) Nov. 20, 1967, 14:OO:OO GMT; (d) NOV. 20, 
1967, 18:30:00 GMT; (e) Nov. 20, 
1967, 19:15:00 GMT 
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to -250°F. Because tank temperatures do not drop as
rapidly, the tanks are no longer in equilibrium with their
surroundings. A tank containing 7 lb of liquid oxidizer
has almost 80% more thermal capacitance than one that
is empty. The greater the capacitance of the tank, the
slower will be its rate of cool-down. Also, a tank with
liquid oxidizer residual will pass through a temperature
plateau between 0 and --50°F, as the liquid freezes and
releases heat. Oxidizer tank temperatures on Surveyors I,
V, and VI are plotted versus time after sunset in Fig. 85.
All nine tanks had approximately 7 lb of oxidizer remain-
ing in each tank after touchdown. However, oxidizer
tank 1 on Surveyor V lost most of its liquid during a
liquid leak (SPS 37-49, Vol. I, pp. 58--60).
Oxidizer tank 1 on Surveyor VI cooled down very much
like the nearly empty tank on Surveyor V, and in a sig-
nificantly different manner from that of the remaining
seven tanks. The rates at which the two tanks cooled
down to 0°F are approximately equal and greater than
the rates for the remaining seven tanks. From 0 to"
-50 ° the MON-10 residual is being frozen. Apparently
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(Fig. 35) it took less time for the small residual in the
two nearly empty tanks on Surveyors V and VI to freeze
than for the 7-1b residuals in the remaining seven tanks.
It is further noted that there was more liquid remaining
in oxidizer tank 1 on Surveyor V during the first lunar
night than during the second. Some had evidently boiled
off during the second lunar day. The amount of oxidizer
remaining in oxidizer tank 1 on Surveyor VI was inde-
,pendently calculated from cool-down and from plateau
data. Both techniques resulted in a residual which agreed
to within 1 lb with the 1½ lb calculated from tempera-
ture and pressure data during the liquid leak.
c. Conclusions. The vernier propulsion system on
Surveyor VI withstood 228 h of high temperatures on the
moon before developing a leak and losing oxidizer pres-
sure. As on Surveyor V, the leak resulted from the degra-
dation of a Viton A O-ring seal on the leg-1 oxidizer
tank. The O-ring was degraded from long, high tempera-
ture exposure to MON-10. Unlike the leak on Surveyor V
where temperature drops as high as 100°F were noted,
the liquid leak on Surveyor VI was a small, slow leak and
did not result in any large temperature changes. The
oxidizer tank temperature on Surveyor VI dropped only
ll°F. It was concluded from this failure and subsequent
analysis that even a small temperature drop, if not ex-
plained by shading, can indicate that a liquid oxidizer
leak has occurred. Careful analysis must be given any
perturbation in the oxidizer tank temperatures and pres-
sure when assessing the status of the vernier propulsion
system.
H. Thermal Engineering
Surveyor VII was launched at 06:30 GMT January 7,
1968 and touched down on the moon at 01:05 GMT
January 10, 1968. Spacecraft thermal performance during
the transit phase was excellent. All temperatures were
essentially nominal. Mission G steady-state transit tem-
peratures and predictions for all thermal sensors are given
in Table 6. Also shown in this table are the actual steady-
state temperatures for missions A through F, as well as
the operational and survival limits.
h Spaceflight Operations
1. Introduction
The primary activity covered by this article is in the
spacecraft performance analysis and command (SPAC)
function. Effort during the report period consisted mainly
of the following:
(1) Support of the mission G operations at the space
flight operations facility (SFOF) at JPL.
(2) Preparation of spaceflight operations reports, in-
cluding mission G and the final engineering report.
(3) Premission G planning activities and preparation of
supporting documentation.
(4) Participation in SFOF tests for mission G.
2. Surveyor VII Mission
Surveyor VII was successfully launched from pad 36A
at Cape Kennedy, Florida, at 06:30:00 GMT January 6,
1968, after a rescheduling from 05:55 to 06:30 GMT to
obtain more optimum tracking from the ship Twin Falls.
The Atlas Centaur launch vehicle accurately launched
and injected the spacecraft into its lunar orbit with a
launch azimuth of 102.914 deg.
The entire transit phase of the mission was nominal
with all subsystems working as expected, and there were
no spacecraft anomalies. At 01:05:36 GMT on Jan 10
a successful soft landing was nominally made at 41.059°S
latitude and 11.451°W longitude on the Tycho ejecta
blanket, approximately 6.0 km from the original target
point, as based on the final posttouchdown orbit deter-
mination data. However, a study of Lunar Orbiter photo-
graphs of that area reveals the probable soft landing site
to be 40.89°S latitude and 11.44°W longitude, indicating
a miss of 1.69 km. The spacecraft landed after a nominal
terminal descent with a velocity of approximately 11 fps.
Scheduled lunar operations, including television surveys,
antenna/solar panel positioning, alpha scattering soil
analysis, and soil mechanics/surface sampler operation,
were conducted.
Spacecraft performance during initial lunar operations
was generally nominal. The only problem encountered
was a failure of the alpha scattering sensor head to deploy
to the surface upon command. This problem was solved
by using the soil mechanics/surface sampler to exert force
on the head, thereby deploying it.
The Surveyor VII mission is regarded as very successful
in terms of (1) overall spacecraft performance; (2) accu-
racy achieved by the midcourse correction, making a
second correction unnecessary; and (3) successful opera-
tion of all scientific payload instruments.
The major transit mission events are given in Table 7.
Pertinent lunar milestones are given in Table 8.
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Table 7. Major transit mission milestones
Event Jan GMT
Launch 7 06:30:00
Injection 07:04-.15
Separation 07:05:16
Solar panel deployment completed 07:14:43
First two-way Deep Space Network 07:27:55
acquisition completed
Sun acquisition completed 07:14:36
First command sent 07:31:46
Canopus verification started 14:24:05
Canopus acquisition completed 14:47:31
First premidcourse attitude maneuver 23:! 8:29
started
Second premidcourse attitude 23:21:14
maneuver started
Midcourse engine ignition 23:30:10
Sun reacqulred _ 23:37:43
First terminal maneuver started 10 00:27:1 6
Second terminal maneuver started 00:35:52
Retroengine thrust direction properly 00:39:04
oriented
Third terminal maneuver started 00:41:09
Atlantic Missile Range enabled 01:00:36
Atlantic Missile Range mark generated 01:02:11
Vernier engine ignition 01:02:14
Retroengine ignition 01:02:15
Retroengine 3.5-g point 01:02:.59
Retroengine eject 01:03:11
Retroenglne separation (retroengine 01:03:12
mated off)
Radar control descent started 01:03:13
Segment acquisition 01:04:03
Engine cutoff 01:05:36
Touchdown jr 01:05:37
Table 8. Major mission milestones
(to 09:00 GMT January 12)
Event Jan GMT
Thrust phase power off 10
Flight control power off
First 200-line television picture
Initial sun and earth acquisition complete
First 600-line television picture
Alpha scattering turned on (stowed
position)
Antenna/solar panel fine positioning !
completed (spacecraft tilt estimated
3.09 deg)
Alpha scattering instrument deployed
to background position
Failure of alpha scattering instrument
'Ito deploy to surface upon command
Alpha scattering instrument successfully 12
deployed to surface using soil
mechanlcs/surface sampler
01:06:12
01:06:38
_01:47
--_03:21
_03:41
09:27
12:38
15:48
_21:01
09:00
a. Separation and acquisition. Separation and acquisi-
tion were nominal. Downrange spacecraft data were
intermittent during part of the Centaur coast phase, sec-
ond burn, and spacecraft separation; therefore, the time
of some of these events may not be completely accurate.
b. Star acquisition and verification. The sun and roll
maneuver command was executed at 14:24:05 GMT.
Canopus was identified, as expected, after a roll angle
of 267 deg and acquired at 627 deg after completion of
the second roll, performed for the purpose of precisely
identifying all possible stars.
c. Midcourse correction. A midcourse correction, com-
puted for touchdown at the desired aim point of 40.87°S
latitude and 11.37°W longitude was performed on Jan. 7
with engine ignition at 23:30:10 GMT. Burn time was
11.3 s, giving a total velocity increment at 11.08 m/s
with 11.05 m/s in the critical plane. The technique of
starting the maneuver as the limit cycle passed through
null, utilized for missions D, E, and F, was again em-
ployed to reduce the optical mode limit cycle errors.
The entire premidcourse, midcourse, and postmidcourse
operations were nominal with the spacecraft performing
excellently throughout all maneuvers and vernier burn.
The second postmidcourse maneuver was not required
because Canopus was within the sensor field of view at
the end of the first maneuver.
d. Terminal descent. Terminal descent was nominal.
Touchdown was at approximately 11 fps, with the order
of leg contact being 1, 3, and 2 on a slope of approxi-
mately 8 deg, as estimated from gyro error signal shifts
at touchdown and relative timing of the leg impacts.
e. Initial lunar operations. Postlanding operations prior
to the first 200-line television pictures were normal. Atti-
tude determination, using combined A/SPP fine position-
ing data and gyro error signal shifts at touchdown, was
completed at 12:38 GMT on Jan. 10. The magnitude,
duration, and components of this tilt, and the landed roll
orientation of the spacecraft are shown in Fig. 36.
As of 07:00 PST on January 15, over 9000 television
frames had been obtained. These included narrow- and
wide-angle surveys of the lunar surface and pictures of
earth and Jupiter.
The only problem encountered during initial lunar
operations was the failure of the alpha scattering instru-
ment head to deploy to the lunar surface upon command.
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Fig. 36. Spacecraft attitude
The soil mechanics/surface sampler was used to exert
force on the head and successfully deployed it. Tests at
Hughes Aircraft Co. and the Surveyor Experiment Test
Laboratory at JPL had previously demonstrated the
feasibility of this method.
3. Surveyor VII Second Lunar Day
Surveyor VII was successfully revived by the Robledo
Deep Space Station at 19:00 GMT February 12 at a signal
level of -123.3 dBm. The spacecraft responded on the
first attempt with the receiver in lock, 56 s following
transmission of the first command.
Engineering assessments conducted after revival indi-
cated the following anomalous conditions:
(1)
(2)
Leg-1 deflection of 28.5 deg, probably due to col-
lapse during lunar night.
Cyclic battery temperature pattern, low battery
pressure, and low battery voltage. The tempera-
ture was 45°F at revival on day 48 (February 12).
On day 44 it rose to 174°F at 10:45 GMT, followed
by a decrease to about 155°F at 17:20 GMT. Sub-
sequently, the temperature increased to 175.8°F at
02:50 GMT on day 45, then decreased again to
157.5°F at 12:02 GMT. As of 02:02 GMT on day 47,
the temperature was 169.4°F and rising.
E (3)
(4)
The battery pressure is under 2 lb, probably due
to a cracked manifold. The battery voltage varied
from a high of approximately 22 V to a low of
approximately 15 V. Preliminary analysis of battery
performance to date indicates that the battery
probably has some shorted cells.
Inoperative 600-line television mode.
Helium pressure under 50 lb (as of 20:00 GMT on
day 43), thereby indicating loss of vernier propul-
sion capability.
Forty-five 200-line television pictures had been received °
as of 02:00 GMT on February 16. Among these were pic-
tures confirming the collapse of leg 1. The soil mechanics/
surface sampler extended upon command and therefore
appears operative. Preliminary checkout of the alpha
scattering instrument indicates that the proton capability
may be inoperative and that the alpha detectors are
operative but somewhat noisy, possibly due to high
temperatures.
Calculation of the spacecraft tilt and landed roll orien-
tation from antenna/solar panel positioner data indicates
the following:
(1) Tilt: magnitude is 5.74 deg; direction is 71 deg
(measured clockwise from the +X axis); X com-
ponent is 1.87 deg; Y component is 5.43 deg.
(2) Landed roll orientation: 24.5 deg (measured coun-
terclockwise from selenographic east)
4. Surveyor Vl Second Lunar Day
Surveyor VI was revived by Robledo Deep Space Sta-
tion on December 14 at 16:41 GMT. The signal level was
approximately -180 dBm on transmitter A on the planar
array antenna. However, the station could not lock on
the signal because the received carrier frequency was
oscillating at about -+-25 kHz/min with a sinusoidal pro-
file. Transmitter A was commanded off with considerable
difficulty, and transmitter B was commanded on at 18:24
GMT on omnidirectional antenna B. Received signal
strength was -140.5 dBm.
Commands continued to be sent in an attempt to find
a commutator processing configuration that would yield
coherent engineering data. The station managed to lock
up on commutator-4 data at 17.2 bps, but all data were
bad. At 19:08 GMT, commutator 5 was commanded on,
and some good telemetry data were recorded in the
spacecraft performance analysis and command area on
the 1219 computer line printer. While preparations were
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being made to position the solar panel closer to the sun,
the spacecraft signal disappeared at 19:14 GMT and
could not be detected again. Commands to turn off
commutator processing and nonessential loads were
transmitted at 19:27 GMT on all receiver/decoder
combinations.
Several more unsuccessful attempts were made to re-
vive Surveyor VI during its second lunar day by using
It ,
various modified versions of Nonstandard Proeedure-32.
The final attempt was made December 21, 1967.
5: Surveyor V Fourth Lunar Day
Surveyor V was revived for its fourth lunar day oper-
ation at 05:45 GMT on day 348. Transmitter B was on
the planar array. Pioneer Deep Space Station reported
the received signal strength was -160.6 dBm, but was
apparently not locked on the main carrier frequency. The
planar array was subsequently peaked on the earth and
signal strengths increased to -115 dBm on transmitter A
and - 118.3 dBm on transmitter B. High power was com-
manded on each transmitter brieflly with characteristic
increases in signal strength of almost 20 dB.
All engineering commutators were cycled at various
bit rates and commutator processing configurations, but
no coherent pulse-code modulation data were received
initially or at any time during this lunar day. Since trans-
ponder B operation was ineffective and verifiable com-
mands were not being received by the spacecraft when
receivers were indexed to receiver B, it was deduced that
receiver B was not functioning.
The alpha scattering device was turned on for a quick
check; the signals were apparently the same as on the
second lunar day. The television camera was operated
in 600- and 200-line mode. The picture quality was
degraded, as occurred during Surveyor V second lunar
day operations. However, good television identification
was received and commutator-7 continued to provide
usable data until loss of spacecraft. In addition to the
television electronics and video temperatures monitored
on commutator 7, periodic ground station receiver voltage-
controlled oscillator frequency readings were recorded
and used to estimate compartment A temperatures
throughout the lunar day operations.
Additional antenna/solar panel positioner stepping was
accomplished to attempt partial shading of compart-
ment A and the television camera while keeping the
planar array on the earth and solar panel adequately
close to the sun.
Surveyor V was turned on again at 01:47 GMT on day
349 after a 2-h standby while an unsuccessful Surveyor VI
revival attempt was made. Some television operations
were performed, and attempts were made to get pulse-
code modulation data in engineering modes with no
improvement in results. Typical word bit patterns, as
reported by the subcarrier oscillator, indicated mode 3
to be all ones and mode 2 all zeroes. No bit stream of any
kind was observed at the 137.5- or 17.2-bps rates.
Spacecraft operations continued with routine
commutator-7 interrogations and ground receiver voltage-
controlled oscillator frequency checks. Transponder A
was turned on and phase locked whenever the schedule
allowed.
Received signal strength was still good with trans-
mitter A on planar array reading -120.0 dBm in low
power and -103.7 dBm in high power.
Periodic commutator-7 data and ground voltage-
controlled oscillator frequency checks continued; other-
wise two-way lock was maintained on transponder A.
Received signal strength was -123.8 dBm as of 05:15
GMT on day 350. At 10:39 GMT, the command reject/
enable subcarrier oscillator was commanded on so that
the oscillator could verify that the antenna/solar panel
positioner stepping commands were being processed by
the spacecraft. Each stepping command caused receiver
indexing and finally loss of down link. When the carrier
was restored, stepping was not attempted again until
after the Surveyor V standby period, during which
Surveyor VI revival was attempted.
Surveyor V was activated at 21:30 GMT and the com-
mand reject/enable subcarrier oscillator was again turned
on in anticipation of antenna/solar panel positioner step-
ping. Receiver indexing occurred at almost every stepping
command sent. All four axes were tried but it was con-
cluded that no movement of the panels was taking place
even though commands were getting into the decoders.
Received signal strength remained almost constant
throughout the stepping sequences.
The antenna/solar panel positioner stepping attempts
were terminated at 02:53 GMT on day 351, and the
spacecraft was configured for television reception. It was
hoped that the 200-line television (low power) shadow
pictures would verify any antenna/solar panel positioner
movement, but picture quality was very poor. Received
signal strength at this time (04:13 GMT) was -127.1
dBm. An attempt was made to go to high power on trans-
mitter A to check the spacecraft's ability to support high
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power television. Although high power was commanded
on, there was no signal, and low power could not be re-
achieved on either transmitter. Shutdown commands
were sent on all receiver/decoder combinations.
Surveyor V revival attempts were made at 13:22 GMT
using Nonstandard Procedure-32 and again at 22:14
GMT with negative results. Several more attempts to
revive Surveyor V were conducted on days 852--855 using
Nonstandard Procedure-82 and almost infinite variations
of the same with no further sustained signal observed.
Subsystem performance.
Power subsystem. Since no telemetry data were re-
ceived from Surveyor V during the fourth lunar day, it is
not possible to analyze any of the power system units
in detail. Apparently all units were functioning normally,
however. The battery was able to sustain high power
operation in excess of 5 min, which indicates the capa-
bility to store some energy. The gradual decay in the
spacecraft's ability to sustain transient loads (i.e., antenna/
solar panel positioner stepping) indicates that the battery
was degraded in a manner similar to the Surveyor I second
lunar day (i.e., shorted cells and perhaps loss of elec-
trolyte).
Thermal subsystem. Shortly after the revival of Sur-
veyor V on its fourth lunar day, it was determined that
all engineering data provided by both the engineering
signal processor and auxiliary engineering signal proces-
sor were unintelligible. However, the television signal
processing was functioning properly and provided valid
data for the television electronics and vidicon faceplate
temperatures (TV-9 and -10).
Because Surveyor V was revived during the lunar noon
interval, it was imperative that attempts be made to esti-
mate compartment A temperatures and maintain the
battery within acceptable limits. To accomplish this,
the transmitted down link frequency during one-way lock
was measured, corrected for doppler deviation, and cor-
related to transmitter crystal temperature. This was the
same method utilized during Surveyor III lunar opera-
tions when faulty signal processing precluded direct
indications. On day 849, the antenna/solar panel posi-
tioner was repositioned to shade compartment A and thus
depress the battery temperature.
All other spacecraft temperatures could be estimated
by using the first and second lunar day temperature pro-
files and assessing the effects of any environmental dif-
ferences (i.e., differences in shading).
J. Deep Space Network Test, Operations,
and Training
Pioneer Deep Space Station (DSS). The Pioneer Sta-
tion of the Goldstone Deep Space Communication Com-
plex (DSCC) was utilized to track Surveyor VII. Backup
tracking was provided by the Mars Station with its 210-ft
diameter antenna. The command and data handling
console (CDC) utilized the Mars Station equipment to
command the spacecraft and receive spacecraft telemetr_.
The midcourse maneuver and terminal descent phases
of mission G were the major events of the Surveyor mix-
sion to be commanded from Goldstone DSCC. The mid-
course maneuver was accomplished during the first
Goldstone DSCC view period. Spacecraft and ground
equipment performed flawlessly. Terminal descent oc-
curred during the third Goldstone DSCC view period.
Pioneer DSS continued tracking Surveyor VII through-
out the first lunar day and into the lunar night. Spacecraft
tracking operations were suspended January 26 at 14:12
GMT. The activity at this station emphasized command-
ing soil mechanics/surface sampler operation and tele-
vision pictures. Alpha scattering data were accumulated
and engineering interrogations were performed.
Operations during this period included use of the soil
mechanics/surface sampler to force the alpha scattering
instrument to the lunar surface after normal deployment
techniques failed. In addition, a laser experiment was
performed in which the spacecraft television was suc-
cessful in "seeing" laser light beams transmitted from
earth. Excellent earth pictures were received throughout
this operational phase.
Pioneer DSS transmitted 80,650 commands to Sur-
veyor VII through the first lunar day and received 11,226
television frames.
TidbinbiUa DSS. During the transit phase of mission G,
Tidbinbilla DSS had three tracking periods prior to
touchdown. The station was in two-way lock with the
spacecraft for 4 h and 33 min during the launch pass, 7 h
and 15 min for the second pass, and 7 h and 30 min dur-
ing the third pass. Eighty-three commands were trans-
mitted to the spacecraft during the transit phase.
During the first lunar day of mission G, Tidbinbilla
DSS tracked Surveyor VII for 18 passes prior to sunset,
plus 8 passes into the lunar night. During this lunar
phase, 44,438 commands were transmitted to the space-
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craft, with 12,312 television frames received, 9015 of
which were commanded by Tidbinbilla DSS.
A total of 242 min of alpha scattering lunar surface
information was accumulated, as well as 15 min of back-
ground information and 252 min of data in the stowed
position. No equipment problems or failures occurred
during the passes, and no trouble and failure reports were
generated for mission G.
]ohannesburg DSS. Johannesburg DSS had decommu-
tator lock for only 4 min during the Surveyor VII launch
pass. During the additional three tracks, command ac-
tivity at Johannesburg DSS was rather minimal, consist-
ing of the following:
(1) Seven engineering interrogations.
(2) One bit rate change--ll00 to 550 bps.
(8) Three gyro drift checks.
Fifty commands were transmitted from Johannesburg
DSS and all were accepted by the spacecraft.
Robledo DSS. Operations during the transit phase of
mission G were minimal, with most of the tracking period
being three-way with Johannesburg DSS. The main ex-
ception to this was for star acquisition, which was per-
formed by Robledo DSS.
Surveyor VII tracking began at L + 6_30 m. The opera-
tions crew worked on the launch, and the complete event
was monitored on the status network. Star acquisition
proceeded smoothly, although it was necessary to use
manual lockon.
As long as the alpha scattering instrument was oper-
ating (temperatures not too hot), Robledo DSS activity
was limited to accumulating alpha scattering data. A
television sequence was also obtained as the instrument
was deployed to the background position. Most television
activity occurred while the station was tracking three-way.
The most significant station activity of this mission was
the television shadow progression sequences which were
run until nearly sunset. Solar corona and other horizon
pictures were obtained at sunset, as were temperature
data in engineering modes.
During the lunar noon when the spacecraft was too hot
for much activity, Surveyor VII was put in standby, and
revival of spacecraft I, III, V, and VI was attempted.
These attempts were unsuccessful.
A total of 13,015 commands was transmitted to the
spacecraft. Robledo DSS tracked Surveyor VII during 15
passes on the first lunar day. There were no CDC equip-
ment or operational problems at this station during mis-
sion G.
Cape Kennedy DSS. Support for mission G consisted
of a DSIF-spacecraft compatibility test, an operation
readiness test, a spacecraft prelaunch countdown phase,
and a postlaunch phase lasting through approximately
the first 40 min of the mission.
The purpose of the DSIF-spacecraft compatibility test,
performed during joint flight acceptance composite
test, was to verify the ability of the Deep Space Network
to support the mission. Command telemetry and televi-
sion interfaces were exercised via the RF link.
The operational readiness test consisted of processing
simulated spacecraft data. The received data were fed
directly into the CDC decommutator, then outputted in
the normal manner back to the SFOF via teletype and
high speed data line.
K. Reliability
1. Engineering
Table 9 lists the reliability growth of the Surveyor
spacecraft. The figures represent calculated reliability
based upon operating time, trouble and failure reports
generated during the systems level tests, during the flight,
and the landing mission. In addition, operating time,
trouble and failure reports from previous spacecraft sys-
tems test, flight and landing missions, and lunar missions
are included where applicable. The Surveyor VII figure
includes Surveyor VII testing and mission experience
through touchdown.
Table 9. Spacecraft reliability growth
Subsystem I II III IV V VI VII
Telecommunications J0.925 0.944 0.965 0.929 0.987 0.991 0.992
Vehicle and 0.816 0.868 0.907 0.854 0.853 0.880 0.899
mechanism
Propulsion 0.991 0.991 I0.968 0.947 0.934 0.927 0.927
Electrical power 0.869 0.958 0.935 0.953 0.985 0.988 0.977
Flight control 0.952 0.889 0.971 0.931 0.945 0.940 0.922
Systems interaction 0.736 0.949 0.967 0.978 0.986 0.999 0.904
factor
Spacecraft 0.456 0.658 0.745 0.653 0.723 0.751 0.674
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L. Quality Assurance1_
Quality assurance efforts for the period mid-December
1967 to mid-February 1968 consisted of monitoring Sur-
veyor VII test and launch operations at the Air Force
Eastern Test Range (AFETR) and participating in the
phaseout of deliverable Surveyor equipment at both
Hughes Aircraft Company (HAC), El Segundo, and
AFETR. Monitoring of Surveyor VII at AFETR prog-
ressed smoothly during the latter phases of test and final
launch preparations. No major problems were en-
countered.
Participation in the Surveyor equipment phaseout has
primarily consisted of sample inspection of both hard-
ware and software.
M. Flight Testing
Surveyor VII completed the following test and prepara-
tion phases at the Air Force Eastern Test Range.
(1) Propellant system leak tests.
(2) Final weight and alignment.
(3) Performance verification test 6.
(4) Installation of flight sources in the alpha scattering
sensor head.
(5) System readiness test; countdown and launch.
l_Prepared by JPL Technical Section 151.
Composite bladder leak checks on December 14 ex-
hibited leakage well within system tolerance. Fuel tanks
1 and 2 were previously replaced. The helium decay test
indicated leakage slightly out of system specifications.
The source of most of the leakage was determined to
be at the helium tank/flight transducer attachment
O-ring. This O-ring was replaced, and no further leakage
in this area was observed. An additional helium decay
test was performed with leakage rates essentially the
same as observed initially. The decision was made to "use
as is" after calculations and analysis had been performed.
Final propellant loading operations were accomplished
without incident during December 15 and 16, 1967. After
propellant loading, the standard high pressure leak test
and bladder integrity test were performed to validate the
integrity of the vernier propulsion system.
Performance verification test 6 was successfully per-
formed from December 16 through 29, 1967. During the
overtravel measurements on the omnimicro switches,
the omnidirectional antenna A extend switch installation
was found to be incorrect. The switch was removed and
reinstalled.
On December 22 the spacecraft was mated to the
Centaur forward adapter. Final flight preparations were
continued through January 2, 1968, when the spacecraft
was encapsulated. The spacecraft was moved to launch
pad 36A January 3. RF link optimization, system readi-
ness test, countdown, and retroengine arm check were
accomplished without difficulty on January 3, 1968. On
January 7 the countdown was completed and the space-
craft was launched at 06:30 GMT.
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IV. Advanced Planetary Missions Technology
ADVANCED STUDIES
A. Introduction
An Advanced Planetary Missions Technology (APMT)
program has been established under the cognizance of
the JPL Assistant Laboratory Director for Flight Projects.
Mission and system studies and scientific and engineer-
ing work are being performed to support planning and
advance the state of the art applicable to future planet-
ary missions. Information concerning the current APMT
technological activities are reported in this chapter of
SPS, Vol. I.
B. Telecommunications
1. Tape Recorder Record/Playback Amplifier
Development
a. Introduction. A spacecraft tape recorder that will
hold more than 10 :) bits of digital information is being
developed by JPL. The recorder will have at least
20 tracks, and perhaps as many as 40 tracks, on 1-in. tape.
The same magnetic head will be used for record and
playback. The advantages of this approach are: (1) elimi-
nation of alignment error between record and playback
heads, (2) a 50% reduction in the number of head stacks
required with resultant space saving, (3) a reduction in
tape wear due to friction, and (4) a reduction in friction-
induced drag on the drive motor.
The use of one head per track for record and playback
complicates the electronics slightly. For best performance,
the playback amplifier must be disconnected from the
head (and record amplifier output) during recording.
Since the recorder is to be operated remotely, electronic
switching is required for this function. It is possible to
design a record amplifier that can remain connected to
the head during playback. Electronic switching is also
used to disconnect power from either or both amplifiers
when not in use.
When one head is used for record and playback, the
number of turns on the head is a function of the record
requirements and the available winding space. With
voltage-limited constant current recording, which is the
selected approach, head current rise-time is proportional
to the number of turns. Fast rise-times are needed for
high-density recording. An upper limit is thus established
on the number of turns by the record requirements. In
playback, the signal is proportional to the number of
turns and the tape speed. Tape speed is usually set by the
tape transport capability and/or required output data-
rate. The playback signal is maximized by making the
number of turns as large as possible, i.e., the limit estab-
lished by the record parameters. This argument neglects
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the effects of winding capacitance, eddy currents, etc.,
which are secondary over a broad range of frequency and
turns. A 1000-turn, center-tapped head will be used in
this application. This choice is based on the 4-/Ls record
current rise-time requirement (Table 1).
Forty tracks/in, require individual track widths of
about 0.018 in. The playback tape speed may be as low as
0.02 in./s. These parameters give a playback signal ampli-
tude of about 40/_V (peak-to-peak) from a saturation-
recorded tape with the 1000-turn head. This signal level
can be drastically affected by electrical noise caused by
stray pickup. Therefore, it is desirable to have the play-
back amplifier as close to the head as possible to mini-
mize pickup. The record amplifier should also be close
to the head because it remains connected to the head
during playback. A miniature package containing the two
amplifiers and associated switching circuits would satisfy
the constraints. The parallel development of two record/
playback amplifier circuits for this application is described
in the remainder of this article.
b. Motorola development. The Military Electronics
Division of Motorola, Inc., has been contracted to develop
and deliver 10 record/playback amplifier hybrid circuits
made with chip transistors and nichrome resistors on
silicon chips. These components will be mounted on two or
three unglazed ceramic substrates which have aluminurn_
over-molymanganese interconnection lines. Each sub-
strate will be mounted on a l&-in.-diameter To-8 header
and capped. The complete circuit will be assembled in
a 1A-in? fiat module. "
The electrical requirements of the circuit are given in
Table 1. The record amplifier will provide constant cur-
rent drive to a 1000-turn, center-tapped head. The record
current will be adjustable from 1 to 4 mA with an ex-
ternal resistor, to obtain the optimum flux for saturation
recording on various magnetic tapes.
Table 1. Record/playback amplifier circuit electrical requirements
Parameter
Logic input voltage V_ at "1" level, V
Logic input vol|age V_ at "0" level, V
Logic input current I_ at "1" level,/aJk
Logic input current I_ at "0" level, mA
Non-return-to-zero logic input frequency f_, kHz
Logic input voltage transition tr and ts',/s,s b
Head record current amplitude Ix, mA
Record current difference Io, %e
Head record current transition time, p.s d
Head playback voltage amplitude Vu, mV (p-p)
Amplifier frequency response, dB
Amplifier voltage gain V0
Mode control: record on, playback off, V
Mode control: record off, playback on, V
On-off control: off (no power), V
On-off control: on (power to either record or playback), V
Power dissipation, mW
Noise output Vn,/zV (rms)
aTemperature _ --20 to +1000C.
bFrom "0" to "1" or from "1" to "0" level -- 10 to 90% levels.
Min
2.5
0.0
dc
1.0
--1.0
0.04
45
2.5
0.0
0.0
2.5
Value
Max
6.0
0.5
50.0
--2.0
40
1.0
4.0
--4.0
5
4
40
+0.5
55
6.0
0.5
0.5
6.0
100
50
Mode
Record
Record
Record
Record
Record
Record
Record
Record
Record
Conditions a
V_ ---- 6.0 V
V_ = 0.0 V
V, = 2.5-6.0 V
V, _ 0.00.-0.5 V
V, = 0.0-6.0 V
V_ ---- 6.0-0.0 V
tr and t; ---- 1 /_s
fo = 50-40 kHz
lO-kf_, 50-pF load
550
Playback
Playback
Playback
Record
Playback
Record/playback
Record
Playback
M
m
In ---- 4 mA
Playback
m
50 Hz to 100 kHz bandwidth
._=[¢I+,.[-I-,. I)/+,.] lo0.
dTime from -t-I/1 to --Itl or from --I_r to +IH measured from 10 to 90% levels.
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Motorola is presently in the design phase of the project.
Considerable effort is being made to optimize the play-
back amplifier for low-noise performance to get the best
possible signal-to-noise ratio. It will be a differential
stage, using the best low-noise transistors. Two junction
field effect transistors are used as switches to connect the
differential stage to the magnetic head. Breadboard
measurements indicate the best noise performance that
•,can be expected with the 1000-turn head is about 4 _V
rms equivalent input noise in a 5-Hz to 100-kHz band-
width, and 0.3 _V in a 5-Hz to 1-kHz bandwidth. This
_,will give a 33-dB signal-to-noise ratio in the 5-Hz to 1-kHz
bandwidth with a 40-_V peak-to-peak signal. The operat-
ing signal-to-noise ratio will be lower due to amplitude
modulation of the head signal caused by tape tracking
variations, tape dropouts, and the contributions of other
noise sources. The Motorola circuit schematic is not given
at this time because the design has not been completed.
c. General Instrument Corporation circuit. The Hybrid
Circuit Department of General Instrument Corporation
was contracted to build five record/playback amplifier
circuits by thick film technology to the requirements given
in Table 1. The term "thick film technology" generally
implies that the passive components (resistors and some-
times capacitors) and interconnection patterns have been
screened (printed) onto a ceramic substrate and fired to
bond the materials to the substrate. Silicon chip diodes
and transistors are then attached to the substrate.
For resistors, General Instrument uses a proprietary
Cermet formulation consisting of a non-oxidizable noble
metal alloy dispersed in a glass matrix. The mixture is
kept in suspension to permit printing with fine-mesh
metal screen stencils. The firing cycle and the metal-glass
proportions determine the resistivity and temperature
coefficient of the resistors. These techniques yield typical
conductor line widths of 5 mils, and minimum resistor
dimensions of 10 >( 15 mils. Sheet resistivity can range
from 250 to 330 kf_/square. The initial resistor tolerance
is ±10%. Tolerances down to 1% can be obtained by
trimming.
The General Instrument circuit is shown in Fig. 1.
General Instrument has delivered three record/playback
amplifier circuits. Test results on these units are sum-
marized in Table 2. Performance at +25°C is satisfactory,
with the following exceptions. Playback output noise is
Table 2. Summary of General Instrument record/playback amplifier test results
Value
Parameter Conditions a
Power dissipation: record, mW
Power dissipation: playback, mW
Record current difference ID, %u
Record current temperature stability
(Alu/IH) 100, %
Record current transition time, ps
Playback amplifier voltage gain V0
Playback amplifier frequency response, dB
Maximum undistorted playback output, V (p-p)
Playback output voltage offset, mV (dc)
Playback output noise V_, mV (rms)
No. 1 No. 2 No. 3
50.0 53.1 52.0
110 113 112
52.8 52.8 53.1
1.9 1.1 2.5
0.7 1.3 2.1
0.8 1.6 2.5
0.8 0.1 1.1
0.4 0.5 0.4
4 4 4
51.0 47.8 47.0
49.4 46.4 45.6
47.8 45.0 44.0
<1 <1 <1
8 8 8
5 50 30
0.7 0.7 1.0
aTemperature _ 25°C unless stated otherwise.
_= [(I +_"l- I-'" I)/+ '-] 100.
IH =
IF." =
lit =
lit =
I11 =
IH =
1 mA
4 mA
I mA; temperature --_ --10°C
I mA; temperature ---- _250C
I mA; temperature = -I-70°C
1 mA; temperature = --10 to -I-25°C
1 mA; temperature ---- -{-25 to -f-70°C
10 to 90% measurement
Vu = 50 mV (rms); fo ---- 1 kHz; temperature = -- 10°C
Vu ---- 50 mV (rms); fo ---- 1 kHz; temperature = _-25°C
V. _-- 50 mV (rms); fo --_ 1 kHz; temperature _-- -_-70oC
VH--_ 5mV(rms); fo = ! to 50kHz
At 1 kHz; load resistance RL --_ 10 k_
V. = 0; load resistance RL = 10 kf_
50 Hz to 100 kHz bandwidth
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' 39 kg.
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:820
Q2
_RECORD
INPUT
I00 pF
150k_ 200k_
.Q6
-12V
QI7
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T
QI,3, 4_ 6_ 14, 15116 2N930
Q2, 5,718, % 17tl8 2N2605
QIO, I[ 2N4043
QI2113 2N4857
CRs IN914
Q = TEST POINT
Fig. 1. General Instrument Corporation record/playback amplifier circuit
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rather high, probably due to excess noise in the Cermet 
resistors. This will be verified in subsequent testing of 
the resistors. The gain on units 2 and 3 is slightly low. 
Unit 3 is low enough to drift out of specification at 
+70°C. The gain stability over the -10 to +70°C range 
is quite good, however, as is the record current stability 
and difference. The playback amplifiers in these units lose 
their dc stability a little above +70"C, causing gain, 
power dissipation, and offset to increase rapidly. 
The General Instrument device is shown in Fig. 2 with 
,its lid removed. The package is % X % in. and is 0.067 in. 
thick. The entire circuit has been built on one substrate. 
The three large square objects are two silicon resistor 
chips and a metal-oxide-silicon capacitor. The smaller 
square objects are diode and transistor chips. Note the 
glass insulation on the interconnection lines where the 
small jumper wires cross. Some of the Cermet resistors 
have been trimmed by removing part of their width. 
With the exception of playback output noise which 
would be troublesome at very low signal levels, the 
Fig. 2. General Instrument Corporation record/playback 
amplifier package with lid removed 
General Instrument units perform satisfactorily. Environ- 
mental tests will be done at a later time. 
C. Propulsion 
1. Mars landing Site Alteration Study 
a. Introduction. The analytical and experimental stud- 
ies in support of the Mars landing site alteration study are 
continuing. The site alteration study was initiated to 
provide a thorough evaluation of all known aspects of 
Mars surface alteration which might be anticipated from 
the terminal descent rocket mechanization for a soft 
lander. A detailed explanation of the overall program 
and a description of the major subtasks are presented in 
SPS 37-47, Vol. I, pp. 84-88. The objective of the current 
joint JPL/Langley Research Center (LaRC) site alteration 
test program is to provide the necessary experimental test 
data for input to the analytical studies and for correlation 
with analytical results. The Phase I test program is in- 
tended to study the thermal and mechanical interactions 
of a rocket exhaust on a normally impinged surface. The 
Phase I1 test program will emphasize testing of chemical, 
biochemical, and mineralogical interactions with the rocket 
exhaust. Operating conditions will include both static 
(fixed engine) and dynamic (falling engine) simulations. 
b. Phase Z test program. Preparations are nearing 
completion for Phase I of the comprehensive joint JPL/ 
LaRC site alteration test program. Two rocket engines 
have been test-fired and delivered to LaRC in support of 
this program. These include a modified Surveyor sea-level 
engine and a throttleable monopropellant hydrazine en- 
gine which is similar to the configuration currently under 
development for the Mariner Mars 1969 spacecraft. JPL 
has also supplied an integrated propellant tank skid 
assembly containing most of the major elements of the 
propellant feed system. The buildup of the rocket firing 
system, including installation of the bipropellant motor, 
has been completed in the 41-ft test sphere at LaRC. 
Engine instrumentation and control wiring are complete. 
Specified engine parameters and all of the science (flat 
plate temperature and pressure) measurements are to be 
recorded on tape for processing through an LaRC data 
processing system to engineering units. The science mea- 
surement system is the only major element of work to be 
completed before initiation of the first motor firing. 
The general Phase I test program is outlined in Table 3. 
It can be seen that the Phase I program has been broadly 
divided into two parts: (1) flat plate tests for heat transfer, 
pressure profile, and boundary layer profile data; and 
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Table 3. General Phase I test program outline
Test conditions
Phase IA--flat plate tests
Heat transfer and static pressure profile
Boundary layer velocity profiles
Phase IB_soil mechanics tests
Soll bed crater_ng, d_ffuslon, and parHcle transport
Engine type
Bipropellant
Monopropellant
Bipropellant
Monopropellant
Bipropellant
Monopropellant
Chamber pressure
test levels,
Ib (al/in?
70,100,150
50,100,150
70,100
50,150
70,150
50,150
Range of static
separation distance
(I/4 scale), ft
2-20
2-20
2-20
2-10
Range of dynamic
test cutoff height
(1/4 scale), ft
2-6
2--6
3-5
3-5
(2) soil mechanics tests for cratering, diffusion into a
porous medium, and particle transport. Both the bipro-
pellant and monopropel]ant engines will be utilized to
provide comparative results for the two principal con-
tenders for a descent propulsion application. Additional
variables will include engine chamber pressure, ambient
(back) pressure, separation (engine-to-surface) distance,
and engine cutoff altitude in a simulated constant velocity
descent. All tests will be performed using 120-deg wedge
walls to simulate a typical multi-engine descent pro-
pulsion system.
2. Sterilizable Initiators for Electroexplosive Devices
The technology effort directed toward the evaluation
of a sterilizable electroexplosive initiator previously de-
scribed (SPS 37-47, Vol. I, pp. 82-84) has been continuing.
A lot consisting of 48 single bridgewire Apollo standard
initiators, containing a nonconductive pyrotechnic mix,
was fabricated and has been tested under the conditions
described in Table i, SPS 37-47, Vol. I.
The lot was divided into two groups of 24 units each.
One group was subjected to all the test parameters, with
the exception of the thermal sterilization cycles. Its pur-
pose was to act as the control group. Inspection of the
testing results obtained from this group indicates that
there was no degradation in the performance of the initia-
tors as a result of the testing performed. This included the
electrostatic and radio frequency environmental tests.
The second group of 24 units, representing the balance
of the initiators, was subjected to all of the environmental
stresses and test parameters as the control group, with
the additional condition of 9 cycles of 36 h each cycle
at 135°C. The results of this testing are being evaluated
and will be reported in the future.
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